DDC  FILE  COPf  AD  AO  61  086 


BOUNDARY  LAYER  EFFECTS  — PROCEEDINGS  OF  THE 
7TH  U.S.  AIR  FORCE  / FEDERAL  REPUBLIC  OF 
GERMANY  DATA  EXCHANGE  AGREEMENT  MEETING 


DR.  ANTHONY  W.  FIORE 
AEROMECHANICS  DIVISION 


SEPTEMBER  1978 


' 


TECHNICAL  REPORT  AFFDL-TR-78-1 1 1 

Technical  Proceedings  Report  for  Period  April  1977  — April  1978 


AIR  FORCE  FLIGHT  DYNAMICS  LABORATORY 

AIR  FORCE  WRIGHT  AERONAUTICAL  LABORATORIES 


AIR  FORCE  SYSTEMS  COMMAND 
WRIGHT-PATTERSON  AIR  FORCE  BASE,  OHIO  4543  3 


u 


\ 


NOTICE 


When  Gdvernment  drawings,  specifications , or  other  data  are  used  for  any  pur- 
pose other  than  in  connection  with  a definitely  related  Government  procurement 
operation,  the  United  States  Government  thereby  incurs  no  responsibility  nor  any 
obligation  whatsoever;  and  the  fact  that  the  government  may  have  formulated , 
furnished,  or  in  any  way  supplied  the  said  drawings,  specifications,  or  other 
data,  is  not  to  be  regarded  by  implication  or  otherwise  as  in  any  manner  licen- 
sing the  holder  or  any  other  person  or  corporation,  or  conveying  any  rights  or 
permission  to  manufacture,  use,  or  sell  any  patented  invention  that  may  in  any 
way  be  related  thereto. 

This  report  has  been  reviewed  by  the  Information  Office  (01)  and  is  releasable 
to  the  National  Technical  Information  Service  (NTIS) . At  NTIS,  it  will  be  avail 
able  to  the  general  public,  including  foreign  nations. 

This  technical  report  has  been  reviewed  and  is  approved  for  publication. 


DR.  J.  CHRISTOPHER  BOISON 
Chief,  Thermomechanics  Branch 
Aeromechanics  Division  Aeromechanics  Division 


FOR  THE  COMMANDER 


MELVIN  L.  BUCK 

Acting  Chief,  Aeromechanics  Division 


"If  your  address  has  changed,  if  you  wish  to  be  removed  from  our  mailing  list, 
or  if  the  addressee  is  no  longer  employed  by  your  organization  please  notify 
AFFDL/FXE  ,W-PAFB,  OH  45433  to  help  us  maintain  a current  mailing  list". 

Copies  of  this  report  should  not  be  returned  unless  return  is  required  by  se- 
curity considerations , contractual  obligations , or  notice  on  a specific  document. 


AIR  FORCE/56780/2  October  1978  - 250 


u. 


UNCLASSIFIED 


SECURITY  CL  JSS'FIO  ATION  OF  Phi*  ®AOE  f**»,h"n  Hate  Entered) 


u 


REPORT  DOCUMENTATION  PAGE 


t.  report  mjmoer 


AFFPL-TR-78-111 

4.  fif LE  fmnd  ^ub!! //'•" " 


,2.  GOVT  ACCESSION  NO. 


BOUNDARY  LAYER  EFFECTS 


7.  AUTHORfM 

Dr 


Anthony  W. /Fiore^ 


Editor 


RFAP  INSTRUCTIONS 
BEFORE  COMPLETING  FORM 


3 PFCl°'f  >'T*'  CAT  Ai_OG  NUMBER 


r 0-  T'lFe  OP  REPORT  A PERIOD  CQA/ 

/ 'Technical  Proceedings  Kej 


■J  — 

£*€.D 


77  to  Apg 


:ep»rt 

78 


6.  PERFORMING  org.  report  number 


8 CONTRACT  OR  GRANT  NUMBERfiJ 


11.  CONTROLLING  OFFICE  NAME  AND  ADORESS 

Aeromechanics  Division 


Air  Force  Flight  Dynamics  Laboratory 
Wright-Patterson  Air  Force  Base,  OH  45433 


n 


14.  MONITORING  AGENCY  NAME  & frn  - 


( /3 


1C  PPCGPAY  element,  PROJECT.  T ASK 
A PC*  A WORK  UNiT  MuuflCBS 


9.  PERFORMING  ORGANIZATION  NAME  AND  ADDRESS  ^ — 

Aeromechanics  Division  (FXE)  / 

Air  Force  Flight  Dynamics  Laboratory  (AFSC)  \ J [)  jj  MWDDEA~  AF-75-G-744,0'  l 
Wright-Patterson  Air  Force  Base,  OH  45433  


l 


>2.  BEPORJ.  OAIS— 

Sepluubi_*"1078 


U-  RwBfF  n«-nxi« 

474 


15.  SECURITY  CLASS,  (of  this  report) 

Unclassified 


1S«.  DECLASSIFICATION  DOWNGRADING 
SCHEDULE 


16.  DISTRIBUTION  STATEMENT  (of  this  Report) 

Approved  for  public  release;  distribution  unlimited. 


3oundpry  Layer  E^fects-Proceedings 
i7.  distribution  of  the  7 th  Li.  S.  Air  Foret  ^Fed< 

\ Republic  of  Germany  Data  Exchange 
Agreement  Meeting* 


18  SUPPLEMENTARY  NOTES 

Proceedings  of  the  7th  U.S.  Air  Force/Federal  Republic  of  Germany 
Data  Exchange  Agreement  Meeting,  25-27  April  1978,  Naval  Post  Graduate 
School,  Monterey,  California. 


19.  KEY  WORDS  ( Continue  on  reverse  side  if  necessary  and  identify  by  block  number; 


Turbulent  Boundary  Layers 
Numerical  Methods 
Transonics 

High  Reynolds  Number 


Hydrodynamics 
Separated  flows 
Supersonics 

Boundary  Layer  effects 


ABSTRACT  (ConUnus  on  reverse  side  if  necessary  and  identify  hy  block  number) 

In  1975  the  U.S.  Air  Force  and  the  Federal  Republic  of  Germany  signed  a Data 
Exchange  Agreement  numbered  AF-75-G-7440  entitled  ^Viscous  and  Interacting 
Flow  Fields.**  The  purpose  was  to  exchange  data  in  the  area  of  boundary  layer 
research.  It  includes  both  experimental  and  theoretical  boundary  layer  researcji 
at  speeds  from  subsonic  to  hypersonic  Mach  numbers  in  the  presence  of  laminar, 
transitional,  and  turbulent  boundary  layers.  The  main  effort  in  recent  years 
has  been  on  turbulent  boundary  layers,  both  attached  and  separated  in  the 
presence  of  such  parameters  as  pressure  gradients,  wall  temperature,  surface  — 


7 


DD  , jan *7 j 1473 


EDITION  OF  1 NOV  65  IS  OBSOLETE 


_ UNCLASSIFIED 


Sf  CURI  T Y CLASSIFICATION  OF  T MIS  P M.C  ( \%l,en  I 'eta  I 


UNCLASSIFIED 

SECURITY  CLASSIFICATION  OF  T HI  S P AC.  Ef  HTien  Dala  hnUrod) 


roughness,  etc.  ,The  research  presented  in  this  report  covers  the  period  April 
1977  to  April  1978.  *-In  the  United  .States  the  research  was  conducted  in  various 
Department  of  Defense,  NASA,  Aircraft  Corporations,  and  various  University 
laboratories.  In  the  Federal  Republic  of  Germany  it  was  carried  out  within  the 
various  DFVLR,  Industrial,  and  University  research  centers. 


kc:v;h»  m 

CIS  »«•  ^ 

Ml  ftin  smiim  'o 

muuhnwcei  n 

JISTIflUlIM 


tlSTSIWTIM/MHIUIILITY  WB 

“list  mail  n</g  tfaiiT 


EL 


D D C 

?f7ar?nn  prp 


NOV  9 1978 


ISIS1ST 

d 


i !f 


UNCLASSIFIED 

r.TCURlT  Y CL  ASSIf  ICATION  or  1 HIS  PAGt  fUfion  Pott*  I ntBted) 


FOREWORD 


1 


The  7th  U.S.  Air  Force/Federal  Republic  of  Germany  Data  Exchange 
Agreement  Meeting  entitled  "Viscous  and  Interacting  Flow  Fields"  num- 
bered MWDDEA  AF-75-G-7440  was  sponsored  by  the  Air  Force  Flight  Dynamics 
Laboratory  and  hosted  by  the  U.S.  Navy.  It  was  held  on  25/27  April  1978 
at  the  Naval  Post  Graduate  School  in  Monterey,  California.  This  report 
contains  the  detailed  proceedings  of  that  meeting.  It  contains  both 
theoretical  and  experimental  results  covering  a great  variety  of  topics 
in  the  area  of  boundary  layer  research.  The  speed  range  is  from  subsonic 
to  hypersonic  Mach  numbers.  The  types  of  boundary  layers  were  laminar, 
transitional,  and  turbulent;  both  fully  attached  and  separated.  Similar 
problems  in  the  area  of  hydrodynamics  are  also  included. 

The  Air  Force  wishes  to  thank  Mr.  William  C.  Volz  of  the  Naval 
Systems  Command  for  his  efforts  in  preparing  the  meeting.  Thanks  is 
also  extended  to  the  Superintendent  of  the  Post  Naval  Graduate  School 
for  the  use  of  his  pleasant  facilities.  In  addition  the  Air  Force  wishes 
to  thank  the  following  Naval  Post  Graduate  School  personnel  for  their 
efforts.  Professor  Louis  Schmidt  who  made  the  preliminary  arrangements 
for  the  meeting,  Mrs.  Evelyn  Basham  for  taking  care  of  all  the  necessary 
motel  reservations  and  all  the  other  clerical  support  rendered  during 
the  meeting.  Messrs.  Robert  Besel  and  T.  Dunton  for  their  assistance  in 
the  conference  room.  Finally  the  Air  Force  wishes  to  thank  all  the 
participants  from  the  Federal  Republic  of  Germany  for  their  scientific 
contributions  and  for  coming  such  a long  distance  for  this  meeting. 

This  report  contains  the  proceedings  of  the  7th  U.S.  Air  Force/ 
Federal  Republic  of  Germany  Data  Exchange  Agreement  Meeting  covering 
many  investigations  conducted  in  both  the  United  States  and  the  Federal 
Republic  of  Germany  as  part  of  the  Data  Exchange  Agreement  number  AF-75- 
G-7440  entitled  "Viscous  and  Interacting  Flow  Field  Effects."  The  meeting 
was  hosted  by  the  U.S.  Navy  with  Mr.  William  Volz  as  coordinator.  It  was 
held  on  25/27  April  1978  at  the  Naval  Post  Graduate  School  in  Monterey, 
California. 

The  contribution  from  the  United  States  was  research  performed  within 
the  Air  Force  Flight  Dynamics  Laboratory,  the  U.S.  Navy,  the  U.S.  Army, 
NASA,  and  various  American  Aircraft  Companies  and  Universities. 

The  contributions  from  the  Federal  Republic  of  Germany  were  from 
such  organizations  as  DFVLR-AVA-G6ttingen , DFVLR-Linden  Hohe , the 
Universities  of  Berlin-Karlsruhe , and  Hamberg,  and  such  aircraft  cor- 
porations as  VFW-Fokker  and  Dornier. 

The  research  report  was  conducted  from  April  1977  to  April  1978. 
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Introductory  Comments 


K.-H.  Gronau 

German  Federal  Ministry  of  Defense 
Bonn , Germany 


As  Project  Officer  and  representative  of  the  Federal  Ministry  of  Defense 
I should  like  to  thank  Mr.  Volz  on  behalf  of  all  German  participants  for 
his  warm  welcoming  remarks.  It  is  ten  years  now  since  German  and  Ameri- 
can scientists  began  to  hold  joint  meetings  and  embarked  on  collaborative 
efforts  under  a mutual  data  exchange  program  in  the  field  of  boundary 
layer  research.  During  the  past  two  years,  this  data  exchange  program 
has  been  conducted  under  the  new  caption  of  "Viscous  and  Interacting  Flow 
Field  Effects"  to  stress  the  importance  of  this  specific  area  of  research 

The  idea  to  hold  this  year's  meeting  here  in  Monterey,  a particularly 
picturesque  place  on  the  Pacific  Coast  of  the  United  States,  sprang  from 
a desire  of  our  American  partners  to  combine  the  pleasant  with  the  useful 
and  I think  that  by  choosing  Monterey  as  a meeting  place  they  have  fully 
succeeded  in  achieving  this  aim. 

In  my  capacity  as  spokesman  of  the  German  delegation,  I should  like  to 
express  our  sincere  gratitude  to  Dr.  Fiore  and  Mr.  Volz  in  particular 
for  the  careful  and  extensive  work  they  have  done  in  preparation  of  this 
meeting.  This  year  we  have  for  the  first  time  selected  the  subjects  of 
our  presentations  on  a reciprocal  basis  to  take  into  account  both  the 
specific  interests  of  each  side  and  our  common  objectives  at  this  meeting 

Since  1975,  the  benefits  from  our  collaborative  scientific  activities 
and  planning  concepts  have  been  substantially  increased  by  the  publica- 
tion of  the  proceedings  of  our  meetings.  I am  glad  that  we  have  been 
able  to  send  you,  in  advance  of  this  year's  meeting,  the  proceedings  of 
our  last  annual  meeting  held  at  the  German  Aerospace  Research  and  Testing 
Insiitution  (DFVLR)  in  Gottingen. 

I should  like  to  thank  all  participants  for  -heir  keen  interest  which  is 
evidenced  by  the  long  journeys  they  have  made  to  join  our  meeting.  I 
trust  that  the  presentations  and  discussions  to  be  helf  in  the  next  three 
days  will  help  to  stimulate  us  in  our  research  work  and  will  lead  us  to 
reflect  on  the  approach  we  have  chosen  and  maybe  give  it  a new  direction. 
With  this  purpose  in  mind,  I wish  the  meeting  every  possible  success. 
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INTRODUCTORY  REMARKS 
by 

H.  U.  Meier 

Deutsche  Forschungs-  und  Versuchsanstalt  fur  Luft-  und  Raumfahrt  E.V. 

Aerodynamische  Versuchsanstalt  Gottingen 

First  of  all,  I would  like  to  thank  Dr.  A.  Fiore  and  Mr.  W.  Volz  for 
organizing  this  DEA  meeting  and  the  Naval  Postgraduate  School  for  hosting  it. 

Rather  than  describe  the  results  which  have  been  generated  by  the  inter- 
action of  scientists  at  these  meetings  for  the  past  seven  years,  I would  like 
to  describe  a new  joint  research  project  where,  for  the  first  time,  scientists 
from  both  countries  will  be  involved.  This  activity  was  agreed  upon  at  the 
Gottingen  meeting  in  April  1977  and  will  be  an  experimental  and  theoretical 
investigation  of  3-D  boundary  layers  on  a body  of  revolution.  Our  interest 
in  this  project  is  based  on  long-term  research  at  the  DFVLR-AVA  Gottingen 
for  the  purpose  of  improving  and  checking  existing  3-D  turbulence  models.  Our 
contribution  will  be  a detailed  experimental  study  of  the  turbulent  boundary 
layer  on  a fuselage-like  body. 

It  should  be  mentioned  that  these  first  experiments  shall  only  be  the 
start.  Further  configurations  (wings,  missiles)  will  be  investigated  at 
subsonic,  transonic  and  supersonic  speeds.  Thus,  the  whole  scope  of  the  DEA 
"Viscous  and  Interacting  Flow  Field  Effects"  will  be  covered. 

So  far,  the  following  research  institutions  are  or  will  be  involved  in 
this  project: 

Douglas  Aircraft  Co.,  Long  Beach,  T.  Cebeci  (Calculation  Methods). 

NSWC , W.  J.  Yanta  (Measuring  Techniques). 

DFVLR,  Gottingen,  H.  U.  Meier,  H.  P.  Kreplin,  H.  Bippes  (3-D  Boundary 

Layer  and  Transition  Experiments);  J.  C.  Rotta,  G.  R.  Schneider 

(Turbulence  Models,  Calculation  Methods);  E.  H.  Hirschel,  R.  Grundmann 

(Calculation  Methods). 

Dornier  GmbH,  H.  W.  Stock  (Calculation  Methods). 

VFW-Fokker , P.  Thiede  (Calculation  Methods). 

Due  to  the  importance  and  relevance  of  this  project  to  a variety  of 
aeronautical  applications,  and  because  of  the  manpower  and  high  cost  involved, 
international  cooperation  is  not  only  very  useful,  but  necessary.  Thus,  during 
this  meeting  we  hope  to  convince  mroe  of  our  American  colleagues  to  join  us 
and  contribute  to  this  specific  field  of  research. 

In  closing,  I would  like  to  express  my  appreciation  to  Dr.  Gronau  from 
the  German  Ministry  of  Defense  for  making  the  arrangements  necessary  for  us 
to  attend  this  conference. 
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Welcoming  Statement 


1 


Anthony  W,  Fiore 

Air  Force  Flight  Dynamics  Laboratory 
Wright-Patterson  Air  Force  Base,  Ohio 


On  behalf  of  the  United  States  Air  Force  and  the  Flight  Dynamics 
Laboratory  I want  to  wecome  you  to  the  7th  U.S.  Air  Force/Federal 
Republic  of  Germany  Data  Exchange  Agreement  Meeting.  As  you  know  the 
subject  is  "boundary  layer  effects."  A preliminary  glance  at  the 
agenda  indicates  that  the  material  to  be  presented  in  this  symposium 
is  of  interest  to  both  the  United  States  and  the  Federal  Republic  of 
Germany.  I am  sure  this  symposium  will  be  as  successful  as  the  pre- 
vious D.E.A.  meetings.  I want  to  thank  the  U.S.  Navy  for  being  so 
generous  to  the  Air  Force  and  permitting  us  to  use  the  wonderful 
facilities  of  the  Naval  Postgraduate  School.  On  behalf  of  the  Air 
Force  I wish  to  extend  its  thanks  to  all  the  participants  and  in 
particular  to  our  German  Colleagues  who  have  come  such  a long  dis- 
tance for  this  meeting.  Now  I would  like  to  turn  the  meeting  over 
to  the  chairman,  Mr.  William  Volz,  so  your  work  can  being.  Thank  you. 
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CALCULATION  OF  VISCOUS  EFFECTS  ON  REAR-LOADED  AIRFOILS 
WITH  CONSIDERATION  OF  A LOCAL  TRAILING  EDGE  SOLUTION 

by 

P.  Thiede 

Vereinigte  Flugtechnische  Werke-Fokker  GmbH 
D 2800  Bremen,  Hunef eldstrasse  J\ — 5,  Germany 


SUMMARY 

A method  is  outlined  for  the  calculation  of  viscous  effects 
on  rear-loaded  airfoils,  including  the  strong  viscous-inviscid 
interaction  at  airfoil  trailing  edges.  The  boundary  layer 
solution  on  the  airfoil  and  in  the  wake  is  combined  with 
Melnik's  local  trailing  edge  solution,  using  the  method  of 
matched  asymptotic  expansions.  The  viscous  effects  are  simu- 
lated by  the  surface  mass  flow  concept,  imposing  the  inner 
viscous  boundary  conditions  on  the  outer  inviscid  flow. 

INTRODUCTION 

Viscous  effects  have  a strong  influence  on  the  aerodynamic 
characteristics  of  modern  rear-loaded  airfoils,  especially  at 
transonic  speeds,  Fig.  1 . 

Conventional  viscous  calculation  methods  for  airfoil  flows 
(Refs.  1,  2),  based  on  the  boundary  layer  approach,  fail  in 
the  trailing  edge  region,  as  they  do  not  account  for  the 
strong  viscous-inviscid  interaction  occuring  near  the  trailing 
edge.  This  failure  of  the  boundary  layer  approximations  has 
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a great  consequence,  because  the  local  boundary  layer  behavior 
at  the  trailing  edge  directly  affects  the  Kutta  condition 
responsible  for  the  airfoil  circulation.  Consequently  an  im- 
proved viscous  calculation  method  must  include  the  strong 
trailing  edge  interaction.  The  method  of  matched  asymptotic 
expansions  (Refs.  3,  4)  is  an  elegant  tool  for  the  treatment 
of  the  strong  interactions  at  airfoil  trailing  edges. 

ANALYSIS 

Viscous  effects  simulation 

Two  different  mathematical  concepts  to  simulate  the  viscous 
effects  for  the  airfoil  flow  analysis,  are  in  use  (Ref.  5) , 
Fig.  2: 

1.  the  displacement  surface  concept, 

2.  the  surface  mass  flow  concept. 

In  calculating  the  airfoil  flow  with  an  iterative  procedure, 
the  second  concept  imposing  the  inner  viscous  boundary  con- 
ditions on  the  outer  inviscid  flow,  is  more  effective. 


For  the  prediction  of  the  laminar  and  turbulent  boundary 
layer  parameters  on  the  airfoil  and  in  the  wake,  an  extended 
version  of  the  Walz'  dissipation  integral  method  (Refs.  6,  7) 
is  used,  taking  account  of  the  non-equilibrium  character  of 
the  airfoil  flow. 

To  complete  the  viscous  solution,  the  pressure  variations 
across  the  boundary  layer  and  the  wake  must  be  added  to  the 
inviscid  solution. 


The  flow  in  the  strong  interaction  region  near  the  trailing 
edge  develops  a triple  layer  structure.  Fig.  3,  consisting  of 

1.  an  inner  layer  at  the  wall,  which  is  a continuation  of 
the  wall  layer  from  the  upstream  turbulent  boundary  layer, 

2.  an  outer  layer  with  inviscid  but  rotational  flow,  whose 
vorticity  arises  from  the  velocity  profile  of  the  up- 
stream boundary  layer, 

3.  a blending  layer  between  the  inner  and  outer  layers,  in 
order  to  match  the  shear  stresses  of  both  the  layers. 

The  outer  layer  is  most  important  as  it  determines  the  pres- 
sure deviations  from  the  inviscid  solution  resulting  from 
the  strong  interaction. 

The  outer  layer  solution  suggested  by  Melnik  et  al.  (Ref.  8) , 
can  be  described  as  a pertubation  of  the  basic  potential 
flow,  written  as  asymptotic  expansions  of  the  full  Navier- 
Stokes  equations.  Fig.  4.  The  outer  flow  field  is  obtained 
by  solving  a Poisson  differential  equation.  Defining  the  ini- 
tial velocity  profil  by  Coles ' law  (Ref.  9),  the  contribution 
of  the  trailing  edge  interaction  to  the  viscous  boundary 
conditions  can  be  determined  from  a closed-form  expression 
of  the  particular  integral,  found  by  analytic  function  theory. 

Composite  viscous  solution 

To  include  the  strong  interaction  at  trailing  edges,  the 
local  trailing  edge  solution  must  be  incorporated  into  the 
conventional  boundary  layer  solution.  The  basic  idea  is 


k. 
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- to  modify  the  viscous  boundary  conditions 

- and  to  correct  the  inviscid  pressure  distribution 

in  the  trailing  edge  region,  using  the  method  of  matched 
asymptotic  expansions. 

As  described  in  (Ref.  10),  composite  expressions  for  the 
boundary  conditions  are  formed  by  correction  functions,  deter- 
mined from  the  particular  solution,  Fig.  5. 

For  the  completion  of  the  composite  viscous  solution  the 
pressure  distribution,  calculated  with  composite  viscous 
boundary  conditions,  must  be  corrected  by  the  contribution 
of  the  particular  solution  to  the  normal  pressure  terms. 

RESULTS 

The  significance  of  the  local  trailing  edge  solution  and  the 
wake  curvature  terms  for  the  prediction  of  airfoil  viscous 
effects  is  demonstrated  in  test  cases  with  sub-  and  transonic 
flows . 


The  Piercy  1240  incompressibel  airfoil  is  choosen  as  the  first 
test  case  because  of  the  precise  boundary  layer  and  wake 
measurements  (Ref.  11).  The  VFW  panel  method  with  dipole 
covering  (Ref.  12),  modified  for  the  incorporation  of  viscous 
boundary  conditions  evaluated  from  the  boundary  layer  and  wake 
measurements,  is  used  for  the  calculation  of  the  pressure 


distribution.  Fig.  6 shows,  that  in  accordance  with  (Ref.  13) 
the  total  31  percent  viscous  lift  loss  is  significantly  under- 


predicted by  the  conventional  boundary  layer  displacement 
concept.  Moreover  the  results  prove,  that  for  the  remaining 
lift  loss  the  strong  interaction  and  the  wake  curvature  near 
the  trailing  edge  are  responsible. 
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The  Korn  75-6-12  transonic  airfoil,  testet  at  the  NAE  at  high 
Reynolds  numbers  (Ref.  14),  is  used  as  the  second  test  case. 

The  quasi-conservative  version  of  the  VFW  finite  difference 
method  (Ref.  15),  which  satisfies  the  full  transonic  potential 
equation  in  streamline  coordinates  and  the  viscous  boundary 
conditions  on  the  matching  line,  is  used  for  the  calculation 
of  the  pressure  distribution.  The  boundary  conditions  are 
evaluated  from  boundary  layer  and  wake  calculations  prescribing 
the  measured  pressure  distribution  corrected  by  the  normal 
pressure  terms.  Fig . 7 indicates  that  the  influence  of  the 

viscous  effects  on  the  pressure  distribution  causing  a 28  per- 
cent lift  loss  is  accurately  predicted  by  the  present  method. 

CONCLUDING  REMARKS 

In  accordance  with  Melnik  the  present  results  indicate  the 
significance  of  the  local  trailing  edge  solution  and  the  wake 
for  the  calculation  of  viscous  effects  of  rear-loaded  airfoils. 

As  the  shown  results  are  encouraging,  the  present  viscous 
calculation  method  shall  be  extended  to  a full  iterative 
procedure  for  the  prediction  of  airfoil  flows  at  sub-  and 
transonic  speeds. 

As  the  principle  of  matched  asymptotic  expansions  is  also 
practicabel  for  2-D  interactions  with  flow  separation,  the 
present  method  can  be  extended  to  airfoil  flows  with  trailing 
edge  separation  and  to  airfoils  with  flaps. 
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Fig.  1 Pressure  distribution  of  a rear- 
loaded  airfoil  in  transonic  flow 
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Fig . 


Fig . 3 
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Fig.  4 Outer  layer  solution  of  Fig.  5 Composite  viscous  solution  for 

Melnik  et  al.  (Ref.  8)  the  trailing  edge  region 


Transition  Prediction  vs.  Experiment  on  a Swept,  Tapered  Wing 

by 

E.  H.  Hirschel 

DFVLR-lnstitut  fUr  Angewandte  Gasdynamik,  Koln 


Summary 


The  laminar  boundary  layer  at  a finite  swept,  tapered  wing  is  being  calculated. 
Comparisons  are  being  made  with  available  experimental  data  concerning  the  location 
of  a spanwise  extending  separation  bubble  on  the  suction  side  of  the  wing.  The 
influence  of  surface  curvature  terms  in  the  boundary- layer  equations  is  being  shown. 
Transition  criteria  are  being  applied  to  the  flow  calculated.  The  comparison  with 
experimental  data  allows  judgement  of  the  reliability  of  the  criteria.  Some  parametric 
investigations  show  the  qualitative  influence  of  the  Reynolds  number  on  the  transition 
behaviour  on  the  wing. 


Introduction 

In  Ref.  1 a boundary- layer  experiment  on  a swept  wing  is  described,  and  beside  other 
results  the  location  of  the  transition  laminar-turbulent  is  given  for  four  different 
angles  of  attack.  In  the  present  paper,  which  bases  partly  on  Ref.  2,  the  results  of  a 
prediction  of  transition  for  the  boundary-layer  flow  of  Ref.  1 are  being  sketched.  The 
boundary  layer  has  been  calculated  using  panel  method  results  as  outer  boundary 
values.  To  the  laminar  boundary  layer  calculated  stability  and  transition  criteria 
have  been  applied,  and  comparisons  with  the  experimental  data  have  been  made. 

It  is  intended  to  recalculate  more  experiments  (which  hopefully  will  become  available 
in  future),  and  to  get  by  way  of  correlations  of  the  data  an  improvement  of  the  semi- 
empirical  criteria  available  today.  In  this  attempt  the  work  in  Ref.  3 on  the  stability 
of  three-dimensional  shear  flows  is  expected  to  give  clues  how  to  proceed  in  a better 


19 


way  as  was  possible  up  to  now. 


The  Experiment 

The  experiment  from  Ref.  1 was  made  on  a conical  transonic  wing  model  (ONERA  M 6) 

with  the  symmetric  airfoil  ONERA  "D".  The  span  of  the  model  was  b = 1 .20  m,  the 

mean  chord  length  was  t = 0,5(t  + f ) = 0.63  m (Fig.  1).  The  angle  of  sweep  was 

m w a 

\1)q  = 30  , the  thickness  ratio  10  percent.  The  experiment  has  been  made  with  a free- 
stream  velocity  of  v =90  m/s,  the  Reynolds  number  was  Re  = 3.5  • 10^,  and  the 

<x>  tm 

relatively  low  free-stream  turbulence  Tu  = 0.002.  The  weak  separation  bubble  which 

00 

appears  on  the  suction  side  of  the  wing  for  angles  of  attack  has  been  investigated  with 
an  oil-film  technique.  The  location  of  the  transition  laminar-turbulent  on  the  pressure 
side  was  found  by  means  of  a sublimation  technique.  In  several  cross  sections  of  the 
wing  the  static  wall  pressure  was  measured.  Comparisons  with  panel  method  data 
(ONERA)  have  shown  a good  agreement  up  to  the  angle  of  attack  a = 15°,  where 
larger  separation  areas  begin  to  appear  on  the  wing. 


Geometry  of  the  Wing 

In  Fig.  1 the  geometry  of  the  wing  is  given.  The  length  elements  with  regard  to  the 

Cartesian  reference  system  read  (all  lengths  have  been  made  dimensionless  with  the 

mean  chord  length  t ): 

m 

o 

(2)  x'z- COifoXi 
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Here  the  x^  - coordinate  has  been  normalized  with  the  local  chord  length,  and  the 

x2  - coordinate  with  the  local  length  of  the  generator  of  the  conical  wing  surface. 

a is  the  contour  angle  of  the  airfoil  measured  against  the  x^  - axis, 
c 

The  components  of  the  metric  tensor  of  the  surface  then  read: 
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A detailed  derivation  of  the  foregoing  expressions  is  given  in  Ref.  4. 


Holonomic  Boundary- Layer  Equations 

The  non-dimensional  holonomic  equations  for  laminar  incompressible  boundary  layers 
in  curved  non -orthogonal  coordinates  are: 

continuity  equation 


x1  - momentum  equation 


W 

N')  * U0v\/  ?-v 

3V 
■ IT*? 

x2" 

momentum  equation 

C'lo) 

+ uiX|C 
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>V 
■*  2 
£>Xi 

The  physical  velocity  components  v.  can  be  found  from  the  holonomic  components 
v'  by 

V,  = r^7,VA  , V/j  = , o j Z\J*. 

The  metric  factors  are: 
continuity  equation 

i 
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Xj  - momentum  equation 

Cii)  ^ 5 iw>  (A??  - * *'*  ^ ) 

^ta=  ££  (*>2  “ *<* 

^y)  U^5ib^"^DTi?, 

(''fe)  U,H=-^/k^  # U^r  A„/ui, 

X2  - momentum  equation 

t'l‘r-1  j\c4  (.**«»  t&I  +?ft"  - A"  %i\) 

W)  uM=  ■.*„$&) 

OoJ  Wiir  = - ■ 

A detailed  representation  of  the  equations  and  the  auxiliary  relations  for  the  general 
compressible  case  (valid  for  both  laminar  and  turbulent  boundary  layers)  is  given  in 
Refs.  4 and  5. 


Boundary  and  Initial  Values 

1 2 

In  Figs.  2 to  5 distributions  of  the  external  velocity  components  v^  and  v^  (in  x^  and 
X2  direction.  Fig.  1)  in  the  cross  section  = 0.45  are  shown,  which  are  typical  for 
the  distributions  at  the  larger  part  of  the  wing.  Near  the  leading  edge  the  flow  is  strongly 
three-dimensional.  For  angles  of  attack  the  v^  - distribution  becomes  peaky  on  the 
suction  side,  which  results  in  a weak  separation  bubble  and  turbulent  reattachment  for 
the  experimental  condition  Re^  = 3.5  • 10^.  The  v^  - distribution  on  the  pressure 
side  is  favourable  over  large  parts  of  the  wing  for  a > 0.  The  external  flow  field  has 
been  computed  with  a first-order  panel  method  at  ONERA.  The  initial  conditions 
for  the  boundary-layer  calculation  were  introduced  as  in  Ref.  6. 
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Results  of  the  Laminar  Boundary-Layer  Calculation 


Fig.  6 shows  for  the  cross-section  ^/b  = 0.45  the  location  of  the  stagnation  line  as 
function  of  the  angle  of  attack.  The  agreement  between  panel  calculation  results 
and  experimental  results  is  very  good.  For  a = 15°  the  measured  location  lies  closer 
to  the  leading  edge,  thus  indicating  that  larger  portions  of  separated  flow  exist  on  the 
wing.  The  location  of  the  weak  separation  bubble  on  the  suction  side  is  calculated 
with  good  accuracy.  If  the  surface  curvature  is  being  neglected  (a  s 0 in  Eqs.  1 to 
6)  the  calculated  location  of  separation  moves  downstream,  this  is  in  accordance  with 
two-dimensional  results,  for  example  Ref.  7. 

In  Fig.  7 the  two  components  of  the  wall-shear  stress  r ^ , t _ and  the  resulting 

/ wx  i wx2  q 

wall-shear  stress  t are  given  (t  = c,  • Re)  for  section  x0/b  = 0.45  at  a = 0 . 
wges  w t l 

The  calculation  has  been  made  until  t became  zero.  This  indicates  a separation 

WX1) 

in  the  form  of  a free-vortex  layer,  since  r does  not  become  zero.  Fig.  8 shows 

w ,\2  

for  a = 15°  the  distribution  of  the  wall-shear  stress  on  the  suction  side.  The  results 
near  the  leading  edge  of  the  separation  bubble  seem  to  indicate  that  here  an 
approximately  two-dimensional  separation  occurs.  On  the  pressure  side.  Fig.  9,  the 
situation  is  similar  to  that  for  a = 0°.  Note  that  in  Figs.  7,  8 and  9 x*/t  has  its 
origin  in  the  stagnation  line,  and  not  in  the  leading  edge. 


Transition  Prediction 

I 2 2 ’ 

In  Fig.  6 the  location  of  the  maximum  external  velocity  g = |r  v , + v « 

is  indicated  for  the  different  angles  of  attack.  The  point  of  neutral  stability  of  the 
Tollmien  - Schlichting  theory  applied  to  the  mean-flow  profile  of  the  three- 
dimensional  boundary  layer  (see  Ref.  8)  lies  shortly  behind  this  location,  as  would  be 
in  two-dimensional  flow  for  the  magnitude  of  the  present  Reynoldsnumber.  Cross-flow 
instability  (criterion  of  Owen  and  Randall)  occurs  even  earlier.  If  one  accepts  the 
underlying  hypotheses  of  the  criteria  applied  (Ref.  8),  the  results  indicate  that  the 
boundary  layer  is  already  in  the  process  of  transition  when  it  separates.  In  an 


experiment  with  higher  Reynoldsnumber  the  separation  bubble  might  disappear  in  the 
range  of  angles  of  attack  considered.  Fig.  10  shows  on  the  suction  side  also  calculated 
neutral  stability  results  for  Re  = 35  • 10^.  The  locations  are  closer  to  the  stagnation 
line,  as  expected.  On  the  pressure  side  the  situation  is  different.  The  experiment  shows 
that  the  location  of  transition  moves  away  from  the  leading  edge  for  small  angles  of 
attack,  and  moves  forward  again  for  larger  angles  of  attack.  The  location  of  neutral 
stability  of  the  Tol Imien-Schl ichting  theory  for  the  mean-flow  profile  moves  down- 
stream for  increasing  angle  of  attack.  Fig.  10  and  Fig.  11.  The  cross-flow  instability 
criterion  of  Owen  and  Randall  gives  locations  for  y = 100  which  follow  approximately 
the  measured  transition  locations.  The  cross  flow  criterion,  however,  states  that 
instability  occurs  at  y = 120  ± 20,  and  transition  due  to  cross  flow  might  occur  at 
much  higher  values  of  y . Here  it  can  be  seen  that  the  calculated  neutral  stability 
location  lies  behind  the  measured  transition  location.  It  appears  that  the  stability 
and  transitional  behaviour  is  being  described  qualitatively  in  a right  way,  but 
quantitatively  the  results  are  not  satisfactory.  Further  studies  following  the  work 
presented  in  Ref.  3 will  possibly  clarify  this  problem.  In  any  case  more  detailed 
experimental  data  are  needed  in  order  to  verify  old  and  new  stability  criteria  for 
three-dimensional  flows  , and  to  design  transition  criteria  for  three-dimensional 

9 

flow,  which  certainly  will  be  semi-empirical  criteria  like  the  e - criterion,  or 
Granvilles  criteria. 
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Fig.  6 Stagnation  line,  separation  bubble  - expci  iment  and  calculation. 
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Fig.  9 Calculated  wall  shear-stress  destributions,  a=  15  , pressure  side 
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Fig.  10  Transition  results  - experiment  and  calculation 


DEA  - MEETING 


"VISCOUS  AND  INTERACTING  FLOW  FIELD  EFFECTS" 
Monterey,  CA.  , USA,  25/27  April  1978 

THREE-DIMENSIONAL  BOUNDARY  ALYERS  ON  WINGS 
AND  BODIES  OF  REVOLUTION 


H.  W.  STOCK 

DORNIER  GMBH,  Friedrichshafen , West  Germany 


■A 


32 


- 


ABSTRACT 


The  results  of  a newly  developed  Integral  method  (Method  1)  for  three- 
dimensional,  laminar,  compressible  boundary  layers  will  be  compared  to 
exact  solutions  and  to  other  available  integral  methods. 

The  boundary  layer  lfow  over  an  infinite  swept  wing  is  calculated  for 
the  laminar  case  (Method  1)  and  for  the  turbulent  case,  using  the  com- 
pressible version  of  P.D.  Smith's  boundary  layer  method  together  with 
a lag  entrainment  method (Method  2). 

The  laminar  boundary  layer  development  over  an  inclined  ellipsoid  is 
calculated  (Method  1)  and  compared  to  the  results  of  a finite  difference 
solution.  The  turbulent  flow  over  the  same  configuration  is  calculated 
using  a newly  developed  integral  method  (Method  3)  for  incompressible 
flow. 


2 . INTRODUCTION 

Three-dimensional  boundary  layers  are  often  calculated  in  streamline 
coordinates,  representing  an  orthogonal,  curvilinear  coordinate  system. 
One  coordinate  is  identical  to  the  projection  of  the  streamline  at  the 
outer  edge  of  the  boundary  layer  onto  the  surface  and  gives  the  main- 
stream direction,  the  other  coordinate,  orthogonal  to  the  mainstream 
direction,  gives  the  cross  flow  direction,  fig.  1.  Using  a curvilinear, 
non-orthogonal  coordinate  system  involves  the  following  advantages: 

1.  The  coordinate  system  is  not  fixed  a priori. 

2.  For  one  configuration  under  different  flow  conditions  the  same 
coordinate  system  can  be  used. 

As  soon  as  the  velocity  profiles  in  the  streamwise  and  crosswise 
direction  are  specified  it  is  easy  to  evaluate  the  integral  qualtities 
in  any  chosen  x-  and  y-direction,  fig.  1.  In  the  following  any  of  the 
3 integral  methods  is  written  in  non-orthogonal,  curvilinear  coordinates. 


3.  DESCRIPTION  OF  THE  INTEGRAL  METHODS 
3.1  Method  1 (Laminar,  compressible)  / 1 / 


For  the  description  of  the  streamwise  velocity  profiles  the  results  of 
the  similar  solutions  of  Cohen  and  Reshotko  / 2 / are  used,  fig.  2.  The 
integral  quantities  for  the  streamwise  flow  in  the  transformed  plane 
are  expressed  as  a function  of  one  parameter.  For  the  description  of 
the  cross-flow  profiles  a 6th  order  polynomial  is  employed,  without 
using  a boundary  condition  of  the  Pohlhausen  type,  which  couples  the 
pressure  gradient  to  the  variation  of  the  skin  friction.  In  fig.  3 
some  cross-flow  velocity  profiles  are  shown  representing,  a family 
of  two  parameters.  (t2  and  62x  being  the  skin  friction  and  the 
displacement  thickness  of  the  cross-flow  profile  in  the  transformed 
plane).  Profiles  of  the  cross-over  type  are  included.  Together  with 
a scaling  parameter  of  the  boundary  layer,  the  three-dimensional  flow 
is  described  by  four  variables.  The  x-  and  y-momentum  integral  equations 
and  the  x-  and  y-moment  of  momentum  integral  equations  are  used  for 


i 
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the  solution. 


3.2  Method  2 (Turbulent,  compressible)  / 3 , 4 / 

The  streamwise  profiles  are  represented  by  power  law  profiles,  the 
cross-flow  profiles  by  Mager  / 5/  or  Johnston  /6 / profiles.  The 
Ludwieg-Tillmann  relation  is  used  for  the  description  of  the  skin 
friction.  The  influence  of  compressibility  is  represented  by 
applying  Eckert's  reference  temperature  concept.  The  equations  used 
are  the  x-  and  y-momentum  equation  and  the  entrainment  equation 
(equilibrim  entrainment) . An  extension  of  that  method  has  been  done 
/4 / using  a lag-entrainment  method  for  non-equilibrim  entrainment. 


3.3  Method  3 (Turbulent,  incompressible)  / 7 / 

The  streamwise  profiles  are  described  by  using  the  two-parameter 
Coles  profiles,  which  are  known  to  produce  better  results  in  the 
two-dimensional  case  for  accelerated  and  decelerated  flows.  Here 
the  Ludwieg-Tillmann  relation  can  be  dropped  and  replaced  by  the 
derivative  of  the  Coles  profiles  at  the  wall.  For  the  cross-flow 
profiles  Mager  /5 / or  Johnston  / 6 / profiles  are  used.  The  x-  and  y- 
momentum  and  the  entrainment  equation  are  employed  together  with  a 
lag-entrainment  method. 


4.  RESULTS 

4.1  Comgarison  of _method_l_with_exact_solutions_and_other 
approximate  methods 


In  fig.  4 the  present  results  for  a flow  originating  at  a stagnation 
line  are  compared  to  the  results  of  an  exact  method  / 8 / (©i i is  the 

momentum  thickness,  H the  form  parameter  and  Cf  the  skin  friction  of 
the  streamwise  profile;  6 is  the  limiting  streamline  angle  of  the 
flow  and  <52x  the  displacement  thickness  of  the  cross-flow  profile). 

The  point  where  separation  is  indicated  is  almost  identical  in  both 
methods.  Although  8 changes  sign,  62x  remains  positive  and  close  to 
the  exact  results,  which  proves  the  quality  of  the  employed  cross- 
flow  profiles. 

Fig.  5 gives  the  results  for  a flat  plate  flow  which  is  suddenly  exposed 
at  x s 1 to  an  adverse  pressure  gradient  (decelerated  U velocity  com- 
ponent, constant  V component).  The  agreement  is  acceptable,  except 
that  separation  is  indicated  to  far  downstream. 

Fig.  6 describes  the  same  flow  situation  as  fig.  5 but  for  a larger 
adverse  pressure  gradient. 

In  fig.  7 the  present  method  is  compared  to  exact  results  / 9 / and 
other  available  integral  methods  /10-12/.  The  boundary  layer  flow 
starts  at  the  leading  edge,  x = 0,  and  is  initially  accelerated 
(constant  U velocity  component,  initially  accelerated  V component). 
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Cooke's  integral  method  /10/  was  estimated  to  be  the  best  available  /I 3/ . 

Fig.  8 gives  results  for  the  same  flow  situation  as  in  fig.  7 except 
that  the  intial  acceleration  is  larger. 

In  fig.  9 the  boundary  layer  flow  starts  at  the  leading  edge,  x = 0, 
and  is  initially  decelerated  (constant  U velocity  component,  initially 
decelerated  V component).  For  this  situation  the  agreement  with  the 
exact  results  is  markedly  better  for  the  present  method  than  for  Cooke's 
method . 


4.2  The  boundary  layer  development  on  an  infinite  swept  wing 

The  resultant  velocity  distribution  Ue/Ugef  and  the  angleO^  for  the  infinite 
swept  wing  are  shown  in  fig.  10.  (0(  is  the  angle  between  the  projection 

of  the  streamline  at  the  outer  edge  of  the  boundary  layer  onto  the  sur- 
face and  the  x-direction) . The  laminar  (Method  1)  and  turbulent  (Method  2) 
boundary  layer  development  is  shown  in  fig.  11.  (6jX  being  the  displace- 
ment thickness  of  the  streamwise  profile) . As  may  be  seen  the  variation 
of  the  limiting  streamline  angle  6,  which  is  a measure  of  the  three- 
dimensionality  of  the  flow,  is  much  larger  for  the  laminar  case,  i.e. 
the  three-dimensionality  of  a flow  is  more  pronounced  in  the  laminar  case 
for  the  same  outer  flow  situation. 


4.3  The  boundary  layer  development  on  inclined  ellipsoids 

The  laminar  boundary  layer  development  (Method  1)  on  an  ellipsoid  at 
5°  of  angle  of  attack  is  shown  in  fig.  12  and  compared  to  the  finite 
difference  solution  of  Geissler  /14 / . A comparison  for  the  limiting 
streamline  angle  8 could  not  be  done  as  Geissler  did  not  present  results 
for  cross-flow  profiles.  The  overall  agreement  for  an  integral  method 
in  this  complicate  flow  situation  with  a finite  difference  solution  is 
excellent.  The  curves  1,  which  represent  results  close  to  the  stagnation 
point,  show  the  largest  deviation  from  the  finite  difference  solution. 
This  is  due  to  the  face  that  in  the  present  method  the  calculation  was 
not  started  in  the  stagnation  point,  but  at  x/a  = .04. 

Separation  of  the  streamwise  profile  was  predicted  in  almost  the  same 
location  for  both  methods.  A free  vortex  layer  separation  /15/  seems 
to  be  indicated  in  both  methods  on  the  side  of  the  ellipsoid  at  about 
?)  = 120°.  Fig.  12  gives  the  turbulent  results  (Method  3)  for  the 
same  configuration.  Separation  occurs  far  downstream  of  the  laminar 
one,  but  at  almost  the  same  angle  . 

5.  CONCLUSION 

The  laminar  integral  method  is  shown  to  give  results  close  to  the 
exact  ones  and  to  produce  a better  agreement  than  other  existing  integral 
methods.  It  is  shown  that  for  an  identical  potential  flow  situation, 
(infinite  swept  wing)  the  laminar  boundary  layer  results  in  a high  three- 
dimensionality  than  the  turbulent  one.  The  boundary  layer  development 
on  an  inclined  ellipsoid  is  fairly  well  predicted  in  the  laminar  case 
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compared  to  a finite  difference  solution.  In  the  laminar  and  turbulent 
case  the  separation  of  the  streamwise  profile  cocurs  at  almost  the  same 
side  location  ( ^ = 120°)  on  the  ellipsoid. 
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Fig.  2:  LAMINAR  VELOCITY  PROFILES  / 2/  IN  THE 
STREAMWISE  DIRECTION 
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Fig.  10:  DISTRIBITION  OF  THE  RESULTANT  VELOCITY  Ue/  UD  _ AND  THE  ANGLE oC  VS. 
CHORD  DEPTH  FOR  AN  INFINITE  SWEPT  WING  KeT 
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Abstract 


The  flow  over  an  18°„  thick  circular  arc  air- 
foil at  zero  degrees  angle  of  attack  is  studied  at 
two  Mac h numbers,  0.  76  and  0.79,  and  a single 
Reynolds  number,  based  on  chord,  of  ll*10f>.  At  the 
higher  Mach  number,  shock- induced  separation 
occurred  at  the  foot  of  the  shock  wave  and  extended 
downstream  beyond  the  trailing  edge.  At  the  lower 
Mach  number,  shock- induced  separation  also  occurred 
but  the  flow  was  unsteady  and  periodic.  The  mean 
velocity,  turbulent  Reynolds  stres.-  >,  and  kinetic 
energy  were  measured  with  a two- component  laser  velo~ 
cimeter.  In  the  outer  portions  of  the  shear  layer 
the  data  for  the  higher  Mach  number  suggest  the 
appropriateness  of  a scalar  eddy  viscosity  model. 
Using  a computer  code  that  solves  the  Reynolds  aver- 
aged form  of  the  compressible  Navier- Stokes  equa- 
tions and  employs  a simple  mixing  length  model  for 
the  eddy  viscosity,  computations  are  compared  with 
the  data  and  deficiencies  arc  noted.  Time- resolved 
velocity  measurements  for  the  unsteady  flow  were 
conditionally  sampled  relative  to  an  initial  time 
triggered  by  the  onset  of  a periodic  pressure  varia- 
tion at  the  airfoil  midchord,  and  the  velocity  field 
for  one  cycle  of  oscillation  was  determined.  During 
the  initial  portion  of  the  cycle  a shock  wave  forms 
near  the  trailing  edge,  strengthens,  and  moves 
toward  the  airfoil  leading  edge.  The  flow  down- 
stream of  the  shock  wave  separates  and  appears  to 
reattach  downstream  on  the  airfoil  near  the  trailing 
edge.  A similar  sequence  takes  place  on  the  other 
side  of  the  airfoil,  180°  out  of  phase.  Computa- 
tions using  the  Navicr-Stokcs  code  reproduce  the 
features  observed  experimentally.  The  unsteady  phe- 
nomenon is  believed  to  be  initiated  by  a sudden  in- 
crease in  the  extent  of  separation  on  one  side  of 
the  airfoil  when  the  separation  at  the  trailing  edge 
merges  with  the  shock- induced  separation.  The  mo- 
mentary initial  asymmetry  in  the  flow  causes  the 
outer  inviscid  flow  to  slow  and  weaken  the  shock 
wave,  thus  collapsing  the  separation  and  setting  up 
a persistent  cyclic  sequence  alternating  from  one 
surface  to  the  other. 
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Nomenclature 

= speed  of  sound  in  the  free  stream,  305  m/sv 

- alphanumeric  symbol  for  a set  of  constants 
from  Ref.  19 

= alphanumeric  symbol  for  a set  of  constants 
from  Ref.  19 

= velocity  of  seed  particle  in  the  plane  of 
two  light  beams  normal  to  their  bisector 

= average  velocity  ot  seed  particles 

= pressure  coefficient 

= pressure  coefficient  evaluated  at  the  local 
speed  of  sound 

= airfoil  chord 


cf 

f 

7b 

k 

L 


N 


P 

Ap 


t 


u 

Y 


6 

0 


u 

o 

Tt 


♦Research  Scientist. 

‘Branch  Chief,  Experimental  Fluid  Dynamics  Branch. 


skin- friction  coefficient  ' /il/2).  tu/ 
frequency  of  unsteady  flow  oscillation 
dopp 1 er  frequency 

turbulent  kinetic  energy , 

1/2  (•u’  ♦ v':  ♦ w’- 

length  scale  from  Glushko  turbulence  model 
Prandt 1 mixing  length 
Mach  number 

total  number  of  instantaneous  velocity 
measurement s 

surface  pressure 

incremental  pressure  from  the  moan  surface 
pressure 

Reynolds  number  based  on  free- stream  condi- 
tions and  airfoil  chord 

time  measured  from  the  beginning  of  the 
oscillating  pressure  pulse 

fractional  time  of  one  cycle  of  flow 
osc i 1 1 at i on 

mean  velocity  in  x direction 

total  mean  velocity 

mean  velocity  in  y direction 

time  average  of  the  square  of  the  velocity 
fluctuation  in  x direction 

time  average  of  the  square  of  the  velocity 
fluctuation  in  v direction 

time  average  of  the  square  of  the  velocity 
fluctuation  in  the  spanwise  direction 

time  averaged  velocity  correlation 

distance  from  the  airfoil  leading  edge  in  a 
direction  along  airfoil  centerline 

distance  from  the  airfoil  centerline  in  a 
direction  normal  to  the  plane  of  symmetry 

distance  from  the  airfoil  surface  in  a 
direction  normal  to  the  centerline 

angle  of  attack 

proportionally  constant  in  Glushko  turbu- 
lence model 

thickness  of  the  shear  layer 
eddy  diffusivity,  nr  sec 

angle  of  intersection  of  laser  light  beams 

angle  of  total  mean  velocit>  vector  rela- 
tive to  the  x direction 

wavelength  of  laser  light  beam 
molecular  velocity 
mean  density 
shear  stress 

standard  deviation  from  the  mean 
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Subscript  • 


l ,2 


t 


w 


= ith  particle 

= directions  normal  to  the  fringes  set  up  hv 
the  blue  and  green  beams,  respectively 

= mean  value 
= total  value 
= free  stream 
= wall  value 


Introduct ion 

The  governing  equations  and  the  qualitative 
features  of  transonic  flow  have  been  known  for  some 
time.  Sudden  drag  rise  with  increasing  Mach  number, 
shock-induced  separation,  and  the  occurrence  of  buf- 
fet are  examples  of  phenomena  associated  with  this 
flow  regime.  Before  this  decade,  reliable  predic- 
tive methods  depended  extensively  on  experimental 
data  because  the  complexity  of  the  governing  equa- 
tions made  practical  solutions  impossible,  but  the 
advent  of  large-capacity,  fast  computers  is  begin- 
ning to  change  this  picture.  When  viscous  effects 
are  small,  solutions  of  the  nonlinear  inviscid  equa- 
tions are  feasible  and  the  results  are  quite  reli- 
able. When  viscous  effects  are  important  and 

regions  of  separated  flow  are  large,  solutions  to 
the  governing  equations  are  also  possible,  but  the 
results  thus  far  are  not  reliable  enough  for  pre- 
dictive purposes.  The  shortcomings  of  the  latter 
solutions  have  been  attributed  mainly  to  the  lack  of 
an  adequate  turbulence  model.4 

A focused  effort  is  now  under  way  to  develop 
turbulence  models  that  can  improve  the  reliability 
of  computational  techniques  for  situations  where 
viscous  effects  are  important.  Both  experiment  and 
computation  are  being  uniquely  coupled  to  coordinate 
and  utilize  the  most  modern  developments  in  experi- 
mental and  computational  fluid  mechan i cs . 5 » 8 One 
test  flow  being  studied  for  this  purpose  is  the 
transonic  flow  over  a thick  circular  arc  airfoil. 

The  flow  developed  over  this  airfoil  changes  with 
increasing  Mach  number  from  a steady  flow  with 
trai 1 ing-edge  separation  to  an  unsteady  flow  with 
shock- induced  separation  and  finally  to  a steady 
flow  with  shock- induced  separation  extending  beyond 
the  trailing  edge.  Several  studies  of  this  flow 
have  been  reported.4*7*8  The  numerical  solutions 
for  this  experiment  have  used  the  Reynolds  averaged 
form  of  the  compressible  Navier-Stokes  equations. 
Notable  conclusions  from  these  studies  were  that  ex- 
isting turbulence  models  are  inadequate  for  quanti- 
tative predictions  of  flows  with  large  separation 
and  that  the  features  of  unsteady  flow  observed  ex- 
perimentally can  also  he  observed  computationally. 
Heretofore  all  of  the  evidence  used  to  substantiate 
these  conclusions  was  based  on  comparisons  with 
measurements  taken  on  the  surface  of  the  airfoil, 
so  little  insight  into  improving  turbulence  modeling 
has  been  gained  and  a complete  picture  of  the  un- 
steady flow  has  been  unavailable. 

In  this  paper  experimental  flow  field  data 
from  around  the  airfoil  are  presented  for  both  the 
steady  and  unsteady  cases  with  shock- induced  sepa- 
ration. Obtained  with  a laser  velocimeter,  the 
experimental  data  consist  of  mean  velocity,  shear 
stress,  and  turbulent  kinetic  energy  profiles  in 
the  flow  field  downstream  of  the  airfoil  midchord 
where  the  more  complicating  features  of  the  flow 
are  present.  Computations  from  a computer  code  that 


solves  the  Navier-Stokes  equations  for  both  flow 
situations  are  compared  with  these  measurement-. 

nent  Irra  • ent 

The  test  icdei  used  in  this  investigation  wa>  a 
circular  arc  airfoil  with  a thickness  to  chord  ratio 
of  0.18.  It  was  tested  in  the  .Ames  High  Reynolds 
Number  Channel  at  a Reynolds  number  based  on  chord 
of  11*106.  Above  this  Reynolds  number  no  signifi- 
cant changes  in  surface  pressure  distributions  were 
measured.7  The  experimental  arrangement  is  shown 
in  Fig.  1.  The  airfoil  with  a chord  of  20.32  cm 
spanned  the  shorter  dimension  of  a rectangular  test 
section  with  dimensions  of  38.1  cm  by  2S.4  cm.  The 
upper  and  lower  walls  were  contoured  so  that  the 
supersonic  region  of  the  flow  developed  over  the 
airfoil  would  not  extend  to  the  walls.  Glass  win- 
dows 14  cm  x 14  cm  were  installed  in  the  side  walls 
of  the  test  section  for  the  purpose  of  providing 
optical  access  for  the  high-speed  shadowgraph  movies 
and  the  laser  velocimeter  tests.  A translating 
wedge  used  in  combination  with  choking  inserts  es- 
tablished the  desired  Mach  number.  The  facility 
operated  in  a blowdown  mode  for  run  times  in  excess 
of  a minute. 

Results  from  a previous  study7  illustrate  UK- 
three  distinct  flow  regimes  determined  (fig.  2).  At 
the  test  Reynolds  number  of  1 1 •<  1 0fe  and  at  the  lower 
Mach  numbers  the  flow  was  steady  and  trai 1 ing-edge 
separation  occurred  on  the  airfoil.  For  Mach  num- 
bers between  0.74  and  0.78  the  flow  was  unsteady  but 
periodic,  with  shock- induced  separation  alternating 
from  one  side  to  the  other.  Above  Mach  number  0.78 
the  flow  was  steady  and  separation  occurred  on  both 
sides  of  the  airfoil  extending  downstream  from  the 
foot  of  the  shock  wave  to  beyond  the  trailing  edge. 
The  present  test  results  were  obtained  at  two  Mach 
numbers,  0.76  and  0.79,  and  the  respective  flows 
developed  were  periodic  and  steady  with  shock- induced 
separation. 


Flow  l-'ield  Measurements 


Mean  and  fluctuating  velocity  measurements  were 
made  with  a two-color  laser  velocimeter.  A sche- 
matic of  the  optical  arrangement  is  shown  in  Fig.  5a. 
The  two-component  system  employed  a 4 - IV  argon  laser 
using  a dispersing  prism- to  obtain  beams  of  488  and 
514.5  nm  wavelength.  The  two  beams  were  split,  ro- 
tated *45°  and  intersected  in  the  flow  field  at  a 
location  near  the  midspan  of  the  airfoil.  The  for- 
ward scattered  light  from  particles  passing  through 
the  volume  formed  by  the  intersection  of  the  four 
beams  was  optically  collected  and  transmitted  to 
photomultiplier  tubes.  The  probe  volume  was  approx- 
imately 0.3  mm  in  diameter  with  a length  of  approx- 
imately 3 mm  in  the  spanwisc  direction.  Bragg  cells 
were  used  to  enable  the  system  to  detect  velocity 
direction  as  well  as  magnitude.  Vertical  and  chord- 
wise  movement  of  the  probe  volume  were  accomplished 
by  remotely  positioning  the  optical  bench  that  sup- 
ported the  laser  and  optics. 

A two-channel,  synchronized  counter  system 
developed  at  Ames  Research  Center  measured  the 
velocity  of  particles  passing  through  the  probe 
volume.  Pulse  stretching,  velocity  consistency 
checks  on  the  basis  of  particles  crossing  5 and  8 
fringes,  and  si gnal -ampl i tude  limiting  were  employed. 
A diagram  of  the  system  is  shown  in  Fig.  3b. 
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Two  data  acquisition  modes  were  used  during 
these  tests.  For  the  steady  flow  case  (cf.  Mode  I, 
Fig.  3b),  doppler  frequencies  were  processed  by  the 
counters  and  passed  into  a dual  channel  signal 
analyzer  which  retained  the  data  in  memory.  Subse- 
quent to  the  completion  of  data  acquisition,  a com- 
puter with  access  to  this  memory  was  used  to  sta- 
tistically determine  the  mean  velocities  and  their 
variances.  The  doppler  frequencies  processed  by 
the  counters  for  the  unsteady  flow  case  (cf.  Mode  II, 
Fig.  3b)  were  conditioned  by  an  interface  and 
recorded  with  an  analog  tape  recorder  to  retain  real- 
time information. 

The  flow  was  seeded  by  introducing  0.4-micron- 
diameter  polystyrene  particles  upstream  of  t lie  model 
in  the  settling  chamber  of  the  facility.  The  lack 
of  naturally  occurring  particles  in  the  tunnel  air 
supply  system  made  seeding  necessary.  The  size  and 
density  of  the  particles  were  chosen  on  the  basis 
of  a Stokes  flow  analysis  which  showed  that  parti- 
cles in  the  submicron  range  could  follow  the  flow 
at  the  test  Reynolds  number.  For  the  particular 
arrangement  of  these  tests  a counting  rate  of  a few 
thousand  per  second  was  obtained  which  was  suffi- 
cient for  this  investigation. 

The  optical  arrangement,  incident  beam  wave- 
length, and  the  resulting  doppler  frequency  uniquely 
determine  the  velocity  of  a particle  passing  through 
the  probe  volume.  The  instantaneous  flow  velocity 
in  the  direction  normal  to  the  fringes  is  given  by 
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where  fj,  is  the  relative  doppler  frequency  ob- 
tained by  subtracting  the  shifted  frequency  from 
the  Bragg  frequency,  f^  = 40  mHz.  The  mean  velocity 
is  obtained  statistically  from 
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The  variance  is  obtained  from 


o 


? . 1 
N-l 


N 


E <C;  - C}2 


(2) 


(3) 


i = 1 


With  the  two  beams  rotated  ‘45°  the  expressions  for 
mean  velocity,  shear  stress  and  turbulent  kinetic 
energy  become^ 
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( lomputations  and  Turbulence  Models 

The  flow  field  was  numerically  simulated  with 
a computer  program  that  solves  the  Reynolds  aver- 
aged form  of  the  Nav ier-Stokes  equations.  The  gov- 
erning equations  and  solution  procedure  are 


discussed  in  Ref.  10.  The  program  used  an  explicit 
finite-difference  method  that  employs  operator 
splitting  and  a recently  developed  rapid  solver 
technique.11  The  flow  around  the  complete  airfoil 
was  computed  and  the  outer  wind-tunnel  walls  incor- 
porated in  the  outer  boundary  conditions.8 

The  Reynolds  stresses  were  related  to  the  mean 
flow  by  introducing  the  concept  of  a scalar  eddy 
viscosity 


/a u 3v\ 
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Over  the  surface  of  the  airfoil  ahead  of  the  loca- 
tion of  separation  a two- layer  mixing  length  model 
was  used.  The  length  scales  were  related  to  the 
eddy  viscosity  by 


In  the  inner  layer, 


l = 0.41  v 1 
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with 


A = 26  — M'2 

P. 


In  the  outer  layer,  an  Escudier  formulation  was  used 


0.096 


(11) 


The  outer  length  scale  was  used  once  the  value  from 
the  equation  for  the  inner  scale  exceeded  the  value 
from  the  outer  layer  equation.  From  the  beginning 
of  separation  and  downstream  to  a location  of 
reattachment,  either  on  the  airfoil  or  where  the 
near-wake  closed,  the  length  scale  in  the  free-shear 
layer  above  the  dividing  streamline  was  frozen  at  a 
value  of  1.7  times  the  immediate  upstream  attached 
flow  outer- length-scale  value  from  Eq.  (11).  Freez- 
ing the  length  scale  was  thought  to  provide  better 
agreement  with  data  in  separated  regions.  Below 
the  dividing  streamline  the  eddy  viscosity  varied 
linearly  from  its  value  on  the  dividing  streamline 
to  zero  at  the  airfoil  surface;  it  was  held  constant 
at  the  dividing  streamline  value  between  the  trail- 
ing edge  and  the  point  where  the  near-wake  closed.4 
In  the  far-wake  the  Escudier  length  scale  from 
Eq.  (11)  was  used  with  the  shear  layer  thickness 
evaluated  as  the  distance  from  the  wake  centerline 
to  the  outer  edge  of  the  shear  layer. 

Results  and  Discussion 
Steady  Flow  With  Shock- I nduccd  Separation 

Experimental  observations.  - A shadowgraph  of 
the  flow  field  taken  through  the  test  section  win- 
dows during  a test  at  M*,  = 0.79  and  Rec  = 11* 106 
is  shown  in  Fig.  4.  At  these  test  conditions  shock- 
induced  separation  occurs  near  the  foot  of  the  shock 
wave  and  extends  downstream  beyond  the  trailing  edge. 
A highly  turbulent  flow  exists  downstream  of  the 
shock  wave  and  Mach  waves  appear  to  emanate  from 
the  interface  between  the  turbulent  shear  layer  and 
the  outer  flow.  Superimposed  on  the  shadowgraph 
are  mean  axial  velocity  profile  data  obtained  with 
the  laser  velocimeter.  The  extent  of  the  shear 
layer  and  the  region  of  reversed  flow  arc  easily 
discern  Me. 
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The  mean  streamwise  velocit;-  , turbulent  shear 
stress  and  turbulent  Kinetic  energy  for  the  viscous 
region  of  the  flow  down  t ream  of  the  separation 
point  are  shown  in  rig.  S.  The  airfoil  surface  has 
been  sketched  in  the  figure  and  the  solid  symbols 
indicate  the  respective  wall  values.  The  wall  shear 
values  were  published  previously . 1 * Lines  are 
sketched  in  the  lower  half  of  Fig.  5 through  a locus 
of  points  representing  the  locations  of  the  zero 
velocity  point,  the  dividing  streamline,  and  the 
shear- layer  edge.  In  the  upper  half  of  the  figure 
arc  lines  representing  the  dividing  streamline  and 
the  location  of  the  aximum  velocity  gradient  in  the 
normal  direction.  Hie  slopes  of  the  shear  profiles 
at  the  wall,  obtained  by  evaluating  the  norma  I - 
momentum  equation,  are  shown  in  Fig.  5 for  a more 
complete  picture  of  the  profiles  and  for  assistance 
in  assessing  the  accuracy  and  interpretation  of  the 
near-wall  data.  The  shear  stress  data  at  x/c  = 0.8 
below  the  location  of  their  maximum  are  anomalous  in 
that  they  change  sign.  Possibly  they  are  in  error, 
however,  a postrun  examination  of  the  data  revealed 
no  obvious  sources  of  error  so  they  have  been 
i nc 1 uded . 

\n  examination  of  the  profile  shapes  in  Fig.  5 
reveals  that  the  maximum  values  of  the  shear  stress 
and  turbulent  kinetic  energy  are  located  somewhat 
above  the  dividing  streamline  and  generally  coincide 
with  the  location  of  the  maximum  normal  velocity 
gradient.  fhe  magnitude  of  the  maximum  velocity 
gradient  decreases  with  distan  c from  the  separa- 
tion point  whereas  the  magnitude  of  the  maximum 
shear  stress  increases  (Fig.  6). 

The  profile  shapes  and  their  behavior  in  the 
streamwise  direction  compare  with  similar  data  taken 
downstream  of  separation  in  a transonic  flow  over  a 
bump  on  a wind-tunnel  wall*'  as  well  as  downstream  of 
rearward  facing  steps  ahead  of  reattachment.114*15*16 
Bradshaw17  classified  the  latter  flows,  in  which  the 
step  height  was  larger  than  the  upstream  boundary- 
layer  thickness,  as  flows  undergoing  an  overwhelming 
perturbation.  He  postulated  that  the  subsequent 
development  of  the  free-shear- layer  in  such  cases 
was  not  influenced  significantly  by  its  initial  con- 
ditions such  as  upstream  boundary- layer  thickness  or 
shape  parameter,  and  that  production  of  turbulence 
continued  in  proportion  to  the  growth  of  the  large- 
scale  structure  until  reattachinent  occurred.  The 
present  shock-separated  flow  appears  to  behave 
similarly;  the  extent  of  the  shock- induced  separa- 
tion and  the  airfoil  surface  pressures  were  unaf- 
fected by  changes  in  test  Reynolds  number  between 
7*1 06  and  1?*106  (Ref.  7).  The  shock-wave  induced 
separation  produced  significant  large-scale  turbu- 
lence. and  production  continued  beyond  the  trailing 
edge  into  the  near  wake  until  its  eventual  dissipa- 
tion in  the  far  wake.  The  recirculation  region  was 
supplied  continually  by  the  higher  turbulent  portion 
of  the  shear  layer.  Because  of  the  limited  stream- 
wise  extent  of  the  test  section  windows,  it  was  im- 
possible to  opticall)  identify  the  entire  near-wake 
region.  An  oil -flow  photograph  (Fig.  7)  indicates 
the  approximate  size  and  location  of  the  near-wake 
region.*  The  pattern  of  oil  streaks  was  allowed  to 
develop  on  a thin  splitter  plate  located  near  the 
midspan  of  the  airfoil  in  a plane  normal  to  the 
spanline.  In  the  near-wake  region  the  oil  streaks 

•this  photograph,  supplied  by  John  McDevitt  from 
Ames  Research  Center,  was  taken  during  a separate 
series  of  tests. 


begin  to  flow  in  the  downstream  direction  indicating 
closure  at  x/c  = l.o.  The  necking  down  of  the  zero 
velocity  and  the  dividing  streamlines  in  the  near 
wake  at  x/c  = 1.05  observed  in  the  velocity  pro- 
file data  is  also  apparent  from  a close  examination 
of  a number  of  such  photographs. 

The  values  of  surface  pressure  and  skin  fric- 
tion have  been  reported  previously.  »* ' They  are 
shown  in  Fig.  8 for  completeness  and  because  they 
are  needed  to  assess  the  computations  discussed  sub- 
sequently. The  data  show  a small  pressure  recovery 
a ft  of  the  shock  - induced  separation  point.  The  mag- 
nitude of  the  pressure  coefficient  downstream  of 
separation  is  slightly  lower  than  Cp  and  the  flow 
may  be  slightly  supersonic.  This  interpretation  is 
consistent  with  the  shadowgraph  observation  i!  ig.  A) 
which  revealed  an  oblique  shock  near  the  separation 
point.  Additionally,  the  Mach  number  at  the  edge  of 
the  shear  layer,  evaluated  by  solving  the  energy 
equation  using  the  measured  veloci t i es.  shock  angle, 
and  total  temperature,  was  found  to  be  slightly 
supersonic . 

The  data  from  Fig.  5 can  be  used  to  guide  tur- 
bulence model  development  for  use  in  computer  codes 
that  attempt  to  numerically  simulate  complicated 
viscous  flows.  Thus  far  simulations  using  the 
Reynolds  averaged  Navier-Stokes  equations  have  uti- 
lized a scalar  eddy  viscosit)'  concept.  In  these 
applications  the  eddy  viscosity  is  formed  from  a 
product  of  a modeled  length  scale  and  velocity. 
Models  under  development  for  shock- i nduced  separated 
flows  range  from  algebraic  two-layer  models  which 
depend  solely  on  the  mean  flow4*  *w  to  one-  and  two- 
equation  models  that  use  the  turbulent  kinetic  en- 
ergy equation  to  obtain  the  velocity  in  the  eddy 
viscosity  formulation  with  either  a prescribed 
length  scale  based  on  the  mean  flow *8  or  a differ- 
ential equation  for  a length  scale  or  dissipation 
rate.19  The  eddy  diffusivity  and  length  scales  that 
can  be  deduced  from  the  present  data  are  introduced 
next . 

The  shear  stress  and  velocity  profile  data 
were  used  to  evaluate  the  eddy  diffusivity,  and  the 
results  are  shown  in  Fig.  9 as  a function  of  the 
position  within  the  shear  layer.  Since  derivatives 
of  the  velocity  are  needed  to  evaluate  the  eddy  dif- 
fusivity, no  values  are  shown  for  the  first  measur- 
ing station  away  from  the  surface  where  the  deriva- 
tive was  undetermined.  Likewise  no  values  are 
shown  at  the  edge  of  the  shear  layer  where  accurate 
derivative  evaluation  was  not  possible.  A general 
observation  is  that  the  eddy  viscosity  tends  to  in- 
crease with  distance  downstream  from  the  separation 
point  and  its  maximum  value  tends  to  diffuse  out 
ward  through  the  shear  layer,  particularly  beyond 
the  trailing  edge.  At  streamwise  locations  where 
the  maximum  value  is  readily  distinguished  it 
occurs  at  the  point  -hen  the  normal  velocity  grad- 
ient is  maximum. 

The  algebraic  mixing  length  deduced  from  the 
data  was  obtained  using  liq.  (9)  without  (3v,  *x 
(Fig.  10a).  The  open  symbols  correspond  to  chord- 
wise  locations  above  the  surface  of  the  airfoil  and 
the  filled  symbols  to  those  downstream  of  the  trail- 
ing edge.  The  length  scale  over  the  airfoil  tends 
to  correlate  when  normalized  by  the  shear-layer 
thickness.  The  magnitude  over  the  major  portion 
of  the  shear  layer  is  lower  than  the  F scud i or 
value  normally  employed  for  attached  boundary- layer 
flows.  Beyond  the  trailing  edge  the  normalized 
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length  scale  tends  to  increase  and  is  in  closer 
agreement  with  the  Escudier  value.  Although  every 
attempt  was  made  to  obtain  data  as  close  to  the  air- 
toil  surface  as  possible,  the  paucity  of  data  makes 
it  difficult  ro  interpret  the  behavior  of  the  length 
scale  in  the  near-wall  region. 

Some  improvement  in  modeling  for  a class  of 
shock  boundary- layer  interaction  flows  was  obtained 
by  employing  a modified  Glushko  model'*8  which  uses 
the  turbulent  kinetic  energy  and  an  algebraic  length 
scale  based  on  the  mean  flow  to  formulate  the  eddy 
viscosity,  i.e.,  L = e/T. 19  (To  form  the  total 
kinetic  energy  from  the  measurements  of  <u’2>* 
<v,2>  the  relationship  <u f 2> : <w ' 2> : <v * 2>  = 4:3:2 
was  assumed.)  This  length  scale  (Fig.  10b)  corre- 
lates with  boundary- layer  thickness  over  the  airfoil 
and  is  smaller  than  the  algebraic  scale  employed  by 
Glushko  for  boundary  layers  (the  line  labeled  ao) . 
The  line  labeled  bo  represents  the  modified  length 
scale  employed1  to  achieve  thicker  separated  bub- 
bles in  other  shock  boundary- layer  interaction  flows 
and  it  agrees  more  closely  with  the  present  data. 
Downstream  of  the  trailing  edge  this  length  scale 
also  increases. 

The  two  length  scales  shown  in  Figs.  10a  and 
10b  have  similar  trends  and  appear  to  be  related  by 
a constant.  Using  the  definition  of  eddy  viscosity 
and  the  length  scale  defining  equations,  the  rela- 
tionship between  the  two  length  scales  is  estab- 
1 i shed  as  fol lows 


The  length  scales  would  be  related  by  a constant 
provided  the  ratio  of  shear  to  kinetic  energy  was 
constant,  a hypothesis  employed  by  Bradshaw. 

Indeed,  the  ratio  evaluated  from  the  present  data 
is  nearly  constant.  In  the  middle  portions  of  the 
shear  layer  the  constant  is  near  0.3  in  agreement 
with  Bradshaw's  hypothesis. 

The  appropr iateness  of  a scalar  eddy  viscosity 
concept  cannot  be  established  from  the  present  data. 
However,  in  light  of  the  similarities  n the  present 
data  above  the  zero  velocity  line  to  those  observed 
in  frce-shcar  layers  successfully  modeled  through 
such  an  approach,  the  concept  seems  credible.  The 
maximum  shear  occurs  at  the  location  of  the  maximum 
normal  velocity  gradient.  A length  scale  model  for 
the  eddy  viscosity  may  even  be  appropriate,  but 
some  means  would  have  to  be  established  for  varying 
it  to  account  for  the  sudden  growth  in  the  near 
wake. 

Comparison  w it  h computat  ions.  - A compa  r i son 
of  numerical  computat ions  and  surface  pressure  and 
skin  friction  is  given  in  Fig.  8.  The  governing 
equations  and  the  moJel  of  turbulence  were  discussed 
previously  in  the  section  on  computation  and  turbu- 
lence models.  Ahead  of  the  shock -wave  location  the 
surface  pressures  are  predicted  well,  but  the  pres- 
sure recovery  is  too  large  over  the  rear  portion  of 
the  airfoil  where  separation  curs.  The  *;kin  fric- 
tion prediction  shows  reasonable  agreement  with  the 
experiment,  except  near  the  location  of  separation 
and  n the  variation  through  the  separated  region. 
The  code  fails  to  give  the  appropriate  pressure  in 
the  separated  region  because  the  predicted  shock 
wave  ic  nearly  normal  whereas  in  the  experiment  it 
>blique  in  the  region  near  the  wall  where  sepa- 
ration is  >•  urring.  Whether  this  result  is  due  to 


failure  of  the  turbulence  model  or  to  failure  of 
the  code  to  predict  a weak  shock-wave  solution  in 
the  inviscid  regions  of  the  flow  cannot  be  answered 
readily  because  of  the  complex  interaction  between 
the  viscous  and  inviscid  regions  of  the  flow.  How- 
ever, it  is  possible  to  assess  the  appropriateness 
of  the  turbulence  model  in  light  of  the  experimental 
data  introduced  previously. 

A comparison  of  the  computation  with  the  veloc- 
ity and  eddy  diffusivity  deduced  from  the  experiment 
at  two  chordwise  locations  on  the  airfoil  is  pre- 
sented in  Fig.  11.  (Comparisons  at  other  locations 
show  similar  results.)  The  predicted  separation 
height  is  smaller  than  that  determined  experiment- 
ally. The  maximum  eddy  diffusivi ties  compare,  but 
their  relative  position  in  the  boundary  layer  differ 
because  the  shear  layer  is  too  thin.  The  main  de- 
ficiency of  the  computation  is  that  it  predicts  a 
separation  region  too  thin  and  an  outer  shear  flow 
that  thickens  too  slowly  compared  to  experiment.  In 
the  outer  shear  flow,  above  the  dividing  streamline 
the  computed  shear  layer  does  not  grow  rapidly 
enough  because  the  model  length  scale  over  the  sep- 
arated region  was  frozen  whereas  the  experiment  sug- 
gests it  should  grow  in  proportion  to  the  growth  of 
the  shear  layer  thickness.  In  fact,  the  length 
scale  in  the  computation,  normalized  by  the  computed 
shear-layer  thickness,  varies  from  0.12  to  0.02  be- 
tween x/c  = 0.80  and  1.0.  For  this  portion  of  the 
airfoil  the  experimental  value  of  the  normalized 
length  scale  was  around  0.06.  In  the  inner  layer 
below  the  dividing  streamline,  a comparison  of  the 
eddy  diffusivi ties  from  the  computer  solutions  and 
those  deduced  from  the  profile  data  at  all  stations 
suggests  that  the  linear  eddy  viscosity  relation 
used  in  the  computations  results  in  a larger  eddy 
viscosity  than  was  inferred  from  the  data. 

Modifications  to  the  turbulence  model  to  cor 
rect  some  of  the  deficiencies  are  proceeding. 

Changes  are  under  way  in  the  outer  length  scale  and 
the  inner  layer  model  within  the  separated  region 
that  reflect  trends  in  the  values  deduced  from  the 
experiment.  However,  the  results  thus  far  arc  not 
encouraging;  for  example,  reducing  the  cdd\  viscos- 
ity in  the  inner  region  increases  the  height  ot  the 
separation  bubble  somewhat.  However,  the  extent  ot 
the  growth  appears  limited  because  the  thickening 
of  the  shear  layer  results  in  a higher  eddy  viscos- 
ity above  the  dividing  streamline  since  the  outer 
length  is  scaled  to  the  shear- layer  thickness.  Sim- 
ilar results  were  found  when  the  1 -equation  Glushko 
model,  suitably  modified  to  reflect  the  experimental 
trends,  was  tried.  It  seems  likely  that  any  model 
employing  a prescribed  length  scale  which  depends 
on  a shear- layer  thickness  would  behave  similarly, 
so  emphasis  toward  higher-order  models  that  use  a 
differential  equation  to  generate  the  length  scale 
seems  warranted. 

Considering  the  complexity  of  the  flow  under 
study,  the  predicted  results,  while  deficient  in 
some  aspects,  do  reproduce  many  of  the  correct  fea- 
tures of  the  flow  and  hence  the  numerical  simula- 
tions are  encouraging. 

Unsteady  r low  With  Shock- Induced  Separat ion 

Experimental  ohservat ions . - The  flow  over  the 
airfoil  at  zero  incidence  was  found  to  be  unsteady 
for  a narrow  range  of  Mach  numbers.  This  observa- 
tion was  first  reported  in  Ref.  " and  introduced 
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previously  in  Fig.  2.  A portion  of  the  experimen- 
tal surface  pressure  time  histories  taken  during  a 
Mach  number  sweep  through  the  unsteady  flow  region 
for  two  positions  on  the  airfoil  are  shown  in  Fig. 

12.  These  pressures,  expressed  as  an  incremental 
difference  from  the  mean,  are  shown  as  a function  of 
a dimensionless  lime  required  for  the  flow  to  travel 
from  the  leading  to  the  trailing  edge,  t u^/c.  Ex- 
amination of  these  data  show  that  the  unsteady  pres- 
sures are  periodic  and  that  the  pressures  on  the 
upper  and  lower  surface  are  180°  out  of  phase.  The 
pressure  histories,  although  periodic,  differ  with 
position  on  the  surface,  but  the  frequency  of  oscil- 
lation was  found  to  be  independent  of  position  and 
its  value  was  190  Hz.  The  calculations  showm  on  the 
the  figure  will  be  discussed  later. 

A high-speed  shadowgraph  movie  of  the  flow 
field  was  taken  during  a test  at  = 0.76.  A 
pulse  triggered  from  the  initial  rise  in  the  output 
of  the  periodic  pressure  signal  on  the  airfoil  at 
x/c  = 0.5  was  recorded  on  the  film  and  used  to 
synchronize  these  photographs  with  the  pressure  sig- 
nal. Film  speeds  as  high  as  10,000  frames/sec  were 
used.  At  the  time  of  the  initial  rise  in  the  pres- 
sure, the  remnants  of  a shock  wave  passing  upstream 
near  the  midchord  of  the  airfoil  were  visible. 
Photographs  taken  from  subsequent  frames  of  the 
film  are  shown  in  Fig.  13a.  A series  of  weak  shock 
waves  form  near  the  trailing  edge  where  they  build 
in  strength  and  coalesce  into  a single  wave  that 
moves  toward  the  midchord.  As  the  shock  approaches 
the  midchord  it  weakens  appreciably  and  the  cycle 
repeats  itself  periodically.  A similar  situation 
occurs  on  the  lower  surface  180°  out  of  phase.  In- 
teresting and  significant  features  of  the  flow  ob- 
served in  the  movie  sequence  are  the  formation  and 
strengthening  of  the  shock  wave  and  the  subsequent 
thickening  and  probable  separation  of  the  boundary 
layer  downstream  of  the  shock  wave.  A vortex  is 
seen  to  form  near  the  trailing  edge  and  sheds  alter- 
nately upward  and  downward,  depending  on  the  direc- 
tion of  the  asymmetry  of  the  periodic  flow.  The 
remaining  portions  of  the  figure  will  be  discussed 
subsequent ly . 

The  laser  velocimetcr  was  used  to  determine 
the  velocity  field  around  the  airfoil  during  a cycle 
ot  the  flow  oscillation.  Instantaneous  u and  v 
velocities  were  recorded  on  an  analog  tape  recorder 
along  with  the  signal  from  a pressure  transducer  lo- 
cated at  midchord.  The  data  were  digitized  and  the 
velocities  conditionally  sampled  relative  to  an  ini- 
tial time  triggered  by  the  onset  of  the  steep  rise 
in  each  successive  pressure  signal.  Sampling  in 
this  way  allowed  data  taken  over  many  cycles  to  be 
used  to  reconstruct  the  velocities  over  a single 
cycle.  An  example  of  the  conditionally  sampled  data 
tor  a single  point  in  the  flow  field  is  shown  in 
Fig.  14.  The  magnitude  of  the  total  velocities  is 
shown  as  a function  of  the  dimensionless  fraction  of 
time,  I,  for  one  cycle  of  oscillation.  Over  two 
thousand  synchronous  data  samples  were  used  to  con- 
struct this  plot  and  a mean  value  is  easily  discern- 
ible. The  velocity  increases  with  time  and  shows  a 
marked  decrease  as  the  shock  wave  passes  upstream. 

The  limited  sampling  rate  during  a single  flow  os- 
cillation precluded  the  possibility  of  acquiring 
turbulence  measurements. 

Velocity  data  at  125  points  in  the  flow  field 
were  acquired  in  the  manner  described  above.  In 
seeking  ways  to  keep  data  management  tolerable,  his- 
tograms of  the  velocity  components  for  dimensionless 


time  intervals  of  0.05  were  examined.  In  general, 
the  results  showed  narrowly  peaked  histograms  for 
times  when  the  measuring  point  was  in  the  inviscid 
portion  of  the  flow  and  broader  histograms  when  the 
measuring  point  was  in  the  shear  layer.  Skewed  dis- 
tributions were  sometimes  observed  in  regions  where 
the  velocity  was  near  zero  or  reversed.  Also,  the 
total  number  of  velocity  acquisitions  in  any  inter- 
val depended  on  the  magnitude  of  the  velocity;  this 
is  understandable  since  seed-particle  concentration 
depends  on  the  instantaneous  mass  flow.  The  choice 
was  made  to  represent  the  velocities  with  the  mean 
value  of  the  velocity  histogram  over  the  discrete 
dimensionless  time  interval  of  0.05.  The  mean  and 
the  mode  values  nearly  coincided  at  most  of  the 
measuring  locations. 

The  time  history  of  the  average  individual  ve- 
locity components  of  the  data  shown  in  Fig.  14  are 
given  in  Fig.  15  to  illustrate  two  points.  First, 
the  data  can  be  used  to  determine  the  direction  of 
the  flow,  6f  = tan"lv/u.  A cursory  examination  of 
the  vertical  velocity  component  shows  that  for 
T < 0.4  the  flow  is  in  a direction  almost  parallel 
to  the  airfoil  surface.  As  the  shock  passes  (T  > 
0.45)  8 approaches  zero  and  goes  slightly  posi- 

tive; the  resultant  flow  angle  is  nearly  parallel  to 
the  airfoil  chord  and  subsequently  returns  to  its 
initial  value.  Second,  the  correspondence  between 
the  solid  and  open  symbols  shows  that  the  particles 
are  able  to  adjust  rapidly  to  the  instantaneous 
change  in  velocity  across  the  shock  wave.  The  solid 
symbols  represent  velocities  calculated  from  simple 
shock  theory  using  the  measured  velocities  ahead  of 
the  shock  wave  and  the  shock  wave  angles  measured 
from  the  shadowgraphs.  The  slight  departure  from 
the  u velocity  data  with  distance  downstream  of 
the  shock  wave  is  associated  with  the  compression 
process  occurring  between  the  shock  wave  and 
measuring  point  as  the  shock  moves  upstream  (rather 
than  with  particle  lag). 

The  velocity  field  over  the  airfoil  obtained 
with  the  laser  velocimetcr  is  shown  in  Fig.  13b. 

Data  are  shown  during  one  cycle  of  oscillation  that 
corresponds  as  closely  as  possible  to  the  times  for 
the  shadowgraphs.  (Space  limitations  preclude  show- 
ing data  at  more  time  intervals,  but  a movie  showing 
data  for  twenty  equally  spaced  intervals  was  made  to 
aid  data  interpretation.)  The  lines  representing 
the  velocity  vectors  are  in  arbitrary  units.  The 
origins  of  the  vectors  can  be  determined  by  inspec- 
tion of  the  data  for  the  first  time  interval,  where 
all  the  flow  is  in  the  downstream  direction.  The 
small  group  of  vectors  near  the  trailing  edge  at 
x/c  = 1.007  overlap  those  at  x/c  = 1.0  further 
away  from  the  surface.  At  T = 0.15  the  velocities 
near  the  surface  show  evidence  of  disturbances 
between  x/c  = 0.85  and  0.95  associated  with  the 
formation  of  weak  shock  waves  which  are  discernible 
in  Fig.  13a.  At  T = 0.4  the  shock  wave  ot  has 
moved  forward  of  x/c  = 0.8.  The  velocity  vectors 
in  the  outer  portion  of  the  flow  downstream  of  this 
location  change  direction  as  expected.  Near  the 
surface  the  velocity  data  show  the  formation  of  a 
separated  region  downstream  of  the  shock  that 
appears  to  reattach  near  the  trailing  edge.  The 
velocity  direction  at  the  trailing  edge  is  con- 
trolled by  the  vortex  seen  in  the  companion  shadow- 
graph. These  same  features  are  more  apparent  at 
T = 0.6.  The  shock  wave  is  obliquely  aligned  across 
x/c  = 0.6  and  0.7.  Reversed  velocity  is  observed  at 
x/c  =0.8  and  extends  downstream  possibly  as  far  as 
x/c  = 0.95.  Reattachmcnt  occurs  near  the  trailing 
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edge.  At  the  last  selected  time  the  shock  wave  has 
weakened  considerably  and  a small  separation  region 
can  be  inferred  between  x/c  = 0.7  and  0.35.  A 
circulation  toward  the  lower  surface  is  observed 
downstream  of  the  trailing  edge  at  x/c  = 1.05. 

Examination  of  the  velocity  field  data  and  the 
shadowgraphs  for  all  twenty  time  intervals  reveals 
a rather  complete  picture  of  the  flow  field.  As  the 
shock  wave  begins  to  form  near  the  rear  of  the  air- 
foil, it  strengthens  and  moves  upstream.  Separation 
occurs  at  the  foot  of  the  shock  with  subsequent  re- 
attachment on  the  airfoil  surface.  Downstream  at 
the  trailing  edge  a small  vortex  is  formed  and  cir- 
culation from  the  airfoil  surface  with  attached  flow 
to  the  surface  with  shock  separated  flow  occurs. 

. o:  pari  sons  with  computations.  - Computations 
using  the  N'avier-Stokes  code  and  the  turbulence 
model  discussed  earlier  have  been  made  in  each  of 
the  flow  domains  shown  in  Fig.  2.  As  noted  in 
Kef.  8,  these  computations  reproduced  flow  features 
observed  experimentally.  The  basis  for  comparison 
in  that  reference  was  limited  to  surface  pressure 
data,  unsteady  cyclic  frequency  evaluation,  and 
qualitative  comparisons  with  shadowgraphs.  A more 
thorough  evaluation  to.  unsteady  case  is  made 

herein. 

A comparison  with  the  experimental  surface 
pressure  time  histories  is  shown  in  Fig.  12.  The 
wave  forms  of  the  fluctuating  pressures,  obtained 
by  computing  four  cycles  of  oscillation,  compare 
rather  well  with  the  experimental  forms.  The  oscil- 
lations on  the  upper  and  lower  surfaces  are  180°  out 
of  phase  as  observed  experimentally.  However  the 
normalized  frequency  of  oscillation  ffc/u^)  is 
about  20%  lower.  On  the  upper  surface  at  the  mid- 
chord the  magnitudes  of  the  peak  fluctuations  on 
either  side  of  the  mean  compare  favorably  with  the 
experiment.  At  x/c  = 0.775  the  magnitude  of  the 
negative  peak  fluctuations  compare,  hut  the  positive 
magnitudes  are  about  twice  that  of  the  experiment. 
This  is  consistent  with  the  fact  that  the  computa- 
tion tends  to  overpredict  the  pressure  recovery 
downstream  of  the  shock.  Another  observation  is 
that  there  is  an  asymmetry  in  the  predicted  magni- 
tudes of  the  positive  and  negative  peak  fluctuations 
on  the  upper  and  lower  surface,  believed  to  be 
caused  by  a computer  code  asymmetry. 

Computed  velocity  fields  for  selected  fractions 
of  the  time  within  a cycle  of  oscillation  are  shown 
in  Fig.  13c.  These  times  differ  from  those  chosen 
for  the  experiment  for  reasons  that  will  become  ap- 
parent later.  The  spatial  resolution  of  the  compu- 
tations reveals  a more  detailed  picture  of  the 
velocity  field  than  the  experimental  data.  As  time 
increases,  a shock  begins  to  form  on  the  upper  sur- 
face as  evidenced  by  the  change  in  magnitude  of  the 
vectors  and  also  their  direction.  The  shock  con- 
tinues to  move  forward  and  separation  occurs  with 
reattachment  near  the  trailing  edge.  Subsequently, 
the  shock  continues  forward  and  large-scale  vortical 
flow  or  shedding  appears  just  beyond  the  trailing 
edge.  The  shear-layer  thickness  is  predicted  to  be 
smaller  than  that  observed  experimentally,  hut  the 
difference  is  not  as  large  as  noted  in  the  steady 
flow  case. 

The  predicted  shock  formation  and  its  subse- 
quent movement  toward  the  leading  edge  took  a longer 
portion  of  the  cycle  time  than  in  the  experiment. 
Therefore  the  comparisons  of  the  velocity  fields  in 


Fig.  13  were  made  at  somewhat  different  times  so 
that  similar  flow  features  could  be  compared.  The 
flow  angle  histories  at  several  chordwise  stations 
at  y/c  = 0.1  are  compared  in  Fig.  16  to  illustrate 
this  difference.  In  each  example  the  initial 
increase  in  angle  can  be  associated  with  the  shock- 
wave  movement  across  the  measuring  point.  In  each 
example,  the  time  of  shock  arrival  is  longer  for  the 
computation,  but  the  resulting  change  in  flow  angle 
is  more  abrupt.  An  examination  of  the  velocity 
fields  on  the  basis  of  shifted  time  shows  that  the 
computation  and  experiment  have  essentially  the  same 
features. 

The  computation  was  studied  in  an  attempt  to 
explain  the  onset  and  maintenance  of  the  unsteady 
flow.  Sequential  development  of  the  flow  field 
showed  that  the  process  that  possibly  initiated  the 
unsteady  flow  depended  on  two  conditions.  The  first 
was  a slight  asymmetry  in  the  location  of  the  sepa- 
ration points  on  the  upper  and  lower  surface  caused 
by  a code  asymmetry;  free-stream  flow  angle  or  model 
construction  asymmetry  may  have  introduced  similar 
differences  experimentally.  The  second  was  rapid 
development  of  a single  separation  zone  on  one  side 
of  the  airfoil  where  the  separated  region  behind  the 
shock  and  the  separated  region  at  the  trailing  edge 
joined.  The  resulting  asymmetry  in  the  wake  tends 
to  extract  mass  from  the  trai 1 i ng-edge  separated 
region  on  the  other  side  of  the  airfoil,  momentarily 
preventing  the  development  of  a single  separation  on 
that  side.  Meanwhile  the  outer  inviscid  flow  ad- 
justs to  the  displacement  effects  as  if  the  airfoil 
had  been  given  camber,  and  the  flow  slows  with  a 
subsequent  weakening  of  the  shock  wave  until  the 
separation  collapses.  Thus  the  sequence  of  oscilla- 
tion is  set;  the  flow  on  the  opposite  side  speeds 
up  and  the  stronger  shock  separates  the  flow  causing 
the  process  to  continue. 

If  this  physical  description  is  correct,  the 
period  of  sc  illation  would  then  depend  on  the  time 
it  takes  r the  entire  flow  to  adjust  to  the  dis- 
placement effects  caused  by  the  thickening  shear 
layers.  Two  important  findings  support  this.  First, 
the  experimental  reduced  frequency,  f = Trfc/u^, 
compares  with  that  observed  by  Finke- 0 in  another 
investigation  using  circular  arc  airfoils  of  differ- 
ent chord  dimensions,  where  the  Reynolds  number  was 
much  lower.  The  second  is  that  the  reduced  fre- 
quency determined  from  the  present  computation 
compared  exactly  with  a different  computation  using 
the  same  code  but  with  the  airfoil  chord  dimension 
cut  in  half.  These  findings  may  also  explain  why 
a simple  turbulence  model,  capable  of  reproducing 
the  qualitative  features  of  separation,  can  repro- 
duce this  unsteady  flow. 

Conclusions 

A study  of  the  transonic  flow  over  a circular 
arc  airfoil  was  undertaken  to  provide  guidance  for 
turbulence  modeling  of  shock- induced  separated 
flows  and  to  verify  numerical  computer  codes  that 
are  being  developed  to  simulate  such  flows.  Depend- 
ing on  the  free-stream  Mach  number,  the  flow  field 
developed  was  either  steady  with  shock-wave- induced 
separation  extending  from  the  foot  of  the  shock 
wave  to  beyond  the  trailing  edge  or  unsteady  with  a 
periodic  motion  also  undergoing  shock- induced  sepa- 
ration. Mean  velocity  and  turbulence  measurements 
for  the  steady  flow  case  were  successfully  made 
with  a laser  velocimetcr.  Mean-flow  velocities 
with  the  same  instrument  were  also  obtained  in  the 
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unsteady,  periodic  flow  by  conditionally  sampling 
data  relative  to  an  initial  time  triggered  by  a 
pressure  signal  measured  at  the  airfoil  midchord. 
Comparisons  with  numerical  simulations  using  a com- 
puter code  that  solved  the  time-dependent  Reynolds' 
averaged  compressible  Navier-Stokes  equations  were 
made  for  both  flow  conditions. 

For  the  steady  flow  case,  a thick  shear  layer 
formed  downstream  of  the  shock- induced  separation 
point.  Within  the  shear  layer  the  maximum  turbulent 
kinetic  energy  and  shear  stress  occurred  at  a loca- 
tion corresponding  to  that  where  the  maximum  normal 
velocity  gradient  occurred  thus  supporting  the  ap- 
propriateness of  a scalar  eddy  viscosity  concept  in 
the  outer  portions  of  the  shear  layer.  Comparing 
the  measurements  with  computations  employing  a mix- 
ing length  model  to  describe  the  eddy  viscosity 
showed  that  the  shear-layer  thickness  was  underpre- 
dicted and  that  the  resulting  influence  on  the  outer 
flow  gave  a rather  poor  prediction  of  the  actual 
pressure  recovery  on  the  airfoil.  Changes  in  the 
model  guided  by  the  experimental  data  are  now  being 
implemented  in  the  computer  code. 

In  the  unsteady  flow  case  a shock  wave  formed 
on  one  surface  back  near  the  trailing  edge.  As  its 
strength  increased,  the  flow  separated  just  behind 
the  shock  wavt  and  reattached  on  the  airfoil.  On 
the  opposite  surface  a similar  sequence  took  place, 
but  180°  out  of  phase.  Computations  of  the  flow 
predicted  most  of  the  essential  features  observed 
experimentally,  but  the  reduced  frequency  was  lower 
by  about  20°o.  The  details  of  the  computation  were 
used  to  explain  a possible  sequence  of  events  lead- 
ing to  the  unsteady  motion. 

Work  continues  to  improve  the  turbulence  model 
used  in  the  numerical  simulations  of  transonic  flows 
with  shock- induced  separation.  Once  this  improve- 
ment is  in  hand,  adequate  predictions  of  both  steady 
and  unsteady  transonic  flow  should  be  available  for 
cases  where  viscous  effects  are  important. 
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Fig.  2 Experimental  flow  domains 


Fig.  1 Experimental  arrangement 
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a)  Diagram  showing  optical  arrangement 


b)  Diagram  showing  data  acquisition  alternatives 


Fig.  3 Laser  Velocimeter  System 


Fig.  4 Shadowgraph  of  steady  shock-induced  separation  with  an  overlay  showing  mean  velocity  profiles 

M - 0.79  an''  Re  = 11*106. 


Fig.  5 Mean  velocity,  turbulent  shear  stress,  and  kinetic  energy  profiles  in  the  shear  layer  downstream  of 

separation,  = 0.79  and  Rec  = 11*10^. 


Fig.  6 Variation  of  maximum  shear  stress  and  normal  velocity  gradient  in  shear  layer  downstream  of 

separation,  = 0.79  and  Rec  = 11*106. 


Fig.  7 Oil  flow  photograph  showing  qualitative  flow  features  for  steady  shock-induced  separation. 


a)  Pressures  b)  Skin  friction 

Fig.  8 Experimental  and  computed  pressures  and  skin  friction  on  the  airfoil  surface,  = 0.79  and 

Re  = U*106. 
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Fig.  10  Length  scales  measured  in  the  shear  layer  downstream  of  separation,  K* 
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Fig.  11  Comparison  of  experimental  and  computed 
velocity  and  eddy  diffusivity  profiles, 
H.  - 0.79  and  Rec  = llxlO6. 


Fig.  12  Surface  pressure  time  histories  on  the 
airfoil  with  unsteady  flow,  = 0.76 
and  Rec  * 11*10&. 


c)  Velocity  field  from 
the  computation 


b)  Velocity  field  from 
the  experiment 


a)  Shadowgraphs 


Fig.  13  Flow  field  over  the  airfoil  with  unsteady  flow,  * 0.76  and  Rec 
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D.  M.  Bushnell 
Langley  Research  Center 

SUMMARY 


This  paper  represents  a report  on  a portion  of  the  fuselage  viscous  drag 
reduction  research  at  NASA  Langley  Research  Center.  The  paper  discusses  three 
areas:  oscillatory  longitudinal  curvature,  large  eddy  breakup  devices  and 
small  longitudinal  surface  striations.  The  first  two  concepts  produce  sizable 
local  turbulent  skin  friction  reductions,  but  further  research  is  required  to 
optimize  the  effect,  reduce  parasitic  device  drag,  and  thus  provide  a net 
increase  in  vehicle  performance.  The  surface  striations,  due  to  large  wetted 
area  increases  for  a given  planform,  have  not  yet  yielded  a planform-averaged 
skin  friction  reduction.  However,  heat  transfer  data  indicate  such  surfaces 
may  have  useful  application  in  heat  exchangers. 


INTRODUCTION 


One  of  the  major  goals  of  aerodynamic  research  is  increased  aircraft  perfor- 
mance. Reducing  drag  is  an  obvious  method  of  increasing  performance  and  at  the 
same  time  reducing  fuel  usage.  Long  haul  aircraft  drag  is  mainly  drag  due  to 
lift  and  turbulent  skin  friction.  Recent  advances  in  technology  (supercritical 
wings,  winglets)  provide  sizable  reductions  in  drag  due  to  lift.  However, 
while  skin  friction  drag  reduction  research  is  currently  enjoying  somewhat  of  a 
renaissance,  there  is  no  generally  applicable  technique  yet  available  which 
gives  a net  reduction  in  turbulent  skin  friction  other  than  driving  the  flow 
all  the  way  to  the  laminar  condition  (Laminar  Flow  Control).  This  forced  lami- 
nar option  is  under  active  study  at  NASA  Langley  Research  Center  for  wing 
application,  but  other  metnods  should  be  examined  for  the  fuselage,  which  is 
responsible  for  approximately  one  half  of  the  aircraft  skin  friction  drag. 
Turbulent  drag  reduction  techniques  are  reviewed  in  reference  1 and  this  paper 
presents  a progress  report  on  research  for  several  approaches  not  yet  identi- 
fied when  reference  1 was  prepared.  The  approaches  include  oscillatory  longi- 
tudinal curvature  (ref.  2),  large  eddy  breakup  devices  (ref.  3)  and  small 
longitudinal  surface  striations  (ref.  4 - paper  accepted  for  presentation). 

A chronology  of  the  Langley  viscous  drag  reduction  research  program  is  shown  on 
figure  1.  This  research  is  based  primarily  on  concepts  derived  from  considera- 
tion of  the  coherent  structures  recently  identified  in  turbulent  boundary 
layers  (fig.  2).  The  turbulent  layer  is  assumed  to  consist  of  the  usual  outer 
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region  with  large  scale  motion,  a wall  region  where  turbulent  production  occurs, 
and  a communication  process  from  outer  to  inner  layers  which  causes  the  inner 
layer  to  erupt.  Obvious  possibilities  for  turbulent  drag  reduction  include 
breakup  of  the  outer  eddy  structure,  (thereby  altering  the  outer-to-wal 1 commu- 
nication and  perhaps  decreasing  the  bursting  activity)  and  stabilization  of  the 
near  wall  layer.  However,  care  must  be  taken  to  consider  and  perhaps  modify 
"secondary  influences"  of  candidate  drag  reduction  techniques  to  ensure  that 
the  overall  effect  is  the  net  drag  reduction.  There  are  many  techniques  which 
reduce  turbulence  production,  but  actually  increase  overall  drag,  simple  examples 
being  small  to  moderate  wall  suction  and  favorable  pressure  gradients.  There- 
fore, for  each  of  the  three  candidate  drag  reduction  techniques  which  will  now 
be  discussed,  the  effect  on  overall  drag  will  be  addressed,  not  just  the  influence 
on  turbulent  skin  friction. 


Oscillatory  Longitudinal  Curvature 

Early  results  from  this  study  are  available  in  reference  2.  The  basic  concept 
is  to  use  transverse  surface  waviness  in  an  attempt  to  produce  periodic  partial 
relaminarization  and  thus  a lower  average  skin  friction.  The  essence  of  the 
approach  is  the  extreme  sensitivity  of  turbulent  flows  to  longitudinal  curvature 
effects  (ref.  5).  Transverse  wall  waves  produce  periodic  variations  in  two 
boundary  conditions  which  strongly  influence  turbulent  boundary  layers,  alter- 
nating favorable  and  adverse  pressure  gradients  and  concavg  and  convex  curvature. 
The  pressure  variations  are  phase-shifted  approximately  90°  from  the  curvature 
variations,  but  there  is  a region,  upstream  of  the  wave  crest,  where  the  boundary 
layer  is  subjected  simultaneously  to  the  combined  influence  of  convex  curvature 
and  favorable  pressure  gradient,  both  of  which  are  known  to  stabilize  the  turbu- 
lent flow.  Sufficiently  large  and  long  lasting  convex  curvature  and  favorable 
pressure  gradient  effects  are  known  to  cause  relaminarization  of  the  turbulent 
boundary  layer. 


From  research  performed  thus  far,  one  of  the  keys  to  obtaining  an  average  C. 
reduction  is  the  use  of  small  wave  lengths  (order  of  the  boundary  layer  thickness) 
to  cause  large  curvature  effects  (small  radius  of  curvature,  proportional  to  wave 
length  squared).  Usual  guidelines  (e.g.  ref.  5)  indicate  that  S/R  values  greater 
than  0.005  to  0.01  cause  large  chanqes  in  turbulence  structure.  In  the  trans- 
verse wavy  wall  case  relatively  innocuous  waves,  ~ 0.03  (but  small  wave  legth. 


A ~ 6)  produce  6/R  ~ 0(1)  and  therefore  the  boundary  layer  is  subjected  to  tremen- 
dous oscillatory  curvature  influences.  The  pressure  gradients  are  also  not  small, 

16*  dPl 

with  maximum  values  of  order  10  -*■  15.  If  such  influences  were  mona- 


tonicallv  applied  to  the  hnunHary  layer,  the  effects  would  be  ultimately  catas- 
trophic, either  complete  relaminarization  or  separation,  depending  upon  the  sign. 


The  mitigating  influence  which  keeps  the  turbulent  flow  relatively  well  behaved 
is  the  oscillatory  nature  of  these  influences.  The  turbulence  is  kept  in  a 
highly  nonequilibrium  state;  as  soon  as  the  flow  begins  to  adjust  to  the  local 
gradients  the  spatially  periodic  surface  condition  alters  them.  In  fact,  this 
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nonequilibrium  effect  may  not  allow  the  usual  Gortler  vortices  to  form  in  the 
concave  region,  and  delayed  formation  of  these  vortices  (made  probable  by  small 
A)  may  be  necessary  for  wavy  walls  to  reduce  average  skin  friction.  If  the 
vortices  formed  they  would  probably  continue  on  into  the  area  where  partial 
relaminarization  could  occur  and  perhaps  seriously  disrupt  the  rel aminari zation 
process. 

Reference  2 documents  a calculation  technique  developed  for  wave-shaped  walls  of 
small  wave  length  with  first  order  nonequilibrium  effects  included  via  rate 
equations  for  the  wall  damping,  wall  layer  and  curvature  modeling  "constants". 

The  method  was  developed  and  calibrated  to  reproduce  wall  shear  (fig. 3)  and 
velocity  profiles  measured  in  small  A wavy  wall  experiments.  Note  that  the 
average  skin  friction  for  figure  2 is  approximately  20  percent  lower  than  for  a 
flat  plate.  This  apparent  reduction  in  average  surface  skin  friction  is  not  yet 
a net  drag  reduction,  as  the  oscillatory  (nonequilibrium)  6*  variation  over  the 
wall  causes  a phase  shift  in  the  pressure  field  induced  by  the  wavy  surface  and 
therefore  a form  or  pressure  drag  occurs  which  is  larger  than  the  reduction. 
The  calculation  procedure  just  discussed  can  predict  this  oscillatory  6*  varia- 
tion and  the  current  Langley  Research  Center  research  is  aimed  at  testing  models 
of  "skewed"  wavy  walls  where  the  surface  wave  is  "corrected"  for  this  oscillatory 
6*.  On  paper,  such  optimized  surfaces  can  produce  a reasonable  (10  20  percent) 

net  drag  reduction;  even  when  the  small  additional  surface  area  associated  with 
the  wave  is  included. 


Large  Eddy  Breakup  Devices 

The  original  research  on  this  concept  is  documented  in  reference  3.  The  initial 
basic  approach  was  to  insert  across  the  boundary  layer  (but  not  across  the  entire 
flow)  a screen  or  other  device  to  break  up  the  outer  eddies  (Tig-  4).  The  usual 
relaxation  distance  for  the  outer  flow  is  60  to  100  6,  and  in  this  region  the 
outer  eddies  convalesce,  heal  and  grow  back  to  their  usual  scale.  During  this 
healing  or  relaxation  process  the  outer-to-wal 1 communication  might  be  disrupted, 
resulting  in  less  bursts  and  a lower  Cf.  The  screen  experiments  of  reference  3 
show  a large  Cf  reduction  (up  to  50  percent)  with  a monatonic  relaxation  to  the 
"undisturbed  level"  in  the  order  of  50  -*  100  6.  The  device  (screen)  drag  in 
reference  3 is  probably  larger  than  the  area  integrated  Cf  reduction  and  there- 
fore further  research  is  required  to  determine  whether  the  device  drag  can  be 
reduced  below  the  reduction  so  a net  drag  reduction  can  be  obtained. 

As  shown  on  figure  4,  in  unpublished  tests  at  Langley  by  J.  N.  Hefner,  we  have 
used  honeycombs  rather  than  screens.  These  honeycombs  have  approximately  an 
order  of  magnitude  less  drag  than  the  screen  of  reference  3.  Preliminary 
direct  drag  (balance)  measurements  indicate  reductions  the  order  of  those 
observed  in  reference  3 (0  - 50  percent),  butTthe  device  drag  is  still  larger 
(by  a factor  of  2 to  3)  than  the  skin  friction  reduction.  The  current  Langley 
Research  Center  research  in  this  area  attempts  to  determine  whether  a device 
such  as  shown  on  the  right  of  figure  4 (having  a smaller  number  of  horizontal  and 
vertical  elements)  can  also  produce  large  reductions  downstream.  If  so,  a net 
drag  reduction  may  be  obtainable.  The  basic  question  of  what  effect  various 
device  geometries  have  upon  suppressing  the  outer  structures  in  turbulent  boundary 
layers  is  essentially  an  entirely  new  line  of  inquiry.  Most  previous  work 
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focused  upon  the  opposite  problem  of  using  "vortex  generators"  or  roughness  to 
excite  the  turbulent  boundary  and  keep  the  flow  attached  in  adverse  pressure 
gradient  regions,  or  for  enhanced  heat  transfer.  Estimates  based  upon  the  form 
drag  of  four  horizontal  elements  with  an  aspect  ratio  of  10  indicate  a net  drag 
reduction  of  10  to  20  percent,  if  such  a device  produces  large  Cf  reductions. 
The  research  on  "large  eddy  breakup  devices  " is  obviously  in  an'early  stage. 


Small  Longitudinal  Surface  Striations 

The  basic  concept  is  described  in  reference  4.  Early  work  by  Eckert  and  Irvine 
(ref.  6)  indicate  that  the  apex  region  of  isosoles  triangle  ducts  (with  small 
apex  angle)  could  have  laminar  flow  locally,  although  the  major  portion  of  the 
duct  flow  was  turbulent.  An  obvious  possible  origin  for  this  behavior  is  the 
local  dimunition  in  transverse  scale  associated  with  the  apex  region,  i.e., 
locally  the  flow  is  highly  viscous.  With  this  experience  in  mind,  and  consid- 
ering the  wall  scales  associated  with  the  bursting  process,  several  walls  were 
machined  with  triangular  (and  rectangular)  shaped  "riblets"  having  dimensions 

Ay+,  Az+  ~ 0(50).  These  longitudinal  striations  are  considerably  smaller  than 
any  used  in  previous  research. 

Direct  drag  measurements  indicate  small  drag  increases  (5  ->  10  percent)  when 
compared  to  a flat  or  smooth  surface  of  the  same  planform.  However,  the  actual 
surface  ( wetted ) area  associated  with  the  riblets  was  as  much  as  300  percent 
greater  than  the  smooth  surface.  Therefore,  on  a wetted  area  basis  the  drag  was 
reduced  considerably  (but  not  on  a planform  basis,  which  is  the  only  important 
consideration  for  aircraft  drag  reduction).  Work  is  continuing  to  determine  if 
a net  drag  reduction  can  be  achieved.  It  should  be  noted  that  because  the 
striations  are  longitudinal,  there  is  no  local  pressure  of  form  drag  associated 
with  such  surfaces. 

Having  evidently  altered  the  wetted  surface  average  considerably,  we  next 
checked  the  heat  transfer  behavior  of  these  riblets.  'Results  shown  on  figure  5 
indicate  a sizable  increase  in  Reynolds  analogy  factor  compared  to  the  flat  plate 
case.  This  observation  may  be  of  considerable  interest  for  heat  exchanger  appli- 
cations, as  these  small  riblets  evidently  increase  heat  transfer  more  than  they 
increase  pumping  power  for  non-pressure  gradient  (external  type)  surfaces.  Most 
devices  which  increase  heating  do  so  at  the  expense  of  much  greater  pumping  power 
compared  to  the  heat  transfer  increase. 


CONCLUDING  REMARKS 


This  progress  report  is  on  a portion  of  the  fuselage  viscous  drag  reduction 
research  at  NASA  Langley  Research  Center.  Paper  discusses  three  areas: 
oscillatory  longitudinal  curvature,  large  eddy  breakup  devices,  and  small  longi- 
tudinal surface  striations.  The  first  two  concepts  produce  sizable  local 
turbulent  skin  friction  reductions,  but  farther  research  is  required  to  optimize 
the  effect,  reduce  parasitic  device  drag  and  thus  provide  a net  increase  in 
vehicle  performance.  The  surface  striations,  due  to  large  wetter  areas  increases 
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for  a given  planform,  have  not  yet  yielded  a planform-averaged  skin  friction 
reduction.  However,  heat-transfer  data  indicate  such  surfaces  may  have  useful 
application  in  heat  exchangers. 
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FIGURE  1.-  LANGLEY  DRAG  REDUCTION  CHRONOLOGY 
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FIGURE  2.-  DRAG  REDUCTION  THROUGH  INTERFERENCE  WITH  TURBULENCE  PRODUCTION/FEEDBACK  LOOP 


HONEYCOMBS/SCREENS  FOR  TURBULENT  VISCOUS  DRAG  REDUCTION 


FIGURE  A.-  HONEYCOMBS/SCREENS  FOR  TURBULENT  VISCOUS  DRAG  REDUCTION 


FIGURE  5.-  INFLUENCE  OF  "RIBLETS"  ON  HEAT  TRANSFER 
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INTRODUCTION 


Flows  along  streamwise  corners  exist  in  numerous  engineering 
applications;  for  example,  flow  along  fuselage  wing  junction,  flow  in 
rectangular  inlet  diffusers  and  ducts,  and  flow  in  the  intersection  of 
several  control  surfaces.  Traditionally,  the  flow  field  has  been 
analyzed  by  the  super-position  of  primary  and  transverse  flows  lf 2» 3 » 4 . 

The  transverse  flow  has  a pronounced  effect  on  peripheral  wall  shear 
stress  distribution  and  heat  rates  in  the  corner  region.  In  a super- 
sonic stream,  the  generating  mechanism  of  cross  flows  is  further  com- 
plicated by  the  intricate  shock-wave  structure  interacting  with  the 
viscous  dominated  region5’6’7.  In  essence,  this  problem  is  amenable  to 
a solution  only  through  the  use  of  the  Navier-Stokes  equations.  This 
observation  is  reflected  by  the  significant  amount  of  recent  numerical 
solutions  obtained  for  the  considered  configurations.  Some  of  the 
investigations  are  interested  only  in  either  the  shock  wave  structure 
or  the  slip  surface  configuration®’9’  10  or  seek  the  asymptotic  viscous 
solution  under  particular  flow  conditions11’  12 ’ 13 . Recent  work14’  15 
using  the  Navier-Stokes  equations  on  the  subject  is  currently  under 
development  in  computational  fluid  dynamics.  The  sole  limitations  of  the 
aforementioned  efforts  14 > 15  is  that  the  flow  remains  laminar.  The 
present  analysis  therefore,  attempts  to  remove  the  last  restriction  in 
the  study  of  the  three-dimensional  corner  problem  through  the  inclusion 
of  a turbulence  and  transition  model. 

The  specific  case  examined  is  a symmetrical  corner  formed  by  the 
intersection  of  two  wedges  with  identical  wedge  angles  of  9.48  degrees. 
The  flow  field  investigated  contains  a supersonic  leading  edge  with  the 
consecutive  development  of  laminar,  transitional  and  turbulent  viscous 
flow  along  the  streamwise  corner.  The  experimental  data16*  17  was 
collected  at  a Mach  number  of  three,  with  the  Reynolds  number  spanning 
a range  from  0.4  x 106  to  60  x 106.  The  numerical  results  are  compared 
with  the  experimental  measurements  of  surface  pressure  distribution, 
impact  pressure  survey,  and  oil  film  flow  pattern.  The  complete  flow 
field  structure  is  presented  in  the  form  of  density  contours,  cross 
flow  velocity  diagrams  and  surface  shear  distributions. 


ANALYSIS 

The  equations  of  motion  for  the  present  analysis  are  the  time- 
dependent  Navier-Stokes  equations  in  mass-averaged  variables  18  for 
three  dimensional  flows 

-!§  + V * (Pu)  = 0 (1-1) 


9pu  . 
at 
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(puu  - t)  = 0 
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where,  the  stress  tensor  also  contains  components  of  the  Reynolds  stress 
<t^>  = - p<  > and  the  heat  flux  also  includes  a convective  term 

due  to  the  turbulent  motion  = qi  - p<.eu.j>  . Although,  the  closure 

problem  for  the  system  of  governing  equation  is  formidable,  the  approach 
here  is  to  seek  a simple  means  of  effecting  closure  to  the  equations  of 
motion.  To  accomplish  this  objective,  a modification  of  Gessner's  eddy 
viscosity  model19’20  for  turbulent  corner  flows  was  adopted.  In  this 
model,  the  component  of  the  Reynolds  stress  tensor  is  related  to  the 
mean  rate-of-deformation  tensor2  1.  The  length  scale  used  in  the  eddy 
viscosity  formulation  is  the  asymptotic  form  given  by  Gessner  for  a 
rectangular  duct.  Finally,  a two- layer  model  is  given  as 


The  inner  layer 

ei  = P^1^2  ) 1 _ exP  * 


(2-1) 


where  K,  is  Von  Kantian' s constant  and,3q,  - 

1 l 3?  I “ n • Vu" 

The  mixing  length  L is  given  by  Buleev's  mixing  length22  model  in  its 
asymptotic  form  . 

L = 2yz/[y  + z + (y2  + z2)  ] 

The  outer  layerayer 

In  the  law  of  the  wake  region,  the  eddy  viscosity  is  simply  the 
velocity  defect  formulation 


e = P K_  q f (1  - q/q  ) dn  (2-2) 

o ' 2 Mmax  o M hnax 

In  order  to  describe  the  transitional  phenomenon  for  the  corner  region, 
the  Dhawan  and  Narasimha' s2 3 transition  model  was  extended  to  three 
dimensions.  The  model  indeed  is  entirely  empirical  and  requires 
specification  of  the  zone  of  transition  with  a specific  on-set  point. 
Nevertheless,  the  transition  model  has  been  adequately  verified24’25" 

The  Dhawan  and  Narasimha 's  laminar-turbulent  transition  model  can  be 
given  as_ 

T (x)  = 1 - exp  (-0.412x2)  (2-3) 

where 


x - (x  - x . ) /A, 


xt,i±  x-xt,  f • 


The  parameter  A is  a measure  of  the  extent  of  the  transition  region 
defined  by 

A = xr  = 3/4  “ xr  = 1/4 

Once  the  eddy  viscosity  coefficient  and  turbulent  Prandtl  number  are 
defined,  the  closure  of  the  system  of  equations  is  completed.  The 
components  of  stress  tensor  and  heat  flux  can_be  summarized  as 
x = ( p + e)  (Def  u)  - 2/3(p+  e)(V  • u)  <5^ 


qi  “CP(PJ”  + P* 


- _3T_ 


(3-1) 


(3-2) 
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The  associated  boundary  conditions  for  the  present  investigations 
are  straight  forward;  upstream,  supersonic  free  stream  is  prescribed. 
The  downstream  boundary  condition  is  assigned  the  asymptotic  inviscid 
(conical)  behavior.  Away  from  the  corner  region,  the  flow  is  required 


return 
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On  the  contour  of  the  corner,  the  boundary  conditions  are  the  no-slip  con- 
ditions for  the  velocity  components  and  a constant  surface  temperature. 

The  latter  is  intended  to  duplicate  the  experimental  wall  temperature. 

The  surface  pressure  is  obtained  by  satisfying  the  momentum  equation  at 
the  wedge  surfaces. 


U = V = w = 

0 

at 

n, 

4 = o 

(5-1) 

T = 530°R 
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DISCUSSION  OF  RESULTS 


For  the  present  analysis  two  mesh-point  distributions  were  used. 

The  preliminary  result  was  first  obtained  by  a (8  x 23  x 23)  system 
mainly  to  evaluate  the  eddy  viscosity  model  on  a CDC  Cyber  74  computer. 

The  finer  resolution  calculation  (17  x 23  x 33)  was  performed  on  the  CDC 
7600  computer  of  NASA  Ames  Research  Center.  The  rate  of  data  processing 
is  0.00468  and  0.00178  seconds  per  grid  point  per  time  step  on  the  Cyber 
74  and  the  CDC  7600  respectively.  The  basic  numerical  method  is  the 
A.D.E.  scheme  originated  by  MacCortnack28,27,  however,  the  numerical  code 
also  contains  the  option  of  a hybrid  implicit-explicit  scheme27.  Details 
of  the  numerical  procedure  will  be  delineated  in  the  complete  version  of 
the  manuscript. 

The  numerical  results  are  presented  in  two  catergories.  In  the  first 
group,  a direct  comparison  is  performed  of  the  numerical  with  the 
experimental  data.  The  second  group  is  presented  to  delineate  the  struc- 
ture of  the  corner  flow.  The  shock  wave  system,  slip  surface  and  the 
vorticity  are  investigated  relative  to  the  secondary  flow  velocity.  The 
surface  shear  stress  distribution  and  the  limiting  streamline  of  the  three- 
dimensional  flow  separation28’2,3  will  also  be  presented. 

In  the  first  figure,  surface  pressure  distributions  for  laminar  and 
turbulent  flow  are  presented.  The  agreement  between  the  experimental 
measurement  and  calculation  is  excellent.  The  discrepancy  between  data 
and  calculation  is  within  the  scatter  band  of  the  data.  The  computed 
surface  pressure  clearly  displays  the  different  scaling  characteristic 
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of  laminar  and  turbulent  Interacting  flows  while  the  inviscid  solution  fails 
to  reveal  this  characteristic. 

The  shock  wave  structure  of  the  entire  flow  field  in  terms  of  density 
contours  is  given  in  Figure  2.  One  observes  the  intersecting  shock  waves 
due  to  the  wedges  and  a set  of  two  triple  points  formed  by  further  inter- 
section of  the  embedded  shock  waves.  The  numerical  result  duplicates 
essentially  the  experimental  observations.  In  Figure  3,  two  shock  wave 
structures  for  laminar  and  turbulent  conditions  are  presented.  Good  agree- 
ment is  observed  between  the  computed  and  experimental  values.  The  numerical 
result  shows  the  reduction  in  the  size  of  the  terminating  embedded  lambda 
shock  as  the  interaction  length  scale  decreases  from  laminar  to  turbulent 
flow. 

The  comparison  of  experimental  impact  measurement  and  calculated 
values  is  given  in  Figure  4.  The  agreement  appears  reasonable.  The 
pressure  distribution  not  only  reveals  the  shock  wave,  but  also  indicates 
the  slip  surface  location. 

In  Figure  5,  the  oil  film  flow  pattern  is  presented.  It  is  obvious  an 
orderly  transition  from  laminar  flow  near  the  leading  edge  to  the  fully 
turbulent  flow  downstream.  The  components  of  surface  shear  force  can  be 
obtained  as  f = n • T.  According  to  the  limiting  line  theory28*29  for 
three-dimensional  flow  separation  convergence  of  oil  film  streaks  repre- 
sent the  separation  streamline.  The  experiment  indicates  asymptotic 
separation  angles  of  45°  for  laminar  and  32°  for  turbulent  with  transition 
forming  as  'S'  shaped  pattern  between  the  two  regions.  The  numerical 
results  substantiate  findings  to  within  +10%  . 


CONCLUSION 


The  numerical  solution  of  a three-dimensional  laminar-transitional- 
turbulent  flow  along  a symmetrical  corner  has  been  obtained.  The  present 
result  duplicates  all  the  essential  experimental  observations.  The  present 
investigation  seems  to  indicate  that  careful  application  of  an  eddy- 
viscosity  concept  is  not  limited  to  mere  two-dimensional  thin  shear  flows. 
Finally,  the  present  procedure  appears  to  offer  promise  for  the  prediction 
of  inlets  and  fuselage  wing  junctions  for  pracitical  engineering  applications. 
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Three-Dimensional  Boundary- Layer  Calculation  on  Bodies 

by 

R.  Grundmann 

DFVLR-lnstitut  fur  Angewandte  Gasdynamik,  Kbln 

Summary 

A surface  oriented  coordinate  system  is  being  constructed  in  order  to  calculate  the 
boundary  layer  on  bodies.  A special  treatment  is  being  made  in  the  stagnation  point 
region  and  in  the  planes  of  symmetry.  The  boundary- layer  equations  in  holonomic  form, 
and  the  finite  difference  formulation  are  being  discussed  shortly.  Sample  calculations 

are  given. 


1 . Introduction 

In  order  to  calculate  the  three-dimensional  boundary  layer  on  bodies  at  high  angle  of 
attack  the  attempt  was  made  to  solve  the  governing  boundary- layer  equations  in  surface- 
oriented  coordinate  systems.  The  advantage  to  a streamline  oriented  coordinate-system  is 
that  there  is  no  interface  program  necessary  to  solve  the  stream  and  potential  lines  on 
the  body  surface  from  the  inviscid  flow  data  separately  for  each  angle  of  attack. 

In  this  study  two  surface-oriented  coordinate  systems  have  to  be  connected  as  shown  in 
Fig.  1 due  to  the  parabolic  nature  of  the  problem.  Since  from  the  inviscid  data  the 
location  of  the  stagnation  point  is  known,  the  origin  of  the  Cartesian  coordinate  system 
can  be  placed  there,  so  that  the  x'*  -axis  is  parallel  to  the  main  axis  of  the  body.  This, 
additionally,  means  that  the  Cartesian  coordinate  system  lies  in  the  plane  of  symmetry 
of  the  body. 

The  concept  of  the  solution  procedure  allows  no  yaw-angle,  because  the  flow  conditions 
on  the  symmetry  lines  are  used  to  compute  the  boundary  values  by  means  of  a separate 
quasi  two-dimensional  symmetry-line  program.  The  symmetry-line  program  itself  is 
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started  with  the  data  from  a stagnation-point  program.  These  additional  programs  are 
described  in  Ref.  UJ. 


The  governing  equations  are  prepared  to  describe  the  incompressible  or  compressible, 
laminar  or  turbulent  boundary- layer  equations  for  three-dimensional  flows.  The 
turbulence  model!  is  a first  order  closure  modell  by  MICHEL. 


2.  Governing  Equations 


2.1  Geometrical  Conditions 


If  one  considers  for  simplicity  an  ellipsoid  of  revolution  at  an  angle  of  attack  as  shown 
in  Fig.  2,  the  coordinate  system  in  the  nose  region  consists  of  the  coordinate  lines  x^ 
that  lie  in  planes  parallel  to  Cartesian  planes  x<i  = const,  and  the  coordinate  lines 

2 3 

x that  lie  in  planes  parallel  to  Cartesian  planes  x,J  = const.  The  coordinate  axis  x. 


'N  1 r N 

always  is  straight  and  erected  perpendicular  to  the  surface.  So  the  coordinate  system  at 


the  nose  is  curved  and  non-orthogonal  concerning  the  surface  coordinates. 


The  coordinate  system  in  the  body  region  consists  of  curved  but  orthogonal  surface- 
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coordinate  axes,  because  the  axes  x run  along  the  body  surface  while  the  angle  with 

B 2 


the  xU  = 0 plane  is  constant  until  the  end  of  the  body.  The  axes  x^  run  parallel  to  the 


Cartesian  x planes.  Again  the  x coordinate  is  straight  and  erected  perpendicular  to 

B 


the  surface.  This  system  is  comparable  to  the  polar  coordinate  system. 


From  Fig.  3 the  geometrical  conditions  can  be  formulated  for  both  systems  on  arbitrary 
bodies  in  connection  to  the  Cartesian  reference  system  in  the  following  way: 


nose  geometry 
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The  angles  @ and  4 are  defined  in  Fig.  3,  the  lengths  x^  and  xj^  give  the  location 
of  the  centre  of  the  ellipsoid  with  regard  to  the  location  of  the  stagnation  point,  and  r 
is  the  radius  from  the  axis  of  rotation  x*  to  the  surface  of  the  body.  @ , 4 and  r are 


r . . 1 2 

functions  of  x^  or  x^. 


2.2  Metric  Tensor 


In  the  following  the  case  of  the  sphere  and  the  ellipsoid  with  zero  angle  of  attack  will 
be  described  in  its  metric  properties,  and  used  in  the  numerical  tests.  That  means  the 
body  coordinate  system  first  will  be  dominate. 

-rh'  -omponents  a.,  of  the  metric  surface  tensor  are  necessary  for  the  computation  of  the 
‘actors  k..  which  appear  in  the  governing  equations. 
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2.3  Boundary- Layer  Equations 

The  three-dimensional  boundary- layer  equations  for  compressible  flows  around  bodies 
are  formulated  in  the  contravariant  tensor  notation,  so  that  the  equations  are  in 
holonomic  form. 

continuity  equation 


a 

~ Cfiii  ^ a ~ ^u.) 


x -momentum  equation 
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Herein  x and  v*  (i  = 1,  2,  3)  are  the  coordinate  axes  and  the  contravariant  velocity 
components,  respectively,  T,  p and  p are  the  temperature,  the  density  and  the 
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pressure.  The  quantities  a and  k are  the  viscosity  and  the  heat  conductivity,  c^  is  the 

specific  heat  at  constant  pressure  and  Pr  and  Ec  are  the  Prandtl-Number  and  the 

Eckert-Number.  The  k..  are  the  metric  factors.  This  set  of  differential  equations  is 
'I 

described  in  Ref.  [2|. 


The  turbulence  first  order  closure  modell  used  is  described  in  Ref.  [3] 


with  the  mixing  length 

and  the  van-Driest  damping  factor 

F " 1 ~ J 

K = 0,41  is  the  von-K6rm6n  constant.  The  turbulent  heat  conductivity  is 


The  barred  quantities  are  dimensional,  the  index  ® means  infinity.  In  the  governing 
equations  u and  k are  effective  ones  if  turbulent  flow  is  to  be  calculated: 

A7  - iy  = Cr)  ' 

For  the  laminar  transport  properties  the  Sutherland  formulation  is  used. 


3.  First  Numerical  Results 

3. 1 Discretization  and  Solution  Scheme 

The  in  various  investigations  sucessfully  used,  for  example  Ref.  [4],  implicit  Zick- 
Zack-scheme  of  KRAUSE,  HIRSCHEL,  BOTHMANN  is  being  applied  in  this 
investigation.  It  was  preferred  because  it  has  a very  large  domain  of  dependence,  and 
can  be  used  even  if  a very  strong  skewing  of  the  stream  surfaces  of  the  boundary  layer 
occurs . 

The  solution  scheme  is  the  RICHTMYER  algorithm  applied  to  a three  component  solution 
vector  consisting  of  the  two  velocity  components  and  the  temperature.  The  normal 
velocity  component  is  computed  separately  by  integrating  the  continuity  equation.  One 
iteration  is  necessary  at  minimum. 


■ 
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3.2  Laminar  and  Turbulent  Flow  around  a Sphere 

Although  the  cross  flow  around  a sphere  for  the  coordinate  system  used  is  zero  the  fully 
three-dimensional  program  was  run  to  test  its  feasibility  and  accuracy.  This  was  done  by 
first  computing  the  stagnation  point  solution,  which  was  used  as  an  initial  condition  for 
the  quasi-two-dimensional  symmetry-line  computations.  These  results  now  were  taken  to 
be  the  boundary  values  on  both  symmetry  lines  for  the  body  boundary- layer  calculations. 
The  procedure  is  started  at  the  lower  symmetry  line  until  it  meets  the  upper.  The  initial 
values  around  the  half  body  were  taken  from  the  stagnation  point  solution. 

The  results  are  shown  in  Fig.  4 and  give  good  agreement  in  the  laminar  case  through  out 

the  whole  field  compared  to  SCHLICHTING's  results.  The  turbulent  case  again  is  in  good 
agreement  with  the  expected  results. 


4.  Concluding  remarks 


At  present  time  the  laminar  or  turbulent,  incompressible  or  compressible  three- 
dimensional  boundary- layer  calculations  for  a body  of  revolution  with  zero  angle  of 
attack  can  be  carried  out.  Although  there  is  no  cross-flow  under  these  conditions  the 
fully  three-dimensional  procedure  was  run  in  order  to  prove  its  feasibility  and  accuracy. 

Calculations  for  bodies  at  angle  of  attack  are  underway.  In  this  case  additionally  the 
metric  of  the  coordinate  system  fixed  at  the  nose  of  the  body.  Fig.  3,  has  to  be 
introduced.  The  other  parts  of  the  calculation  procedure  remain  unchanged. 
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Abstract 


The  flow  along  a prolate  spheroid  with  the  axis  ratio  a:  b = 6 is  inves- 
tigated experimentally  with  the  aid  of  the  hydrogen  bubble  visualization 

6 6 

method,  in  the  Reynolds  number  range  of  0.  125x10  and  3x10  . For 
all  the  tests  the  model  is  set  at  small  angles  of  attack  between  0°  and  10°. 
The  experiments  are  performed  in  a water  towing  tank.  Starting  from  the 
forward  stagnation  point  the  flow  is  followed  up  to  the  laminar-turbulent 
transition.  The  influence  of  stagnation  flow  instabilities  and  the  angle  of 
attack  are  discussed.  As  far  as  possible  the  results  are  compared  with 
the  available  results  from  laminar  theory.  Theoretical  results  for  the 
turbulent  case  are,  however,  not  available. 


A 

I 


1.  Introduction 

The  experiments  presented  here  are  part  of  the  longterm  3-d  boundary 
layer  research  project  of  the  DFVLR-AVA,  which  is  described  more  ex- 
tensively by  H.  U.  MEIER  and  H.  -P.  KREPLIN  [ 1 ].  The  aim  of  the  pre- 
sent work  is  essentially  a visual  study  of  the  flow  along  a prolate  spheroid 
with  the  axis  ratio  a:  b = 6 , i.  e.  the  same  model  which  was  primarily 
chosen  for  practical  reasons  also  by  H.  U.  MEIER  and  II.  -P.  KREPLIN  [1], 
To  give  the  flow  around  the  axisymmetric  body  a real  three-dimensionality 
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it  was  set  at  moderate  angles  of  attack  between  0°  and  10°. 

The  points  of  special  interest  are: 

1.  The  flow  in  the  stagnation  region  at  different  angles  of  attack  and  at 
different  Reynolds  numbers  as  well  as  some  associated  boundary  lay- 
er instabilities. 

2.  The  laminar  to  turbulent  transition  as  a function  of  the  angle  of  attack 
and  the  Reynolds  number. 

3.  Flow  separation 

a)  boundary  layer  separation, 

b)  separation  of  vortex  sheets  along  the  body  at  incidence. 

The  experiments  are  performed  in  a water  towing  tank,  which  is  particu- 
larly suitable  for  flow  visualization.  Furthermore  the  disturbance  level  of 
the  oncoming  flow  is  exceedingly  small  as  a consequence  of  the  fact,  that 
in  such  a facility  the  fluid  is  at  rest  while  the  model  is  towed. 

The  work  has  just  been  started  and  therefore  only  initial  results  found 
with  the  hydrogen  bubble  visualization  method  can  be  reported. 

The  shortcoming  of  these  tests  is  that  it  was  not  possible  so  far  to  fix  the 
location  of  the  stagnation  point  completely. 

2.  The  Experimental  Set-Up 

The  water-tank,  used  for  the  tests  (Fig.  1),  has  a cross-section  of 
l.lxl.lm  and  a length  of  18  m . For  the  isolation  of  external  vibra- 
tions the  basin  with  the  water  at  rest  is  placed  on  a separate  foundation. 

In  addition  damping  elements  are  used  between  the  supports  and  the  tank. 
The  class  walls  of  the  tank  allow  the  observation  of  the  flow  at  different 
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positions.  The  model  towing  carriage  runs  on  rails,  which  are  mounted 
above  the  tank  on  separate  bearings.  They  are  adjusted  horizontally  and 
for  straightness  within  an  accuracy  of  0.  02  mm/m  length. 

The  motive  force  is  transferred  to  the  towing  trolley  by  means  of  an  end- 
less rope  drive  from  a DC  machine  of  the  shunttype.  The  controlled  tow- 
ing speed  can  be  varied  continuously  between  0.  01  and  5 m/s  . At  each 
position  it  is  set  with  an  accuracy  of  0.  1 $. 

The  prolate  spheroid  chosen  for  the  tests  has  a ratio  of  axes  of  a:  b = 6 
and  a major  axis  length  of  2a  = 1.  02  m . It  is  made  of  acryl  glass  and 
composed  of  three  removable  parts  so  that  it  is  possible  to  introduce  pres- 
sure transducers,  surface  hot  films  as  well  as  ducts  and  cables  into  the 
interior.  For  accuracy  smoothness  and  transparency  the  surface  was 
finally  polished  on  its  mount. 

The  model  supporting  device  allows  the  arbitrary  variation  of  the  angle  of 
attack  between  0°  - 35°.  The  Reynolds  number  based  on  the  major  axis 
is  varied  with  the  towing  speed  between  Re  = 1.  25xlQ5  and  3x10^  to 
study  the  laminar  and  transition  cases.  For  future  experiments  the  Rey- 
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no  Ids  number  will  be  raised  to  5x10  . 

For  fixing  the  strut  3 $ of  the  model  length  is  cut  off,  so  that  the  study 
of  the  separation  at  the  end  is  somewhat  limited. 

Up  to  now  the  model  is  freely  suspended  on  a strut  without  using  any  sup- 
porting wires  to  avoid  perturbation  of  the  flow  through  the  wake  of  such 
wires.  That  means  low  frequency  oscillations  (*=*  3 Hz)  cannot  be  avoided 
completely.  For  more  detailed  investigations  especially  in  the  stagnation 
region,  this  oscillations  have  to  be  suppressed. 
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3.  The  Measuring  Method 


Up  to  now  the  results  are  obtained  with  the  aid  of  the  hydrogen  bubble  visua- 
lization method.  The  hydrogen  bubbles  are  produced  on  a cathode  wire  of 

0.  03  mm  in  diameter  which  is  soldered  between  the  ends  of  a fork  shaped 
probe  support.  In  most  cases  the  probe  is  placed  in  front  of  the  model 
(Fig.  1).  By  shifting  it  perpendicular  to  the  plane  of  symmetry  of  the  flow 
the  hydrogen  bubbles  can  be  brought  into  flow  areas  of  different  distances 
from  the  model  surface. 

For  the  qualitative  display  of  the  velocity  distribution  the  hydrogen  bubbles 
are  produced  in  different  ways  (Fig.  2): 

1.  Continuously  on  a straight  cathode  wire:  The  bubble  sheet  then  pro- 
duced gives  an  overview  on  flows  with  sudden  local  velocity  differ- 
ences. 

2.  Continuously  on  a kinked  cathode  wire:  The  bubbles  leaving  only  at  the 
rearward  tips,  so  that  discrete  bubble  lines  are  formed.  In  stationary 
flows  these  streak  lines  are  identical  with  streamlines. 

3.  Intermittently  on  a straight  wire:  With  this  method  the  so-called  time- 
lines are  produced.  Together  with  the  streamlines  the  timelines  dis- 
play the  detailed  velocity  distribution  in  the  flow  field.  Velocity  deter- 
mination from  the  photographs  is  possible  [2],  [3], 


4.  Experimental  Results 

For  the  correct  interpretation  of  detailedmeasurements  of  turbulent  struc- 
tures and  correlation  coefficients,  the  special  features  of  the  flow  along  the 
prolate  spheroid  has  to  be  taken  into  account.  Some  of  them  are  given  in 
the  following. 


109 


- 


4.  1 The  Flow  in  the  Stagnation  Area 


From  the  hot  wire  measurements  of  N.  A.  V.  PIERCY  [4]  and  A.  M.  KIJETHE 
et  al.  [5]  we  know  that  the  rms  values  of  the  velocity  fluctuations  are  amplified 
while  approaching  the  stagnation  zone.  Furthermore  we  know  from  numer- 
ous experiments,  e.  g.  [6],  [7],  [8],  that  near  the  stagnation  line  of  cylin- 
drical bodies  an  amplified  streamwise  vortex  instability  develops  several 
degrees  around  the  cylinders  and  induces  substantial  three-dimensional 
effects  into  the  boundary  layer. 

For  the  stagnation  flow  on  blunt  nosed  bodies  of  revolution  the  experimen- 
tal evidence  is  much  less  at  least  for  the  subsonic  range.  But  the  stream- 
wise  striation  patterns  in  the  coating  of  the  models  tested  by  L.  N.  PERSER 
[9]  and  the  experiments  of  H.  HASSLER  [10]  on  a circular  cone  may  give 
some  indication  of  the  existence  of  this  instability  also  in  the  stagnation 
region  of  bodies  of  revolution  in  subsonic  flows.  The  reason  why  there  has 
not  yet  been  more  success  with  blunt  nosed  bodies  of  revolution  may  be 
seen  in  the  random  wandering  of  the  stagnation  point  [5]  as  well  as  in  the 
small  extent  of  the  instability  region. 

Also  in  the  experiments  described  here  the  wandering  of  the  stagnation 
point  could  not  be  prevented  may  be  as  consequence  of  larger  scale  disturb- 
ances caused  by  low  frequency  ocsillations  of  the  model.  Streamwise  vor- 
tex streets  as  on  cylinders  in  cross-flow  could  not  be  seen.  Fig.  3,  for 
instance  shows  the  bubble  configuration  representing  the  laminar  flow  dis- 
turbed by  Taylor-Gortler  vortices  across  a circular  cylinder.  This  picture 

V / 

is  taken  from  a study  of  P.  COLAK-AETIC  [7],  who  did  his  experiments  in 
the  same  facility.  The  hydrogen  bubbles  are  generated  continuously  on  a 
straight  cathode  wire  placed  close  and  parallel  to  the  stagnation  line.  The 
Taylor-Gortler  instability  i.  e.  the  counterrotating  vortex  pairs  with  axes 
in  the  streamwise  direction  manifest  themselves  through  the  spanwise 
bubble  density  variations. 


Fig.  4 shows  now  the  flow  in  the  stagnation  region  of  the  prolate  spheroid. 
The  hydrogen  bubbles  originate  continuously  on  a cathode  wire  which  is 
placed  upstream  of  the  stagnation  point  close  to  a plane  of  symmetry.  A 
continuous  bubble  sheet  develops  behind  the  cathode  wire.  No  striations  like 
in  Fig.  3 or  any  other  disturbances  can  be  visualized  (Fig.  4a).  For  Fig.  4b 
a turbulence  level  of  1 $ was  superposed  to  the  oncoming  flow  by  towing  a 
turbulence  screen  before  the  model  like  P.  COLAK-ANTl6  [7]  did  it.  Cor- 
respondingly the  bubble  sheet  behind  the  cathode  wire  shows  a gross  but 
still  a homogeneous  structure.  That  means  at  the  Reynolds  number  range 
of  these  tests  stagnation  flow  instabilities  could  not  be  observed  but  a final 
statement  on  this  point  must  await  future  attempts  to  stabilize  the  stagna- 
tion point.  If  it  is  the  Taylor-Gortler  mechanism,  which  causes  the  insta- 
bility on  cylinders  then  it  should  also  appear  on  bodies  of  revolution  be- 
cause this  mechanism  applies  equally  to  both  types  of  stagnation  flow.  If  it 
is  the  mechanism  explained  by  P.  R.  HODSON  et  al.  [8]  then  it  may  be  dif- 
ferent for  the  two  different  configurations.  The  angle  of  attack  has  no  in- 
fluence in  the  range  0°$a^  10°. 


4.  2 Laminar  to  Turbulent  Transition 

Over  the  slender  prolate  spheroid  used  for  these  experiments  after  the 
point  of  maximum  thickness  there  is  only  a low  pressure  gradient  up  to  the 
last  15  ‘f  of  the  length.  So  the  boundary  layer  must  be  laminar  up  to  Rey- 
nolds numbers  in  the  order  of  magnitude  of  the  transition  Reynolds  number 
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of  a flat  plate  at  zero  incidence  i.  e.  Rex  = 2.  8 x 10  (based  on  the  dis- 
tance from  the  leading  edge).  Fig.  5a  shows  the  boundary  layer  at  a Rey- 

0 

nolds  number  of  Re  = 1.  5 x 10  . It  is  completely  laminar  up  to  the 

0 

rearward  separation.  At  the  Reynolds  number  of  2.  5 x 10  (Fig.  5b) 
single  disturbances  of  turbulent  spots  travel  downstream  but  the  final 
transition  takes  place  only  just  at  the  rearmost  10  of  the  model. 


Ill 


As  a comparison  Fig.  5c  shows  a completely  turbulent  boundary  layer. 

For  this  picture  the  turbulence  was  forced  by  a trip  wire.  On  the  model  at 
incidence,  with  the  angle  of  attack  a = 5°  the  situation  is  only  slightly 
different  (Fig.  6a).  On  the  pressure  side  the  boundary  layer  remains  lami- 
nar up  to  the  highest  Reynolds  numbers  of  the  tests.  On  the  suction  side  the 
transition  area  has  moved  upstream,  but  as  the  separation  point  simul- 
taneously travels  upstream  the  region  with  a fully  developed  boundary  lay- 
er is  not  very  much  extended.  Only  along  the  streamwise  zones  where  the 
free  vortex  layer  separates  we  have  turbulence  already  at  moderate  Rey- 
nolds numbers. 

AtanangleofattackoflO  these  turbu  lent  zones  are  still  more  extended  (Fig.  6b) 
compared  to  the  case  of  Oi  - 5°  . The  body  vortices,  however,  create  are- 
as of  different  stability  (Fig.  7).  On  the  suction  side  between  the  two  vor- 
tices the  boundary  layer  stability  is  enhanced  whereas  along  the  stream- 
wise  zone  where  the  vortex  sheet  separates,  the  laminar  to  turbulent  tran- 
sition takes  place  farther  upstream. 


4.  3 Flow  Separation 

On  the  prolate  spheroid  we  observe  two  typs  of  separation,  the  usual  bound- 
ary layer  separation  with  backflow  and  the  separation  of  a free  vortex 
sheet  on  the  model  at  incidence.  Separation  bubbles  in  the  neighbourhood 
of  the  stagnation  point  could  not  be  detected.  The  flow  in  this  area  is  well 
attached  up  to  an  angle  of  attack  of  a = 10°  , the  highest  value  in  these 
experiments,  as  may  be  seen  in  Fig.  8. 


4.  3.  1 Boundary  Layer  Separation 

The  ordinary  boundary  layer  separation  takes  place  on  the  rearward  part 
of  the  model.  In  the  laminar  case,  Fig.  9,  the  separation  point  travels 


downstream  with  growing  Reynolds  numbers,  but  the  location  found  in 
W.  GEISSLER's  laminar  theory  [11]  is  not  reached  completely.  This  is  of 
course  not  a surprising  result  because  Geissler  introduces  the  boundary 
layer  approximations  in  his  theory. 

Fig.  10  gives  the  rearward  boundary  layer  separation  at  the  angles  of  at- 
tack of  0°,  5°  and  10°  for  the  same  Reynolds  number.  It  illustrates  the  de- 
pendence on  the  angle  of  attack. 

In  Fig.  1 1 the  laminar  and  turbulent  separations  for  the  same  Reynolds 

number  are  compared.  In  Fig,  lib  the  turbulence  was  forced  by  a trip 
wire.  No  essential  difference  is  to  be  seen.  It  is  surprising  that  the  tur- 
bulence is  spreading  across  the  boundary  layer.  Maybe  that  the  diameter 
of  the  trip  wire  was  too  large.  - The  Reynolds  number  based  on  the  diame- 
ter k of  the  trip  wire 

k-TT 

Re  = — S 1200 
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that  means  it  is  larger  than  Re  = 900  , the  lowest  value  at  which  turbu- 
lence is  produced  at  any  position  in  the  boundary  layer. 

On  the  model  at  incidence  (Fig.  11c)  the  spreading  of  turbulence  is  further 
increased.  The  separation  point  has  now  moved  upstream.  Fig,  lid  shows 
the  turbulent  separation  at  a larger  Reynolds  number  (Re  = 3 x 10^)  . No 
trip  wire  was  used.  The  comparison  with  Fig.  11c  indicates  that  qualita- 
tively there  is  no  difference  between  forced  and  natural  turbulence  as  far 
as  separation  and  the  spreading  of  turbulence  are  concerned. 


4.  3.  2 Separation  of  a Free  Vortex  Layer 

Corresponding  to  the  calculations  of  W.  GEISSLER  [11]  on  a prolate  sphe- 
roid a free  vortex  layer  separates  on  the  sides  of  the  body  already  at  an 
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angle  of  attack  of  a = 5°  . This  value  is  also  in  the  range  of  that  one  for 
which  E.  A.  EICHELBREFNER  [12]  predicts  the  begin  of  the  separation. 


i 


Fig.  12  with  a view  perpendicular  ot  the  suction  side  shows  the  rollup  of 
the  free  vortex  sheet.  At  an  angle  of  attack  of  Ot  = 5°  , Fig.  12a,  the  in- 
tensity of  the  vortex  sheet  is  very  low  but  the  inward  bulge  of  the  timelines 
in  the  rearward  part  of  the  model  shows  that  the  rollup  of  the  free  vortex 
sheet  has  already  begun.  In  Fig.  12b  at  an  angle  of  attack  of  a = 10°  the 
manifest  at  ion  of  the  rollup  becomes  more  pronounced.  In  this  picture  the 
timelines  show  the  flow  closer  to  the  vortex  axes. 


5.  Conclusion 

Near  the  stagnation  point  the  flow  around  the  slender  prolate  spheroid  with 
the  axis  ratio  a:  b = 6 is  laminar  and  well  attached  up  to  a = 10°  and 
Re  = 3.  0 x 10  the  highest  incidence  and  the  largest  Reynolds  number  of 
the  tests.  Only  along  the  streamwise  zones  where  the  free  vortex  layer 
separates  the  laminar  to  turbulent  transition  and  the  boundary  layer  separa- 
tion moves  farther  upstream. 

g 

Below  Re  - 3 x 10  the  final  laminar  to  turbulent  transition  takes  place 
not  before  the  rearmost  15  # of  the  model  although  at  this  Reynolds  number 
single  turbulent  spots  originating  behind  the  point  of  maximum  thickness 
travel  downstream. 


As  already  mentioned  in  the  forward  part  of  the  model  the  boundary  layer 
is  well  attached.  Separation  bubbles  are  not  to  be  seen  at  the  angles  of  at- 
tack of  these  tests.  The  separation  on  the  rearward  part  of  the  model  de- 
pends on  the  Reynolds  number  and  the  angle  of  attack. 

The  rollup  of  free  vortex  layers  of  finite,  i.  e.  measureable  strength  are 
already  observed  at  an  incidence  of  5 degrees.  They  have  an  asymmetric 
effect  on  the  boundary  lay^r  transition. 
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Water  towing  tank  with  model 

Fig.  1 Experimental  set  up 


Fig.  3 Stagnation  flow  instabilities  in  the  stagnation  region  of  a 
circular  cylinder  in  cross  flow 
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Fig.  4 Flow  in  the  stagnation  region  of  the  prolate  spheroid 


(turbulence  forced  by  trip  wire) 


Fig.  6 Laminar  to  turbulent  transition  on  the  model  at  incidence  (timeline  picture) 
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Fig.  9 Boundary  layer  separation  on  the  rearward  part  of  the  model. 


Fig.  10  Boundary  layer  separation  on  the  rearward  part  of  the  model  (streak  line  picture). 


a)  laminar  separation,  CL  = 0 , Re  = 1.5  x 10 

b)  turbulent  separation  (turbulence  forced  by  a trip  wire) 
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Figures 


Experimental  set  up 
Hydrogen  bubble  configurations 

Stagnation  flow  instabilities  in  the  stagnation  region  of  a cir- 
cular cylinder  in  cross  flow 

Flow  in  the  stagnation  region  of  the  prolate  spheroid 

a)  Re  = 1.  5-  106 

g 

b)  Re  = 1.  5-  10  (with  turbulence  screen  before  the  model) 


Laminar  to  turbulent  transition 

a)  Re  = 1.  0-  106,  b)  Re  = 2.  5-  106,  c)  Re  = 1.  0-  106  (turbu- 
lence forced  by  trip  wire) 

Laminar  to  turbulence  transition  on  the  model  at  incidence 
(timeline  picture)  Re  = 1.  5*  10® 

a)  U = 5°,  b)  a = 10° 

Laminar  and  turbulent  zones  on  the  model  at  incidence 
Re  = 1.  5-  106,  a = 5° 

The  flow  on  the  forward  part  of  the  model.  Re  = 1*  10^ 
a)  a = 0°,  b)  a = 5°,  C)  a = io° 

Boundary  layer  separation  on  the  rearward  part  of  the  model, 
a = 0° 

a)  Re  = 0.  125-  106,  b)  Re  = 0.  25-  106,  c)  Re  = 0.  5-  106, 
d)  Re  = 1.  5-  106,  e)  Re  = 3.  0-  106 


Boundary  layer  separation  on  the  rewarded  part  of  the  model 

6 


(streak  line  picture). 
■» o i \ -o 


Re  = 1*10" 
o 


a)  a = 0 , b)  a = 5,  c)  a = 10 


Boundary  layer  separation  on  the  rearward  part  of  the  model 

a)  laminar  separation,  a = 0°,  Re  = 1.  5-  10^ 

b)  turbulent  separation  (turbulence  forced  by  a trip  wire) 
a = 0°,  Re  = 1.  5-  106 

c)  turbulent  separation  (turbulence  forced  by  a trip  wire) 
a = 5°,  Re  = 1.  5-  106 

d)  turbulent  separation.  a = 10°,  Re  = 3.  0‘  10 
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Fig.  12 


Vortex  separation  on  the  model  at  incidence.  View  perpendicu- 
lar to  the  suction  side  Re  = 1.  5-  10^ 

a)  a = 5°,  b)  a = 10° 


COMPUTATION  OF  TRANSONIC  FLOW  PAST  SLENDER  BODIES  AT  ANGLE  OF  ATTACK 


R.  P.  Reklis  and  W.  B.  Sturek 
U.S.  Army  Ballistic  Research  Laboratory 
Aberdeen  Proving  Ground,  Maryland  21005 

and 
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ABSTRACT.  Aerodynamic  properties  of  artillery  shell  such  as  normal 
force  and  pitching  moment  reach  peak  values  in  a narrow  transonic  Mach 
number  range.  In  order  to  compute  these  quantities,  numerical  techniques 
have  been  developed  to  obtain  solutions  to  the  three-dimensional  transonic 
small  disturbance  equation  about  slender  bodies  at  angle  of  attack.  The 
computation  is  based  on  a plane  relaxation  technique  involving  Fourier 
transforms  to  partially  decouple  the  three-dimensional  difference  equations. 
Particular  care  is  taken  to  assure  accurate  solutions  near  corners  found 
in  shell  designs.  Computed  surface  pressures  are  compared  to  experimental 
measurements  for  circular  arc  and  cone  cylinder  bodies  which  have  been 
selected  as  test  cases.  Computed  pitching  moments  are  compared  to  range 
measurements  for  a typical  projectile  shape. 

1.  INTRODUCTION.  When  designing  an  artillery  shell,  it  is  necessary  to 
develop  a vehicle  which  will  fly  with  stability  under  a wide  variety  of  aero- 
dynamic conditions.  A range  of  propellant  charges  may  be  used  giving  the 
shell  launch  velocities  covering  a spectrum  from  subsonic  to  supersonic.  The 
shell  will  also  slow  in  flight,  particularly  near  the  apex  of  its  trajectory. 

It  is,  therefore,  important  that  the  shell  fly  with  stability  in  subsonic, 
transonic,  and  supersonic  flight  regimes. 

Difficulties  are  often  experienced  by  projectiles  at  transonic  velocities. 
Aerodynamic  properties  such  as  drag  and  the  pitching  moment,  which  is  critical 
to  stability,  will  reach  peak  values  at  some  transonic  Mach  number.  This  peak 
can  form  in  a Mach  number  range  which  may  be  very  limited  as,  for  example, 
between  .92  < M < .94.  The  sharpness  of  this  critical  behavior  as  well  as  the 
value  of  the  critical  Mach  number  are  very  sensitive  to  body  geometry.  A 
slight  change  in  boattail  length  may  make  the  difference  between  a successful 
shell  and  one  whose  behavior  is  unpredictable. 

Aerodynamic  range  and  wind  tunnel  testing  are  difficult  and  expensive, 
particularly  at  transonic  velocities.  Therefore,  it  is  of  great  importance 
for  artillery  projectile  design  to  develop  a computational  capability  which 
can  provide  guidance  in  choosing  shell  configurations  and  reduce  aerodynamic 
testing  requirements.  Techniques  have  been  established  and  computers  are  now 
available  which  should  make  possible  the  development  of  useful  computational 
design  tools,  particularly  for  the  limited  and  usually  simple  geometries 
found  in  artillery  projectile  shapes. 
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The  basic  approach  used  by  BRL  to  compute  flow  over  supersonic 
projectiles1  has  been  to  solve  for  the  inviscid  flow  field  around  the  body 
and  to  then  compute  the  flow  in  the  boundary  layer  using  turbulence  modeling. 
This  approach  seems  quite  feasible  for  use  in  the  transonic  problem  consid- 
ering the  results  shown  by  Schmidt,  Stock,  and  Fritz2  who  have  coupled 
integral  boundary  layer  calculations  to  transonic  inviscid  solutions.  The 
major  thrust  of  the  transonic  work  reported  here  involves  the  development 
of  numerical  techniques  for  the  computation  of  three-dimensional  transonic 
inviscid  flow  past  artillery  projectiles.  A three-dimensional,  compressible, 
turbulent,  boundary  layer  code  using  finite  difference  techniques  has  been 
developed  by  BRL1  for  use  with  supersonic  flow  and  it's  carry  over  should 
be  straight  forward. 

Complications  in  the  body  geometry  such  as  the  rotating  band  and  rifling 
have  been  neglected.  The  resulting  simplified  shape,  however,  exhibits  the 
basic  aerodynamic  properties  of  the  projectile.  One  complication  which  can- 
not be  ignored  is  the  presence  of  corners  at  the  junction  of  the  ogive  and 
cylindrical  portions  of  the  shell  and  at  the  junction  of  the  cylindrical 
portion  and  the  boattail.  These  corners  are  responsible  for  the  critical 
transonic  aerodynamic  behavior  of  the  shell. 

2.  COMPUTATION  TECHNIQUES.  Transonic  techniques  based  on  type  depen- 
dent differencing  have  come  into  wide  acceptance  since  they  were  developed  by 
Murman  and  Cole3.  There  are  now  several  schemes  like  that  developed  by 
Bailey  and  Ballhaus4  that  will  solve  three-dimensional  potential  flow  over 
wings  and  wing  body  combinations.  Considerable  simplification,  however,  may 
be  achieved  in  the  projectile  problem  if  the  code  is  restricted  to  axially 
symmetric  bodies.  Further,  by  using  a cylindrical  coordinate  system  which 
fits  the  body  surface,  no  vertical  or  horizontal  preferred  directions  are 
established.  This  provides  an  important  increase  in  accuracy.  The  axially 
symmetric  problem  at  angle  of  attack,  although  it  is  simpler  than  the  wing 
body  problem,  does  not  have  the  range  of  application  and  has  not  seen  as 
wide  an  interest.  There  has  been,  however,  some  recent  numerical  work  by 
Reyhner5  who  has  studied  axisymmetric  inlets. 

Even  though  techniques  are  available  to  solve  the  full  inviscid  potential 
equation  directly6,  the  approach  chosen  for  this  study  has  been  to  solve  the 
transonic  small  disturbance  equation 

[(1  - M2)  - M2  (y  + 1)  4z]  *zz  + 4>rr  + <t>r/r  + <t>00/r2  = 0 , (1) 

which  is  an  approximation  to  the  full  equation.  This  is  a nonlinear  partial 
differential  equation  of  mixed  elliptic-hyperbolic  type  written  in  a cylin- 
drical coordinate  system  (z,r,0)  as  shown  in  Figure  1.  The  free  stream  Mach 
number  is  given  by  M in  this  equation  and  the  ratio  of  specific  heats  (1.4 
for  air)  is  represented  by  y.  The  solution  to  this  equation  has  been  shown 
by  Bailey7  to  give  good  results  for  the  slender  body  case  at  zero  angle  of 
attack.  This  equation  has  also  been  studied  both  numerically  and  analytically 
for  many  years  and  it  is  simple  enough  that  much  valuable  insight  may  be 
gained  from  it,  particularly  in  regions  near  the  body  where  it  reduces  to 
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♦rr  + Vr  + Wr2  = 

This  last  equation  is  a Laplace  equation  that  may  be  solved  analytically. 

In  his  two  dimensional  solution  of  equation  (1)  Bailey7  used  successive 
line  over  relaxation  in  which  difference  equations  were  solved  along  lines 
through  the  flow  extending  radially  from  the  body  axis.  This  line  relaxation 
procedure  has  been  carried  a step  further  in  the  technique  used  here  in  three 
dimensions.  The  difference  equations  for  whole  planes  of  flow  cutting  the 
body  axis  have  been  solved  simultaneously.  The  method  thus  obtained  treats 
coupling  in  the  r and  0 directions  with  a direct  solution  technique  which 
closely  matches  the  physical  coupling  found  in  the  flow.  Flow  disturbances 
propagate  much  more  strongly  in  the  r and  0 directions  than  along  the  body 
in  the  z direction.  This  may  be  seen  from  a look  at  the  inner  equation  (2) . 
There  is  no  z coupling  in  this  equation.  This  lack  of  disturbance  propagation 
along  the  body  is  a well  known  property  of  transonic  flow. 

The  matrix  equations  obtained  from  a line  relaxation  procedure  are  in 
tridiagonal  form  which  may  readily  be  solved.  The  matrix  equations  for  plane 
relaxation  are  not.  It  is,  however,  possible  to  make  use  of  the  periodic 
nature  of  the  axisymmetric  problem  in  such  a way  as  to  transform  these  matrix 
equations  into  tridiagonal  form.  This  transformation  is  accomplished  by  a 
basis  change  which  is  equivalent  to  a Fourier  transformation  in  9.  Reyhner5 
has  pointed  out  that  the  solution  around  the  body  is  very  nearly 

^ (r,z)  + <p2  (r,z)  cos  0 

This  result  appears  very  clearly  in  the  Fourier  transform  approach  and  allows 
a considerable  saving  in  both  computer  time  and  storage  since  only  a few 
Fourier  components  need  be  treated.  The  use  of  Fourier  transforms  does 
increase,  to  some  extent,  the  problem  of  obtaining  a stable  relaxation  scheme. 
A simple  stable  scheme  can  be  obtained,  however,  which  reduces,  at  zero  angle 
of  attack,  to  the  usual  line  relaxation  algorithm. 

3.  DISCUSSION  OF  RESULTS.  The  results  for  computations  of  the  surface 
pressure  coefficient  for  bodies  with  circular  arc  profiles  can  be  seen  in 
Figures  2 and  3.  Figure  2 shows  a comparison  of  computed  and  wind  tunnel8 
pressure  coefficients  along  the  surface  of  a 1/10  fineness  ratio  body  at  zero 
angle  of  attack  in  a Mach  number  .99  free  stream.  The  location  of  a shock 
can  be  clearly  seen  just  aft  of  the  center  of  the  body. 

11,6  solid  line  shows  the  results  of  computations  for  a body  generated 
by  a perfect  circular  arc.  The  wind  tunnel  model,  however,  was  supported 
from  the  rear  by  a sting.  The  effect  of  the  sting  was  modeled  and  the 
resulting  computed  pressure  coefficients  are  shown  by  the  dashed  line  in 
this  figure.  As  the  angle  of  attack  is  zero  in  the  case  shown  in  Figure  2, 
the  computation  is  two  dimensional.  This  same  case  was  computed  by  Bailey7 
in  his  earlier  two-dimensional  work  and  the  results  are  identical. 
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Figure  3 shows  a comparison  of  computed  and  wind  tunnel9  pressures  for 
a slightly  more  slender  body  of  fineness  ratio  1/12.  The  Mach  number  in  this 
case  was  .90  which  is  too  low  to  allow  development  of  a large  supersonic 
region  with  strong  shocks.  The  figure  is  presented  to  show  the  result  of  a 
three-dimensional  computation.  Unfortunately,  wind  tunnel  data  for  cases 
showing  strong  shock  development  were  unavailable  at  angle  of  attack. 
Discrepancies  between  computed  and  wind  tunnel  pressure  over  the  aft  portion 
of  the  body  are  the  result  of  the  presence  of  the  wind  tunnel  sting. 

The  results  presented  in  these  two  figures  confirm  the  ability  of  the 
three-dimensional  code  to  predict  surface  pressures  over  smooth  bodies . 

There  is  little  difference  between  the  nose  of  a typical  artillery  shell 
which  is  an  ogive  and  the  front  portion  of  these  circular  arc  bodies. 

Artillery  shell,  however,  often  exhibit  corners,  particularly  at  the 
junction  between  the  ogive  and  cylinder  portions  and  between  the  cylinder 
portion  and  the  boattail.  Strong  shocks  are  formed  by  the  collapse  of  super- 
sonic regions  which  are  generated  by  the  expansion  of  the  flow  over  these 
corners  when  the  shell  is  flown  at  a slightly  subsonic  velocity  (.8  < M < 1). 
This  phenomena  is  demonstrated  in  Figure  4 which  shows  the  shadowgraph  of  a 
shell  at  the  critical  Mach  number  (M  = .926) . Note  that  the  shock  on  the 
upper  surface  of  the  boattail  is  nearly  off  the  end.  The  high  pressure  on 
the  lower  surface  behind  the  shock  on  the  boattail  provides  a large  lift  on 
the  tail  creating  a powerful  overturning  moment.  The  flow  pattern  generated 
by  the  corner  at  the  beginning  of  the  boattail  is  largely  responsible  for 
the  critical  behavior  of  the  overturning  moment.  Thus,  the  accurate  treat- 
ment of  corner  flow  is  of  prime  consideration. 

Corners  create  singularities  in  the  potential.  The  well  known  incom- 
pressible result  is  that  flow  obtains  infinite  velocity  over  a comer.  The 
speed  of  the  flow,  however,  will  clearly  become  supersonic  before  it  becomes 
infinite  so  that  an  incompressible,  calculation  is  unacceptable.  The  corner 
problem  is,  therefore,  by  nature  transonic  and  can  be  treated  by  transonic 
techniques.  Also,  the  boundary  layer  which  is  well  developed  over  the  comer 
at  the  start  of  the  boattail  will  tend  to  effectively  round  this  corner  so 
that  a strict  mathematical  singularity  does  not  exist. 

The  ability  of  the  present  theory  to  predict  flow  over  a corner  can  be 
seen  in  Figure  5.  Figure  5 shows  a comparison  of  surface  pressure 
results  with  wind  tunnel  experiments10  for  flow  over  a cone  cylinder  model 
at  Mach  number  1.1.  The  theory  shows  reasonable  behavior  near  the  corner 
of  the  cone  and  cylinder  sections.  In  order  to  achieve  these  results  it 
was  necessary  to  use  care  in  applying  boundary  conditions  at  the  body  surface. 
An  approach  that  is  often  taken  is  to  use  solutions  of  the  simpler  inner 
equation  (2)  to  extrapolate  the  boundary  conditions  from  the  body  surface 
to  the  body  axis  or  to  some  other  convenient  location.  In  Bailey's  two 
dimensional  paper  the  boundary  conditions  were  extrapolated  to  the  axis 
where  a series  of  sources  and  sinks  were  placed.  The  source  and  sink 
strengths  were  obtained  from  the  solution  to  the  inner  equation. 


This  procedure  is  not  feasible  if  accurate  corner  flow  is  to  be  obtained. 
The  inner  equation,  which  is  obtained  by  dropping  the  nonlinear  term  from 
equation  (1) , does  not  apply  near  corners  where,  in  fact,  the  nonlinear  term 
may  be  large  close  to  the  body  surface.  Boundary  conditions  must  be  applied 
directly  at  the  surface  without  extrapolation.  Further  improvement  in  the 
application  of  boundary  conditions  may  also  be  obtained.  The  usual  boundary 
condition  which  is  applied  at  the  body  surface  is  given  by 


= dR/dz 


surface 


where  the  left  hand  side  is  the  radial  derivative  of  the  potential  evaluated 
at  the  body  surface  and  the  right  hand  side  is  the  slope  of  the  body  surface. 

This  is  a first  order  approximation  to  the  body  surface  boundary  condition. 

A second  order  formula  is  more  appropriate  and  is  given  by 

<(>  j = (1  + <J>  ) dR/dz  . 

I surface  surface 

The  first  order  formula  works  well  as  long  as  <p^  remains  small  in  comparison 
to  1.  Near  a corner  $ may  become  large  enough  that  it  produces  a noticeable 

effect  as  seen  in  Figure  5.  Because  of  the  iterative  relaxation  procedure  used  in 

solving  the  potential  equation  <t>  may  be  obtained  at  an  old  iteration.  The  right 

z 

hand  side  of  the  second  order  formula  may  thus  be  evaluated.  The  effect  of  using 
a finer  grid  spacing  may  also  be  seen  in  Figure  5.  The  grid  in  all  cases  shown  in 
this  figure  was  made  up  of  64  points.  In  the  case  labeled  fine  grid  in  this 
figure  these  points  were  clustered  so  as  to  give  twice  the  density  near  the 
corner.  Subsequent  calculations  have  been  carried  out  with  128  points  so  as 
to  achieve  this  same  fine  density  when  more  than  one  corner  is  present. 

The  absolute  necessity  of  the  care  taken  with  comer  flow  may  be  seen 
when  computations  of  normal  force  and  pitching  moment  are  made.  It  is 
possible  to  use  the  inner  solution  found  from  equation  (2)  to  predict  both 
normal  force  and  pitching  moment.  It  should  be  noted  that  there  is  no  Mach 
number  dependence  in  equation  (2).  Because  of  this,  both  normal  force  and 
pitching  moment  will  be  constants  in  Mach  number  and  will  depend  only  on  the 
body  shape.  Since  it  is  precisely  the  large  transonic  variations  of  normal 
force  and  pitching  moment  that  are  desired  and  since  the  use  of  equation  (2) 
will  predict  no  Mach  number  dependence  of  these  quantities,  equation  (2)  must 
not  be  valid  everywhere  on  the  surface  and  it  is  not  possible  to  use  equation 
(2)  to  supply  boundary  conditions.  A corollary  to  this  argument  is  that  it  is 
the  areas  where  equation  (2)  breaks  down  which  are  of  interest  in  obtaining 
variations  of  normal  force  and  pitching  moment  with  Mach  number.  Such  break- 
downs occur  near  corners  and  it  is  for  this  reason  that  they  are  of  such 
critical  interest.  Breakdowns  also  occur  around  shocks.  As  seen  in  Figure  2, 
accurate  shock  location  is  also  vital  to  the  computation  of  aerodynamic 
quantities  because  of  the  large  pressure  difference  between  the  upper  and 
lower  surfaces  in  the  neighborhood  of  the  shock  on  the  boattail. 
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It  has  been  shown  in  the  above  discussion  that  the  transonic  techniques, 
that  have  been  developed,  will  predict  flow  over  both  smooth  bodies  and  bodies 
with  corners.  It  should,  therefore,  be  possible  to  obtain  the  solution  over 
a body  that  closely  resembles  an  artillery  shell.  The  lift  loading  computed 
for  a typical  artillery  shell  shape  is  plotted  in  Figure  6 . This  graph  shows 
the  normal  force  per  unit  length  plotted  as  a function  of  the  position  along 
the  shell.  It  is  felt  that  the  features  of  this  curve,  particularly  the 
large  downward  spike  in  the  boattail  region,  gives  an  accurate  representation 
of  the  aerodynamic  forces  on  this  body.  Comparison  of  the  pitching  moment 
coefficient  computed  for  this  body  and  range  measurements11  of  a similar 
shell  are  given  as  a function  of  Mach  number  in  Figure  7 . The  peak  shown  in 
the  computed  results  falls  a few  hundredths  of  a Mach  number  higher  than  the 
peak  in  the  range  measurements  and  is  not  as  pronounced. 

It  is  felt  that  this  situation  will  improve  with  the  inclusion  of  the 
boundary  layer,  the  inclusion  of  the  rotating  band,  and  a better  modeling 
of  the  wake.  These  improvements  will  be  added  in  the  very  near  future.  At 
present  it  is  felt  that  the  techniques  described  above  will  be  capable  of 
accurate  prediction  of  both  normal  force  and  pitching  moment  for  practical 
shell  configurations.  With  the  inclusion  of  a boundary  layer,  Magnus  forces 
may  also  be  predicted. 
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1/10  CIRCULAR  ARC 
M = .99  a = 0* 
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Figure  2.  Comparison  of  Calculated  Pressure  Coefficients 
With  Wind  Tunnel  Data  for  a Fineness  Ratio  1/10 
Circular  Arc  Body,  M = 0.99 
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Figure  3.  Comparison  of  Calculated  Pressure  Coefficients 
With  Wind  Tunnel  Data  for  a Fineness  Ratio  1/12 
Circular  Arc  Body  at  Angle  of  Attack,  a = 4°  , 

M = 0.90 
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Figure  4.  Spark  Shadowgraph  of  a Typical  Projectile 
at  Critical  Mach  Number,  M = .926,  a = 8° 
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Figure  5.  Comparison  of  Calculated  Pressure  Coefficient 
With  Wind  Tunnel  Data  for  a 7°  Half  Angle  Cone 
Cylinder,  M = .99 
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Figure  7.  Comparison  of  Computed  Pitching  Moment 

With  Range  Data  for  A Typical  Projectile 
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BOUNDARY  LAYER  DEVELOPMENT  ON  A YAWED,  SPINNING  BODY  OF 
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by 
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Abstract 


In  order  to  improve  our  capability  for  computing  Magnus  effects  on 
yawed,  spinning  projectile  shapes  in  supersonic  flight,  numerous  numer- 
ical experiments  have  been  carried  out  using  the  BRL  finite  difference 
computation  techniques  reported  at  previous  DEA  meetings.  These  numer- 
ical experiments  involve  computations  of  compressible  turbulent  boundary 
layer  development  using  different  models  for  the  three  dimensional  eddy 
viscosity.  Results  have  been  obtained  using  three  models:  (1)  isotropic 
(2)  simplified  nonisotropic  where  p v w = 0.5  x p u v ; and  (3)  a modi- 
fication of  the  nonisotropic  model  of  Schneider  and  Rotta.  The  results 
of  these  computations  are  compared  to  experimental  measurements  of 
boundary  layer  profile  characteristics  for  a secant-ogive-cylinder- 
boattail  model.  Comparisons  are  also  made  showing  the  impact  of  gen- 
eralized eddy  viscosity  models  on  computations  of  the  Magnus  effect. 

1.  Introduction 


In  order  to  improve  the  accuracy  of  computations  of  Magnus  effects 
for  boattailed  projectile  shapes,  an  investigation  has  been  carried  out 
to  examine  the  influence  of  modifications  of  the  eddy  viscosity  model. 

As  reported  at  last  year's  DEA^^,  acceptable  accuracy  had  been  achieved 
for  Magnus  effects  on  ogive-cylinder  bodies.  However,  when  computa- 
tions were  made  for  an  ogive-cylinder-boattail  model,  the  computed 
Magnus  force  was  greater  than  experiment  by  a factor  of  two. 

This  paper  describes  the  effects  of  generalized  three  dimensional 
eddy  viscosity  models  on  the  turbulent  boundary  layer  development  for 
a yawed,  spinning  model  with  a boattail.  The  computations  are  compared 
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to  experimental  measurements  of  turbulent  boundary  layer  profile 
characteristics  for  M = 3 and  angle  of  attack  of  two  degrees. 

2.  Eddy  Viscosity  Models 

The  numerical  techniques  and  equations  of  motion  have  been 
described  in  reference  2 and  will  not  be  repeated  here. 

The  basic  isotropic  eddy  viscosity  model  used  is  described  by 
the  following  equations: 


—r— l —t — > ,du  dw  . 2 

-p  U V =-p  V w = P c (¥  ♦ ^ ) 


e 


,dw.  ' 

* <37> 


MO 


a = .09  6 tanh  [ (. 4/.09) (y/6) ] 

The  first  nonisotropic  model,  designated  as  Ml,  is  described 
by  the  relation 


p v w’  = h P u’  v . Ml 

Other  nonisotropic  models  tried  consist  of  variation  of  the 
model  described  by  Rotta(^)  and  Schneider 1 . 


T 


x 


p u v = p c f(exx 
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Ohio,  April  1976. 

3.  Rotta,  .J.  C.,  "Turbulence  Models  for  Three-Dimensional  Thin  Shear 
Layers,"  DEA  Meeting,  Goettingen,  West  Germany,  April  1977. 

4.  Schneider,  G.  R.,  "A  General  Mixing  Length  Model  and  a General 
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Imcompressible  Turbulent  Boundary  Layers,"  DEA  Meeting, 
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dw  -i r , , . N dw, 

T*  = * d7  - p v w = P e [(EH  V)  dy 


exx=  e + Tw2^/^u2  + w2^> 


2 2 2 2 
= G + Tu  )/(u  + w ) 


.2  r,du,“  .dw  ^ . , du  dw  ^ , , 2 2 ,%  , , -A, 2 

e = * [(d7}  + cd7}  + (T  - D (w  57  - u 57}  ' (u  + w J]  u " e } 


-A 

where  the  quantity  (1  - e ) is  van  Driest  damping. 


Computations  have  been  run  for  T = 0.5,  0.7,  and  0.9.  However, 
comparisons  for  T = 0.5  only  will  be  discussed  here.  This  model  is 
designated  as  M2.  Note  that  the  off  diagonal  terms- 

e , ^ and  e , -4^-  - have  been  dropped  from  the  relations  given  in 
x 4>  dy  $x  dy 

references  5 and  4 because  the  computed  results  were  physically 
unrealistic . 


3.  Discussion  of  Results 

Computations  have  been  run  for  the  secant-ogive-cylinder- 
boattail  model  indicated  in  Figure  1 which  shows  the  wall  pressure 
distribution  for  the  wind  and  lee  sides  of  the  model.  Comparisons 
of  the  computed  results  for  velocity  profiles  are  shown  in  Figure  2 for 
u-velocity  (streamwise)  and  in  Figures  3 and  4 for  w-velocity 
(circumferential).  It  is  noted  that  differences  are  apparent, 
particularly  for  the  w-velocity,  indicating  that  the  computations 
are  sensitive  to  the  relationship  between  the  longitudinal  and 
circumferential  components  of  turbulent  shear.  Good  agreement  with 
experiment  for  the  u-velocity  is  indicated  for  all  eddy  viscosity 
models. 

Comparisons  for  the  longitudinal  component  of  displacement 
thickness  are  shown  in  Figure  5.  Again,  different  results  are 
obtained  for  the  variations  in  the  turbulence  model.  The  best 
agreement  with  experiment  is  achieved  for  models  MO  and  M2. 

The  impact  of  the  turbulence  models  MO  and  Ml  on  the  Magnus 
force  coefficient  is  shown  in  Figure  6.  Again,  these  results  reveal 
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a sensitivity  to  the  turbulence  model 
experiment  is  achieved  with  model  Ml. 

4 . Concluding  Remarks 


The  best  agreement  with 


The  results  of  this  study  indicate  that  the  relationship  between 
the  longitudinal  and  circumferential  components  of  turbulent  shear 
stress  can  significantly  influence  the  computation  of  3D  turbulent 
boundary  layer  development.  The  improved  agreement  between  experiment 
and  theory  for  Magnus  effects  reinforces  the  validity  of  the  general- 
ized turbulence  shear  stress  models. 

At  this  time,  the  computations  have  not  been  sufficiently  compre- 
hensive nor  are  sufficient  experimental  data  available  to  select  the 
most  appropriate  formulation  for  the  three  dimensional  turbulent  shear 
stress  model.  However,  the  results  for  Magnus  force  indicate  that  the 
generalized  models  do  have  promising  engineering  application. 

NOMENCLATURE 

C Magnus  (side)  force  coefficient 

u,v,w  velocities  in  boundary  layer  coordinates 

x surface  coordinate  in  longitudinal  direction 

y coordinate  perpendicular  to  local  surface 

z cylindrical  coordinate  along  model  axis 

a angle  of  attack 

e turbulent  eddy  viscosity 

<5  boundary  layer  thickness 

6*  boundary  layer  displacement  thickness 

p density 

4>  coordinate  in  circumferential  (azimuthal)  direction 

Subscripts 

x quantity  in  x direction 

<p  quantity  in  $ direction 


Superscripts 


fluctuating  quantity 
time  averaged  quantity 
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BOUNDARY  LAYER  TRANSITION  ON  TACTICAL  MISSILE  SEEKER  DOMES 

by 

B.  M.  Ryan  and  C.F.  Markarian 
Naval  Weapons  Center,  China  Lake,  California 


Introduction 


For  some  time  the  Navy  has  been  concerned  with  the  breakage  of 
ceramic  IR/EO  seeker  domes  and  the  consequent  inability  of  the  tactical 
missile  to  perform  its  mission.  By  far  the  greatest  current  cause  of 
such  breakage  is  ground  handling.  With  increased  missile  velocities, 
however,  thermal  stress  failures  caused  by  aerodynamic  heating  become  a 
major  concern.  If  boundary  layer  transition  occurs  on  the  dome,  the 
resulting  increase  in  heating  rates  and  temperature  gradients  increases 
the  probability  of  thermal  stress  failure  of  the  dome. 

Dome  breakage  causes  both  increased  drag  and  inability  of  the 
guidance  to  perform  properly.  Because  of  uncertainties  about  the  occur- 
rence of  boundary  layer  transition  (and  other  factors),  the  engineer 
feels  compelled  to  over-design  the  dome,  often  at  greatly  increased  cost 
and  sometimes  even  decreased  operational  effectiveness.  An  alternate, 
but  undesirable,  solution  is  to  restrict  the  missile  launch  velocity. 

In  addition  to  thermal  stress  problems  with  ceramic  domes,  boundary 
layer  transition  can  cause  longitudinal  temperature  gradients  on  radomes 
which  can  significantly  affect  the  performance  of  millimeter  wave  seekers. 

To  address  these  problems  the  Naval  Weapons  Center  instituted  a 
program  to  develop  engineering  type  criteria  to  predict  the  location  of 
boundary  layer  transition  on  hemispherical  domes  in  supersonic  flow.  In 
addition  it  was  hoped  to  determine  the  severity  and  extent  of  the  induced 
thermal  stresses  if  transition  did  occur  on  the  dome.  The  results  of 
this  investigation  are  to  be  used  in  computer  codes  for  the  analysis  of 
seeker  dome  aerodynamic  heating  and  thermal  stresses  on  weapons  systems 
of  immediate  and  future  concern  to  the  Navy. 

Figure  1 illustrates  the  effect  of  the  temperature  rise  due  to 
transition  on  thermal  stress.  If  the  flow  remains  laminar,  the  tempera- 
ture distribution  around  the  dome  remains  comparatively  low  and  decreases 
uniformly  as  shown  on  the  left  side  of  the  figure.  The  resulting  tensile 
stress  shows  a similar  behavior  as  illustrated  by  the  lower  curve  on  the 
right  side  of  the  figure.  If  transition  occurs,  however,  there  is  a 
sharp  increase  in  the  temperature  around  the  dome  as  the  value  approaches 
the  turbulent  curve.  In  this  region  of  high  temperature  gradient  there 
will  be  a peak  thermal  stress  which  could  easily  exceed  the  design 
strength  of  the  dome.  In  the  example  shown,  the  stresses  predicted  in 
the  transition  region  would  cause  failure  of  the  magnesium  floride  dome. 
The  extent  of  this  region  of  large  thermal  gradients  is  also  important 
in  determining  the  magnitude  of  thermal  stresses. 
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Another  important  consideration  in  the  discussion  of  boundary  layer 
transition  is  the  determination  of  where  transition  takes  place.  Is  the 
start  of  transition  where  the  instability  first  begins  or  is  it  where 
the  large  scale  flow  characteristics  have  departed  from  laminar  condi- 
tions? Does  transition  end  where  the  flow  is  fully  turbulent  and  what 
is  "fully  turbulent"?  We  favor  the  definition  of  transition  as  starting 
where  the  heat  transfer  coefficient  begins  to  deviate  from  the  laminar 
value  and  ending  where  it  has  reached  the  turbulent  value.  This  defini- 
tion allows  emphasis  of  the  practical  effect  on  a design  problem.  The 
primary  interest  of  the  design  engineer  is  the  location  of  the  effect  of 
transition;  i.e.,  where  heat  transfer  effects  are  evidenced  through 
significant  increases  in  temperature  and  thermal  stresses. 

Background 

The  first  step  in  the  investigation  of  boundary  layer  transition 
criteria  was  to  review  the  nature  of  the  transition  process  as  it  has 
been  understood  from  an  historical  viewpoint.  A literature  survey  was 
conducted,  existing  flight  test  data  were  collected  and  analyzed,  and 
available  transition  criteria  were  examined  for  applicability  to  the 
dome  problem.  The  results  of  this  effort  are  reported  in  NWC  TN  4061- 
178  dated  December  1975.  The  conclusions  were  (and  are)  that  the  many 
years  of  transition  investigations  still  leaves  us  without  a solution  to 
the  practical  problem  but  at  least  more  aware  of  the  complexity  and  many 
variables  involved  in  transition  prediction. 

Theory 

Theoretical  work  is  important,  both  to  provide  basic  understanding 
and  to  serve  as  a guide  for  experiment.  Stability  theory  has  been 
applied  to  the  transition  problem  to  investigate  the  mechanism  of  the 
growth  of  a small  disturbance  in  a laminar  flow.  Transition  is  basically 
a highly  non-linear  process  but  the  stability  theory  can  predict  which 
flows  are  likely  to  become  turbulent  and  what  effect  various  parameters 
are  likely  to  have  on  initiating  instability  which  can  lead  to  transi- 
tion. The  complex  Navier  Stokes  equations  are  the  basis  for  many 
attempts  at  studying  transition.  With  the  aid  of  high  speed  computers, 
it  has  become  possible  to  obtain  solutions  to  these  equations  which  can 
aid  understanding  of  the  processes  involved. 

Ground  Based  Experiment 

Experimental  work  can  perhaps  be  classed  in  two  categories:  (1) 
verification  and  extension  of  theory  and  (2)  design  data.  The  former 
can  lead  to  some  understanding  of  the  basic  mechanism  of  transition  and 
can  also  serve  as  a guide  to  further  experimentation  and  corresponding 
extension  of  the  theory.  The  latter  is  often  only  applicable  to  a 
particular  restricted  case  and  usually  should  not  be  generalized.  Great 
care  and  patience  needs  to  be  applied  in  both  cases,  and  detailed  measure- 
ments of  the  disturbance  environment  must  be  made.  There  are  many 
testing  problems  of  which  investigators  are  aware  of  today  that  were  not 
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considered  problems  when  much  of  the  applicable  data  was  taken.  There 
may  be  other  problems  which  are  as  yet  undiscovered  and,  even  those 
known  of  are  not  adequately  understood. 

All  ground  based  experimental  facilities  have  problems  and  limita- 
tions which  must  be  understood  before  data  obtained  in  them  can  be 
successfully  applied  and  extrapolated  to  the  real  world  environment. 
Basically  the  disturbance  environment  and  the  receptivity  of  the  boundary 
layer  to  that  environment  must  be  determined.  Care  must  be  taken  that 
transition  measuring  devices  do  not  themselves  contribute  to  transition. 

Vorticity  due  to  free  stream  disturbances  causes  problems  in  sub- 
sonic and  low  supersonic  wind  tunnels.  Acoustic  effects  are  also  important 
in  higher  Mach  number  tunnels.  The  small  models  utilized  in  ballistic 
ranges  can  be  affected  by  the  high  stress  concentrations  caused  by  the 
impulsive  launching.  The  high  vibration  environment  makes  meaningful 
high  speed  sled  tests  difficult.  These  problems  are  but  a few  inherent 
to  ground  testing. 

Dome  transition  data  has  been  obtained  in  the  NWC  T-Range  hot  gas 
facility  as  part  of  a program  to  investigate  thermostructural  failure  of 
IR/EO  domes.  This  facility  produces  high  speed,  high  temperature  flow 
by  burning  propane  with  compressed  air  and  expanding  through  a super- 
sonic nozzle.  While  it  was  known  the  severe  acoustical  environment  of 
T-Range  would  precipitate  early  transition,  it  was  hoped  something  could 
be  learned  about  the  transition  region.  The  results  of  two  different 
tests  are  shown  in  Figure  2 where  the  experimentally  derived  heat  transfer 
coefficient  is  shown  for  angular  positions  on  the  dome.  The  earlier 
test  (June  1976)  shows  a rather  mild  effect  of  transition  while  the 
later  test  (April  1977)  shows  the  more  classic  change  from  laminar  to 
turbulent  boundary  layer  conditions.  Further  investigation  indicated 
changes  were  made  to  the  T-Range  burner  that  may  have  resulted  in  smoother 
flow  conditions  during  the  later  tests.  These  tests  and  others  performed 
by  NASA  indicate  that  the  mechanism  of  transition  may  be  very  important 
in  determining  the  behavior  in  the  transition  region.  Thus,  care  must 
be  taken  in  interpreting  results  and  drawing  conclusions  even  for  behavior 
during  transition. 


Even  with  all  the  uncertainties,  it  is  still  necessary  to  have  some 
guide  to  predict  transition  locations  for  existing  problems  that  require 
immediate  solution.  It  is  important  to  use  any  such  guide  with  care 
keeping  in  mind  the  limitations  and  perhaps  restricted  applicability. 
Nevertheless,  for  our  purposes  it  was  decided  to  develop  an  interim 
criteria  based  on  flight  test  data. 


Proper  interpretation  and  use  of  flight  test  data  is  not  without 
difficulty.  Flight  testing  is  also  considerably  more  expensive  than 
ground  based  testing  which  is  in  turn  more  expensive  than  computer 
experiments.  In  unmanned  flight  testing  (and  even  to  some  extent  in 
manned  testing)  it  is  not  possible  to  precisely  check  the  data  or  accur- 
ately control  the  test  vehicle.  It  is  not  possible  to  repeat  a flight 
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exactly  and  the  vehicle  may  move  between  environments  where  many  para- 
meters vary  simultaneously  and  the  dominant  cause  of  transition  may  also 
be  changing.  Free  stream  disturbances  are  important  in  ground  testing 
but  the  effect  of  atmospheric  turbulence  in  flight  is  unknown  and  the 
prediction  and/or  measurement  of  such  turbulence  is  very  difficult.  The 
accurate  measurement  of  the  flight  conditions  and  data  (altitude,  Mach 
number,  angle  of  attack,  skin  temperature)  is  not  easy  and  cannot  be 
checked  by  repeating  the  experiment.  Local  damage  or  deformation  in 
flight  is  usually  not  determinable  since  the  test  vehicle  (if  it  is 
unmanned)  is  usually  not  recovered  or  is  damaged  on  landing.  One  of  the 
biggest  problems  is  roughness.  Many  investigators  have  carefully  measured 
roughness  prior  to  flight  test  but  later  advances  in  roughness  measure- 
ment and  understanding  have  indicated  that  their  measurements  may  not 
have  been  accurate  or  may  have  been  incomplete.  Even  if  the  roughness 
(or  lack  of)  should  be  accurately  determined,  what  about  the  possible 
influence  of  fingerprints  while  loading,  bug  impact,  rain  or  dust  erosion 
and  possible  deformations  under  flight  loads?  Thus,  in  any  flight  test, 
the  condition  of  the  model  is  always  in  question. 

Most  of  the  flight  tests  applicable  to  the  hemispherical  dome 
problems  were  conducted  in  the  middle  to  late  1950's.  In  these  experi- 
ments, even  within  individual  tests,  the  data  are  often  quite  scattered 
and  meaningful  correlations  very  difficult.  The  results  of  some  of 
these  tests  are  shown  in  Figure  3 in  the  form  of  momentum  thickness 
Reynolds  number  at  transition  plotted  against  Mach  number. 

One  flight  test  has  been  made  at  NWC  which  provided  data  on  dome 
aerodynamic  heating.  Results  of  this  test  indicated  that  transition  did 
not  occur  on  the  dome.  Temperatures  along  the  inner  wall  of  a magnesium 
fluoride  IR  dome  were  measured  during  free  flight  of  a boost-glide 
missile  following  a Mach  1.8  launch  at  an  altitude  of  42000  feet. 

Measured  and  calculated  temperature  distributions  along  the  dome  at  two 
different  times  into  the  flight  are  shown  in  Figure  4.  The  calculated 
curves  were  obtained  using  special  purpose  computer  sub-routines  in 
conjunction  with  a large,  general  thermal  analyzer  computer  code.  The 
method  of  Fay  and  Riddell  was  used  to  compute  the  stagnation  point  heat 
transfer,  the  method  of  Lees  to  compute  the  laminar  boundary  layer 
aerodynamic  heating  and  Kays  techniques  for  turbulent  heating.  The 
specific  techniques  are  described  in  NWC  TN  4061-172  dated  June  1974. 

The  furthest  aft  sensor,  at  68  degrees,  is  located  near  the  junction  of 
the  hemispherical  dome  and  ogival  missile  forebody.  The  temperature  of 
the  outer  surface  of  the  dome  would  give  a more  definite  indication  of 
transition  but  is  impractical  to  measure  in  this  type  of  test.  Pre- 
flight thermal  response  calculations  for  the  expected  flight  conditions 
had  shown  that  transition  could  be  detected  by  the  inner  wall  tempera- 
ture distribution  if  its  effect  were  significant.  Calculated  streamwise 
temperature  distributions  are  shown  in  Figure  4 for  both  laminar  and 
transitional  boundary  layers.  The  data  follows  the  predicted  laminar 
distribution  and  does  not  show  the  inflection  in  the  temperature  distri- 
bution that  would  occur  if  transition  were  present  to  a noticeable 
extent.  The  maximum  momentum  thickness  Reynolds  number  on  the  dome 
during  this  flight  was  440. 
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Transition  Criteria 


There  are  probably  almost  as  many  transition  correlation  and  predic- 
tion criteria  as  there  have  been  investigators  of  the  phenomena.  The 
criteria  in  use  currently  by  the  Aerothermodynamics  group  at  the  Naval 
Weapons  Center  is  possibly  the  most  commonly  used  criteria  for  estimating 
transition  on  blunt  bodies.  Transition  is  assumed  to  be  dependent  on 
the  momentum  thickness  Reynolds  number  (Reg)  only.  The  momentum  thick- 
ness is  a measure  of  the  decrement  of  momentum  flux  caused  by  the  boundary 
layer  and  may  be  defined  as 


9 

where 

0 = momentum  thickness 
y = direction  normal  to  surface 
u = velocity  along  surface 
p = density 

and  the  subscript  00  indicates  free  stream  conditions. 

The  value  of  Reg^  for  a particular  problem  is  chosen  by  intuition 
and  engineering  judgement  (in  other  words,  it  is  a guess).  Based  on 
reported  flight  test  results,  Reg  can  vary  from  150  to  more  than  2000. 
One  would  tend  to  choose  a low  value  of  Reg  for  a dome  with  a "rough" 
surface.  Also  it  might  be  proper  to  raise  ifie  value  of  Reg  for  large 
diameter  configurations  (perhaps  transition  is  delayed  due  lo  less  cross 
flow  effect).  For  a smooth  hemispherical  dome,  mid  range  of  supersonic 
Mach  numbers  (2-5),  medium  diameters  (about  3 inches),  zero  angle  of 
attack  and  average  wall  temperature,  NWC  has  selected  Reg  = 750  as  a 
typical  value  for  the  transition  criteria.  This  value  has  been  chosen 
because  flight  test  results  have  seemed  to  indicate  that  transition  for 
these  conditions  usually  occurs  aft  of  the  dome.  A value  of  Re  = 750 
for  these  domes  is  aft  of  the  hemisphere.  Current  effort  is  being 
directed  towards  trying  to  define  trends  of  Reg  with  various  para- 
meters as  shown  in  Figure  5 and,  hopefully,  when  these  trends  are 
established,  assigning  ranges  of  values.  Even  if  such  a quantification 
becomes  possible,  it  is  necessary  to  consider  each  case  individually  for 
any  special  effects  due  to  the  particular  configuration.  It  is  also 
urged  that  a range  of  values  be  considered  to  test  the  effect  of  the 
uncertainties  on  the  final  results.  These  trends,  if  confirmed,  are 
very  qualitative  as  the  data  base  necessary  to  establish  such  trends, 
particularly  flight  test  data,  is  meager. 

Roughness  Effects 

Having  tentatively  concluded  that  transition  does  not  usually  occur 
on  smooth  domes  of  current  and  near  future  interest  to  the  Navy,  our 
investigations  turned  to  "rough"  domes.  Rough  domes  can  be  a practical 


case  due  to  rain  erosion  and  other  operational  effects.  Wind  tunnel 
tests  on  rough  domes  may  be  applicable  since  the  roughness  can  dominate 
as  the  cause  of  transition,  rather  than  the  incompletely  understood  wind 
tunnel  effects.  Investigators  at  NSWC,  White  Oak,  are  doing  wind  tunnel 
tests  on  rough  domes  to  determine  the  turbulence  input  to  a computer 
code  originally  developed  by  Donaldson.  This  analytic  technique  works 
back  from  turbulence  to  find  transition  location. 

Investigators  at  Aerospace  have  suggested  a smooth  dome  is  simply  a 
limiting  case  of  a rough  dome  and  thus  have  developed  techniques  for 
extrapolating  transition  on  a rough  dome  to  transition  on  a smooth  dome. 

As  an  extension  of  their  effort  a series  of  graphs  have  been  developed 
relating  momentum  thickness  Reynolds  numbers  to  edge  Mach  number  for 
various  values  of  roughness  and  wall  temperature.  These  correlations 
are  currently  being  compared  with  experiment  but  there  are  no  results  as 
yet. 

The  Future,  Conclusions  and  Recommendations 

1.  The  theoretical  studies  need  extension  to  the  non-linear  regime. 
Combined  theoretical-experimental  work  is  needed  as  a guide  to  under- 
standing both.  Correlation  of  the  results  available  from  stability 
theory  would  aid  in  establishing  trends  and  bounds  of  various  key 
parameters. 

2.  Further  carefully  done  experimental  work  is  required.  Most  important 
perhaps  is  the  type  of  experimental  work  that  can  aid  in  developing  and 
verifying  theoretical  understanding.  Basic  investigations  of  the  ground 
based  facilities  are  required  to  determine  the  application  of  those 
results  to  the  flight  environment.  Additional  flight  tests  are  required 
for  correlation  with  theory  and  other  experiment. 

3.  Accurate  and  practical  correlations  and  transition  criteria  are 
needed  for  application  to  specific  and  existing  problems.  The  applica- 
tion and  sensitivity  to  particular  problems  must  be  investigated. 

All  of  the  above  are  underway  at  various  facilities  and,  hopefully, 
will  lead  to  further  understanding.  The  pessimist  could  conclude  that 
with  all  the  many  years  of  effort  devoted  to  transition  we  are  still  no 
farther  along.  But  there  has  been  a tremendous  increase  in  the  apprecia- 
tion of  the  complexity  of  the  problems  and  in  understanding  of  the 
number  of  parameters  involved  and  interrelated.  The  optimist  can  only 
conclude  there  will  eventually  be  a means  of  predicting  transition 
location  even  if  only  in  a probabilistic  form. 
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MAGNESIUM  FLUORIDE  DOME 
MACH  1.6  LAUNCH  AT  30K 


FIGURE  1:  EFFECT  OF  BOUNDARY  LAYER  TRANSITION  ON  INNER  WALL 
TEMPERATURE  AND  STRESS 


FIGURE  3:  SUMMARY  OF  NOSE  CAP  TRANSITION  FLIGHT  TEST  DATA 


MACH  1.8  LAUNCH  AT  42.000  FEET 


FIGURE  4:  IR  DOME  INNER  WALL  TEMPERATURE  DISTRIBUTION 


FIGURE  5:  QUALITATIVE  VARIATION  OF  BOUNDARY  LAYER  TRANSITION 
CRITERIA  WITH  VARIOUS  PARAMETERS 
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ABSTRACT 


Analytical  and  experimental  exploratory  studies  of  a simple  incompressible 
stagnation  point  flow  with  roughness  are  presented.  The  purpose  is  to  identify 
the  basic  parameters  and  relationships  that  govern  flow  development  and 
transition  on  blunt  bodies. 

The  current  experiments  study  the  cases  where  roughness  is  the  dominant 
influence.  A low  turbulence  wind  tunnel  is  used.  Mean  velocity,  turbulence 
intensity,  and  Reynolds  stress  profiles  are  measured  with  a Laser  Doppler 
Velocimeter  (LDV).  The  experiments  are  performed  on  12.7  and  21.6-centimeter 
diameter  spherical  models  with  roughness  distributions  of  9,  3,  1,  0.3,  and 

0. 1  millimeters  in  height.  The  freestream  velocity  range  is  from  3.  to  75. 
meters  per  second. 

Concurrent  with  the  experiments  is  an  analytic  study  using  a boundary- 
layer  code  of  the  turbulence  modeling  type.  The  code  provides  the  basic 
capability  to  simulate  the  turbulent  interactions  in  laminar,  transitional, 
and  turbulent  flows.  The  measured  velocity,  turbulent  intensity,  and 
Reynolds  stress  profiles  are  to  be  used  to  validate  and  improve  the  code. 

1 . TEST  PROGRAM 


The  experimental  phase  of  the  study  centers  around  a subsonic  wind-tunnel 
investigation  of  the  boundary-layer  development  in  the  vicinity  of  the  stagnation 
point  on  spherically  blunted  bodies.  Preliminary  testing  was  conducted  in  the 
NSWC  Supersonic  Tunnel  No.  1 at  subsonic  speeds  and  the  U.S.  Naval  Academy 
3x4  foot  Subsonic  Wind  Tunnel.  Freestream  velocity  ranged  from  3.  to  75. 
m/sec.  Ten  spherical  models  were  prepared;  six  of  21.6-centimeter  diameter 
and  four  of  12.7-centimeter  diameter.  One  sphere  of  each  size  remained  smooth 
while  the  others  were  instrumented  with  spherical  roughness  elements  of  uniform 
size  and  shape.  Roughness  element  diameters  were  0.1,  0.3,  1,  3,  and  9 
millimeters.  Glass  beads  were  used  for  the  spherical  roughness  elements. 
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These  were  commercially  available  but  had  to  be  sorted  as  to  size  and 
spherical  shape  uniformity.  Figure  1 shows  a model  which  was  instrumented 
with  lmm-diameter  roughness  elements.  The  glass  beads  were  attached  to 
the  model  by  coating  the  surface  of  the  model  with  an  epoxy  adhesive  and 
sprinkling  the  elements  onto  the  surface.  The  average  surface  coverage 
averaged  65  to  70  percent  and  was  typical  for  all  roughness  element  sizes. 

A close-up  photograph  of  the  roughness  elements  (Figure  2)  shows  the  type 
of  non-patterned  uniformly-distributed  roughness  which  resulted. 

The  combinations  of  roughness  heights  and  model  diameters  provided  for 
a range  of  roughness  height  to  model  nose  radius  (k/RN)  from  0.001  to  0.1 
for  a range  of  Reynolds  number  based  on  nose  radius  (Regn)  from  1 x 10^  to 
5 x 105.  For  this  test  matrix,  the  roughness  height  to  boundary- layer 
thickness  ranged  from  the  aerodynamically  smooth  to  the  fully  rough  regime 
with  the  added  condition  of  roughness  heights  greater  than  the  boundary- 
layer  thickness. 

The  Laser  Doppler  Velocimeter  (LDV)  was  the  main  diagnostic  technique 
used  for  flow  measurement.  The  LDV  technique  was  chosen  because  it  provided 
a capability  for  multi-component  measurements  of  mean  velocity  and  turbulent 
intensity,  Reynolds  stress,  and  turbulent  energy  without  flowfield  interference. 

The  LDV  system  is  shown  schematically  in  Figure  3.  It  consists  of  a 
Thermo- Systems  2-channel,  2-color  optical  system  together  with  an  argon-ion 
laser.  The  laser  is  operated  in  a multi-wavelength  mode.  The  wavelengths 
of  the  laser  output  are  separated  by  passing  the  laser  light  through  two 
dispersion  prisms.  The  two  major  lines  (488nm  and  514. 5nm)  are  then  split 
to  form  two  sets  of  beams  in  two  mutually  perpendicular  planes.  All  four 
beams  are  then  focused  to  a point  in  the  flowfield  through  a lens  system. 

The  scattered  light  from  particles  in  the  flow  is  collected  and  imaged  onto 
a pin  hole  to  minimize  stray  light  and  to  maintain  a small  spatial  resolution. 
The  collecting  optics  includes  provisions  for  separating  the  scattered  light 
signal  into  two  colors  and  focusing  them  onto  two  photodetectors.  The  signals 
from  the  photodetectors  are  then  processed  by  two  Doppler  burst  processors. 

The  digital  output  from  the  processors  which  is  the  period  of  the  Doppler 
frequency  is  then  stored  until  a suitable  number  of  samples  are  taken  (typically 
1,000  to  5,000  points).  Finally  the  data  are  transferred  to  a minicomputer 
where  the  various  moments  of  the  velocity  probability  distribution  function 
are  computed.  The  focal  volume  diameter  was  0.11mm  (0.0044  inches).  The 

aerosol  was  generated  from  olive  oil  using  a Laskin  nozzle.  The  mean  diameter 
of  the  aerosol  particles  was  determined  to  be  1.5p. 

II.  RESULTS 


Wind-tunnel  tests  were  first  conducted  in  the  NSWC  Supersonic  Wind  Tunnel  1 
at  subsonic  speeds  for  the  purpose  of  checking  out  the  LDV  capabilities.  Mean 
and  fluctuating  velocity  measurements  were  made  along  the  stagnation  streamline 
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and  along  a normal  to  the  surface  at  a point  90  degrees  from  the  stagnation 
point  of  the  21.6-centimeter  diameter  sphere  model  instrumented  with  lmm- 
diameter  spherical  roughness  elements.  Agreement  with  theory  was  found  to 
be  excellent  for  mean  velocity  distribution  (see  Figures  4 and  5)  and 
turbulence  intensity  (Figure  6) . 

Calculations  were  made  to  determine  the  extent  of  particle  lag  along 
the  stagnation  streamline  of  the  sphere.  It  was  determined  that  the  error 
in  mean  velocity  would  be  less  than  0.5  percent  for  particles  as  large  as 
5 microns.  However,  there  could  be  substantial  errors  (or  the  order  of 
10  percent)  in  the  turbulence  measurements  if  too  large  an  aerosol  particle 
were  used.  Large  particles  do  not  decelerate  at  the  same  rate  as  smaller 
particles,  and  a variation  in  velocities  measured  at  the  focal  volume 
could  result  from  the  particle  size  distribution  and  not  turbulence.  This 
problem  necessitated  a tight  control  over  the  aerosol  generator  output. 

Aside  from  this  problem,  the  LDV  system  performed  well. 

LDV  verification  tests  resumed  in  the  larger  Naval  Academy  3x4  foot 
Subsonic  Wind  Tunnel.  The  facility  had  just  undergone  modification  in  which 
turbulence  reducing  screens  had  been  installed.  The  turbulence  level  of 
the  facility  was  a nominal  0.1  percent.  Velocity  surveys  were  limited 
to  (1)  sweeps  along  the  stagnation  streamline,  especially  for  low  freestream 
velocities,  and  (2)  boundary-layer  profiles  at  the  point  90  degrees  from 
the  stagnation  point,  for  large  freestream  velocities. 

Figure  7 shows  the  mean  velocity  distributions  along  the  stagnation 
streamline  above  various  roughness  elements.  The  velocity  is  seen  to 
extrapolate  back  to  zero  at  some  point  near  the  mid-height  of  the  roughness 
elements,  as  it  does  for  flat  plate  boundary  layers.  The  fluctuating 
components  of  velocity  (not  shown)  were  large  and  appeared  well  ahead  of 
the  body  even  for  the  smooth  model.  This  unexpected  phenomena  appeared  to 
be  caused  by  a wandering  of  the  stagnation  point  and  was  confirmed  by  the 
observation  of  a particle  fog  in  the  facility.  The  implications  of  such 
an  unsteady  condition  have  not  been  resolved. 

The  velocity  profiles  around  the  body  are  shown  in  Figure  8*  The  data 
are  compared  to  the  theoretical  curve  for  a sphere.  However,  since  the 
tests  were  conducted  with  a streamlined  afterbody  on  the  sphere,  the  data 
should  not  be  expected  to  agree  with  theory.  The  data  parallels  the  theoretical 
curve  and  breaks  away  near  the  surface  to  form  the  boundary  layer.  Two  curves 
are  shown  for  the  case  K = 9mm,  Vx  = 30. 5m /sec  and  4>  = 90  degrees.  They 
correspond  to  surveys  on  opposite  sides  of  the  model.  The  boundary-layer 
profiles  for  these  two  "identical"  cases  appear  to  give  measurably  different 
boundary-layer  thicknesses.  The  proposed  explanation  is  that  one  survey  is 
obtained  above  a roughness  element  while  the  other  is  above  a space  between 
roughnesses.  This  discrepancy  pointed  out  the  need  for  the  accurate  deter- 
mination of  the  location  of  the  focal  volume  in  relation  to  the  surface  and 
roughness  elements. 
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Turbulent  shear  stress  distributions  have  been  the  most  difficult  of  the 
measurements  to  make.  Values  are  determined  from  the  difference  in  the  standard 
deviation  of  two  nearly  identical  velocity  histograms.  The  tests  pointed  out 
the  stringent  requirement  which  must  be  imposed  on  the  LDV  signal  conditioning 
electronics.  As  a result,  the  LDV  system  is  currently  undergoing  a major 
upgrading  in  preparation  for  the  final  testing  phase.  The  new  system  will 
provide  a greater  signal-to-noise  processing  capability,  an  order  of  magnitude 
faster  data-handling  rate,  a significant  improvement  in  system  reliability, 
and  an  increased  flexibility  in  the  types  of  aerodynamic  experiments  for 
which  the  LDV  can  be  used. 

The  results  of  the  preliminary  investigation  have  been  worthwhile  in 
uncovering  potential  problem  areas,  especially  with  the  LDV  system.  The 
results  have  also  been  very  encouraging  in  that  the  LDV  has  worked  with 
such  success. 

II.  FUTURE  PLANS 

As  soon  as  the  new  LDV  equipment  is  made  operational,  the  Naval  Academy 
tests  will  be  resumed  and  completed.  By  the  time  the  experiments  are  completed, 
a stagnation  point  turbulence  modeling  code  will  be  operational  on  the  NSWC 
computer,  and  comparisons  between  experiment  and  theory  will  be  made. 
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ON  FULL  SCALE  LASER- VELOCIMETER  MEASUREMENTS  OF  SHIP  BOUNDARY- 


LAYER  FLOW 
by 

J.  Kux,  T.  Niemeier 

Institut  ftir  Schiffbau  der  Universitat  Hamburg 
INTRODUCTION 

Full  scale  measurements  of  the  flow  around  the  ship  hull 
are  not  very  common  [1]  due  to  their  expensiveness  and  to  the 
difficulties  inherent  to  the  problem.  Experimental  research  in 
ship  hydrodynamics  has  therefore  mostly  been  restricted  to 
laboratory  investigations  at  model  scale  (towing  tanks,  wind 
tunnels,  etc.).  At  the  last  two  meetings  it  has  been  reported 
about  wind-tunnel  measurements  at  the  Institut  fiir  Schiffbau 
(IfS)  which  are  typical  for  these  model  investigations.  The 
situation  is  nevertheless  an  unsatisfactory  one  since  Reynolds- 
numbers  in  these  experiments  differ  from  those  in  the  full 
scale  case  by  figures  up  to  lo\  Extrapolation  of  results  over 
such  a range  is  more  than  dubious.  The  need  for  full  scale 
measurements  is  evident.  Several  attempts  have  rendered  a rather 
restricted  amount  of  information.  It  is  the  stern  region  of  the 
ship  where  most  efforts  have  been  concentrated  due  to  the  high 
interest  the  wake  characteristics  have  for  the  understanding  of 
propeller  performance  and  for  better  propeller  design  techniques 
[1]  , [2 J.  Considering  the  size  of  modern  ships  one  soon  reali- 
zes the  problems  imposed  on  probe  assemblies  if  pressure  tubes, 
hot  wires  (or  films)  or  other  material  probes  are  used. 

This  led  us  to  the  decision  to  develope  the  technique  of 
laser-Doppler-velocimetry  (LDV)  in  order  to  obtain  an  apparatus 
suitable  for  such  measurements.  First  suggestions  were  formula- 
ted in  1973  but  until  the  optics  purchased  were  delivered  it  was 
fall  of  1976.  The  LDV  technique  is  now  widely  applied  to  flow 
measurements  [31  but  if  one  searches  literature  it  readyly 
becomes  evident  that  most  experiments  are  tailored 
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to  meet  the  possibilities  of  the  device  at  hand  while  the 
reverse  would  be  desirable.  It  became  our  policy  to  design 
the  devices  ourselves  to  a certain  degree.  Of  course  this  meant 
a considerable  effort  of  development  and  testing.  So  the  elec- 
tronics for  data  reduction  of  the  system  have  not  yet  found 
their  final  form  and  of  course  the  whole  device  will  probably 
have  to  be  redesigned  again  and  again. 

Projects  of  this  magnitude  require  the  joint  effort  of  many 
investigators.  At  the  institute  M.  Scheinpflug,  H.  Stoermann 
and  J.  Schulz  made  valuable  contributions.  The  measurements  on 
board  would  not  have  been  possible  without  the  contribution  of 
the  Research  Cooperative  Programme.  This  cooperative  with  about 
20  societies  or  institutions  as  members  including  well  known 
ship  owners  joined  us  and  contributed  the  financial  support  for 
the  experiments.  The  measuring  team  included  H.  Liland  and 
V.  Vinddj  from  Det  norske  Veritas  and  H.  Wood  from  Shell  Intern. 
Marine.  We  acknowledge  the  contribution  of  this  society  which 
provided  the  ship,  the  liquid  gas  tanker  "Methane  Progress", 
and  gave  us  all  the  help  we  needed. 

EXPERIMENTAL  APPARATUS 

The  principle  of  LDV  is  based  on  the  detection  of  the  frequency 
shift  appearing  when  laser  light  is  scattered  from  small  partic- 
les moving  with  the  flowing  fluid.  This  shift,  due  to  the  well 
known  Doppler  effect,  though  being  rather  small,  is  detectable 
by  means  of  interference  techniques  which  yield  the  frequency 
shift  as  beat  frequency  at  the  photodetector.  No  more  details 
on  the  basic  theory  shall  be  presented  here  ( [3] , 3 , [ 5T , [ 6 ] ). 
Since  a great  number  of  optical  arrangements  is  possible,  first 
and  basic  decisions  had  to  be  made  on  the  optics  and  the 
guidance  of  the  beams.  The  geometry  of  the  problem  required  that 
the  detection  of  the  radiation  was  to  be  in  the  backscattering 
mode  raising  intensity  problems.  The  intensity  scattered  in 
backward  direction  is  up  to  10^  times  lower  than  that  scattered 
in  foreward  direction.  Therefore  the  observation  should  be 
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through  a lens  with  as  high  an  aperture  as  possible.  This  leads 
to  the  crossed  beam  or  differential-Doppler  mode,  which  means  the 
following:  The  laser  beam  is  split  into  two  separated  beams  of 
equal  intensity  which  are  focused  on  the  point  where  the  veloci- 
ty is  to  be  measured  and  where  they  intersect  under  a certain 
angle  (Fig.l).  The  intersection  volume  of  these  incident  beams 
is  the  sensitive  volume  of  the  device  and  may  be  depicted  as  an 
ellipsoid  (Fig. 3).  A particle  crossing  this  volume  will  scatter 
light  (photons)  from  both  beams.  Both  scattered  waves,  prove- 
nient  from  the  same  particle  as  scattering  center  and  being 
coherent  interfere  producing  the  beat  frequency  at  the  detector 
since  they  have  different  Doppler  shifts. 

Three  main  problems  had  to  be  overcome:  the  long  distances 
(order  of  magnitude  several  meters)  over  which  the  measurements 
should  be  performed,  the  positioning  of  the  measuring  volume 
and  the  high  level  of  vibration  to  be  expected.  This  latter 
difficulty  demanded  a so  called  integrated  optic,  an  optical 
system  where  focusing  of  the  incident  beams  and  collection  of 
the  scattered  radiation  is  performed  by  the  same  elements.  Such 
a system  remains  focused  even  at  high  vibrational  levels.  In 
order  to  prevent  the  intersection  angle  of  the  incident  beams 
from  becoming  too  small  and  considering  the  low  intensity  of  the 
scattered  radiation  a high  aperture  of  this  system  became  manda- 
tory. To  achieve  positioning  over  a range  of  several  meters  a 
zoom  lens  is  needed  because  generally  there  will  not  be  enough 
space  available  inside  the  vessels  for  such  displacements  of  the 
apparatus.  So  an  arrangement  emerged  with  a zoom  comprising  a 
front  lens  of  30  cm  of  diameter  (Fig. 2).  The  zoom  was  designed 
in  such  a way  as  to  keep  the  angle  between  the  incident  beams 
constant  while  zooming.  By  this  feature  the  calibration  constant, 
the  factor  relating  the  detected  frequency  shift  to  the  velocity, 
does  not  change  with  the  focal  length  since  it  solely  depends  on 
this  angle  and  the  laser  frequency. 

Intensity  considerations  demand  a laser  of  1 to  4 Watts  on 
tne  single  spectral  line  used.  In  our  case  an  Argon-ion  laser 
was  used  with  an  over  all  power  of  2 Watts.  As  these  lasers  may 
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work  on  two  lines  simultaneously,  a green  (514,5  nm)  and  a 
blue-green  (488,0  nm)  line,  a two  component  LDV  system  is 
feasicle.  Such  a two  channel  system  is  in  fact  what  was  built. 

The  optics,  manufactured  by  DISA  Elektronik,  Denmark  allows  the 
simultaneous  measurement  of  two  mutually  perpendicular  components 
of  the  velocity  vector  in  the  plane  normal  to  the  axis  of  the 
optical  arrangement.  In  this  plane  the  position  of  the  two 
components  my  be  varied  by  turning  part  of  the  optics  around 
tnis  axis.  Finally  the  intersection  angle  of  the  incident  beams 
of  both  colours , though  constant  while  zooming,  may  be  chosen 
within  certain  limits.  The  geometrical  arrangement  of  laser  and 
main  elements  of  the  optical  system  may  be  changed  so  as  to 
adapt  the  whole  device  to  the  restrictions  that  the  space 
available  on  board  may  impose.  It  is  thought  that  with  all  these 
features  a versatile  tool  for  the  measurement  of  such  full  scale 
flows  has  been  produced. 

So  far  nothing  has  been  said  about  signal  processing, 
neither  about  the  electronic  equipment  needed  nor  about  the 
computer  where  the  final  evaluation  takes  place.  In  fact  there 
was  (ar.d  still  is)  some  uncertainity  about  the  signals  to  be 
processed.  The  particle  density  .in  the  sea  is  not  well  known 
nor  is  the  size  of  the  particles.  Differences  have  to  be  expec- 
ted at  different  depths,  geographic  regions,  seasons,  time  of 
the  day  and  state  of  the  sea.  Air  bubbles  of  small  size  may  or 
may  not  be  present.  Our  knowledge  about  the  scattering  centers 
to  be  expected  is  thus  rather  poor,  and  therefore  no  decision 
could  be  taken  in  advance.  The  following  methods  were  applied: 

1.  Examination  of  the  signal  on  a storage  oscilloscope  and 
evaluation  of  the  frequency  by  counting,  the  time  base  being 
known.  2.  The  evaluation  of  signals  by  the  application  of  a 
transient  recorder,  its  digital  output  being  processed  by  a 
desktop  computer.  This  method  was  applied  by  Det  norske  Veritas 
using  the  signals  from  the  IfS  optics.  It  will  not  be  discussed 
here.  3-  The  method  of  photon  correlation.  Another  electronic 
device  known  as  a (4.)  counter  was  tested  at  the  laboratory  but 
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not  on  board,  though  it  seems  to  be  a processing  device  we 
will  have  to  use  in  the  future.  Frequency  trackers  (5)  were  con- 
sidered to  be  unable  to  process  these  signals.  The  method  of 
photon  correlation  seems  not  yet  to  be  in  general  use.  As  long 
as  enough  intensity  of  the  scattered  radiation  is  available  at 
the  detector,  the  signal  is  expected  to  have  a Gaussian  shaped 
envelope  but  modulated  with  the  beat  frequency.  Such  an  analog 
signal  may  be  processed  by  frequency  trackers,  counters,  etc. 
Once  the  intensity  goes  down,  the  signal  dissolves  more  and 
more  into  single  spikes,  each  representing  a detected  photon 
(Fig. 3).  (Circuitry  and  photomultiplier  assumed  to  be  fast.) 

Such  a discrete  signal  would  dissapear  in  the  background  noise 
if  not  unburied  by  appropriate  correlation  methods.  The  signal 
at  low  intensity  is  thus  a stochastic  train  of  spikes  but  the 
probability  of  appearance  of  these  spikes  is  not  constant  with 
time  but  modulated  with  the  beat  frequency.  This  frequency  may 
be  recovered  from  the  autocorrelation  function  formed  in  a very 
fast  correlator  with  the  sequence  of  discrete  pulses  as  input. 
Details  on  the  theory  are  presented  elsewhere.  ([7],  [8], [9]  ) 
Different  methods  are  available  for  the  processing  of  the  auto- 
correlation function  with  a computer  including  fast  Fourier 
transform  methods.  We  applied  a method  where  a theoretical  for- 
mula is  fitted  to  the  series  of  digital  values  which  represent 
the  autocorrelation  function  (Fig. 4).  The  parameters  of  the  fit 
not  only  give  the  mean  value  of  the  velocity  but  also  its 
variance  what  means  that  a measurement  of  the  turbulence-inten- 
sity is  always  included.  This  is  an  additional  advantage  of  this 
powerful  method  of  special  usefulness  for  low  intensity  cases 
though  a computer  is  always  needed.  The  theoretical  expression 
for  the  autocorrelation  function  was  derived  under  the  assump- 
tion of  turbulence  being  a Gaussian  process.  Since  this  is  not 
the  case,  this  is  just  a first  approximation. 

FIRST  RESULTS 

Though  the  main  purpose  with  this  device  is  to  make  measu- 
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rements  in  regions  of  interacting  flow  fields  of  interest  in 
ship  hydrodynamics,  the  first  step  was  to  be  a general  test  on 
a vessel  at  one  location  where  a flow  with  boundary  layer 
characteristics  could  be  expected.  This  was  done  on  a liquid 
gas  carrier,  the  T/T  "Methane  Progress"  on  a trip  between 
Canvey  Island,  England  and  Arzew,  Algeria,  and  back  to 
Le  Havre,  France.  This  vessel  is  fittet  with  a window  of  a dia- 
meter of  10  cm  situated  in  the  engine  room  7 m below  the  water 
line,  and  at  a coordinate  estimated  to  be  143  m from  the  bow 
measured  along  the  streamline  through  the  location  of  the  window. 
This  small  window  did  not  allow  to  take  advantage  of  the  full 
power  of  the  optics.  Three  trips  had  been  planned,  the  first  one 
(from  September  20  th  to  October  4 th,  1977)  had  initially  been 
appointed  to  serve  for  installation  purposes  only.  The  results 
obtained  were  considered  to  be  so  satisfactory  that  no  more 
trips  were  made  since  the  restricted  possibilities  with  that 
window  would  not  justify  the  additional  expenses.  Measurements 
could  be  taken  at  night  or  on  the  day  and  the  ship  motions  and 
vibrations  came  out  to  be  no  problem.  The  computer  had  not  been 
taken  along,  so  the  evaluation  of  the  correlograms  was  performed 
after  the  voyage  had  been  finished.  Measurements  were  also  made 
by  the  method  of  inspection  of  the  signals  on  the  storage  oscil- 
loscope and  the  members  of  Det  norske  Veritas  applied  their 
transient  recorder  and  their  desk-top  computer.  When  working 
with  the  correlator,  the  size  of  the  increment  steps  for  the 
time  lag  is  preset  on  the  device,  this  time  lag  being  the 
independent  variable  the  correlation  function  depends  on.  So 
the  same  measurement  may  be  repeated  with  different  settings  of 
this  dial.  In  such  repeated  measurements  no  differences  excee- 
ding the  expected  scatter  were  found,  increasing  the  confidence 
in  the  values  measured. 

The  boundary  layer  is  expected  to  be  three-dimensional  at 
this  location.  It  was  not  possible  to  make  a complete  measure- 
ment since  one  channel  of  the  device,  tne  one  corresponding  to 
the  blue  line,  did  not  work  properly.  With  only  one  channel 
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working,  the  alignment  was  chosen  in  a direction  expected  not 
to  differ  too  much  from  the  outer  flow  direction.  No  additional 
measurement  with  another  alignment  was  attempted.  So  no  informa- 
tion about  the  cross  flow  has  been  obtained.  The  values  found 
for  the  velocity  were  thus  taken  as  if  being  provenient  from  an 
ordinary  two-dimensional  boundary  layer.  But  even  under  this 
restriction  they  are  far  from  being  complete.  The  inner  region 
could  not  be  scanned  down  to  the  viscous  sublayer  nor  was  the 
edge  of  the  layer  reached  at  the  outermost  distance  of  l.k  m. 

With  the  angle  chosen  the  dimensions  of  the  window  precluded 
investigations  farther  away  from  the  hull  surface.  With  a smal- 
ler angle  no  systematic  velocity  profile  measurement  could  be 
repeated.  Merely  one  value  was  registrated  at  a distance  of  ^ m 
which  could  be  used  to  show  the  soundness  of  the  extrapolations 
leading  to  the  boundary  layer  thickness  and  the  velocity  values 
at  the  outer  edge.  Using  a formula  given  by  Winter  and  Gaudet 
CIO]  as  discussed  by  Wieghardt  [11]  > the  boundary  layer  was 
found  to  have  a thickness  between  1.5  and  1.6  m. 

The  Re-number  with  respect  to  the  above  mentioned  stream 
line  coordinate  was  almost  10^,  so  that  possibly  these  are  the 
boundary  layer  measurements  with  the  highest  Re-number  ever  made. 

The  results  (Fig. 5)  show  an  almost  conventional  boundary 
layer  profile  witn  slignt  differences  in  the  outer  region.  This 
may  be  explained  by  the  increased  fully  turbulent  region  toward 
nigner  values  of  tne  normal  coordinate  n that  is  found  at  such 
high  Re-numbers  and  by  the  high  level  of  the  turbulence  inten- 
sity still  present  near  the  outer  edge  of  the  boundary  layer. 
Though  tnere  is  considerable  scatter  between  the  values,  the 
profile  of  turbulence  intensity  7 (Fig. 6)  shows  a clear  trend 
toward  say  6 %.  Whether  this  is  a true  finding  or  is  caused  by 
the  ship  motions  or  vibrations  remains  an  open  question.  Anyhow 
it  would  be  an  explanation  since  it  means  that  the  turbulent 
boundary  layer  has  not  to  adjust  itself  to  a laminar  outer  flow 
but  is  faced  with  a smaller  step  in  turbulence  intensity  to 
overcome  at  its  outer  edge.  Trying  to  fit  a power  law  to  these 
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boundary  layer  profiles  gives  a power  of  1/8.7.  So  the  downward 
trend  of  this  magnitude  with  raising  Ke-numbers  also  found  by 
Wieghardt  1 12]  in  nis  boundary  layer  measurements  on  the 

Q 

"Meteor"  (Re  = 8.3  ' 10°)  (which  fitted  well  as  an  extrapola- 
tion from  other  measurements  at  lower  Re-numbers)  is  not  con- 
firmed by  these  measurements. 

Analysing  a boundary  layer  always  raises  questions  as  to 
the  fulfillment  of  such  laws  as  the  law  of  the  wall  and  the 
velocity  defect  law.  Since  there  are  no  values  at  hand  concer- 
ning the  roughness  of  the  hull  surface,  this  figure  must  also 
be  deduced.  The  values  found  are  consistent  with  the  usual 
choice  for  the  v.  Karman  constant  and  the  additive  constant  in 
the  logarithmic  law  of  the  wall.  A roughness  figure  of  2 mm 
seems  to  fit  best  though  it  appears  a bit  high.  But  even  for 
1 mm  a satisfactory  fit  is  obtained. 

FUTURE  INVESTIGATIONS 

It  is  the  purpose  to  use  this  apparatus  to  investigate  the  wake 
of  full  scale  ships.  Due  to  the  velocities  induced  by  the  pro- 
peller the  flow  field  is  periodically  instationary.  With  the 
aid  of  the  computer  it  will  be  possible  to  analyse  this  by  trig- 
gering according  to  the  position  of  the  blades  in  order  to  re- 
solve the  field  with  respect  to  its  time  coordinate.  The  perti- 
nent changes  and  additions  to  the  device  are  currently  under 
progress.  The  deflection  of  the  beams  while  keeping  them  inter- 
secting will  have  to  be  managed  thus  enhancing  the  domain  to  be 
scanned  from  one  window.  A systematic  search  for  bilge  vortices 
may  be  included  and  more  emphasis  on  the  turbulence  characteri- 
stics including  Reynolds-stresses  may  be  envisaged  for  the 
future . 
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MEASUREMENTS  OF  THE  THREE-DIMENSIONAL  FLOWFIELD  AROUND 
A SLENDER  BODY  AT  LARGE  ANGLES-OF-ATTACK 


William  J.  Yanta 

Naval  Surface  Weapons  Center 
White  Oak  Laboratory 
Silver  Spring,  Maryland  20910 

Increased  flight  performance  requirements  for  missiles  have  resulted  in 
a need  for  flight  at  large  angles-of-attack.  Under  these  conditions,  the 
leeward  flowfield  around  the  missile  can  go  through  several  phases.  At 
angles-of-attack  greater  than  five  degrees  the  flow  separates  to  form  well- 
defined  vortices  which  may  be  either  symmetric  or  asymmetric  in  structure. 

The  asymmetric  pattern  generally  appears  at  angles  greater  than  25  to  35 
degrees  and  has  traditionally  been  considered  to  be  steady.  At  incidences 
near  90  degrees,  the  flow  resembles  that  about  a cylinder  in  cross-flow, 
and  is  unsteady  at  low  Mach  numbers.  The  complicated  nature  of  this  high 
angle-of-attack  flowfield  makes  it  very  difficult  to  predict  theoretically 
the  aerodynamic  loads.  As  a consequence,  most  predictive  methods  are  semi- 
empirical  in  nature  and  rely  heavily  on  experimental  measurements.  The 
strength  and  position  of  flowfield  vortices  are  required  in  many  predictive 
methods,  particularly  those  applicable  to  complete  missile  configurations. 

With  this  in  mind,  a program  is  on-going  at  the  Naval  Surface  Weapons 
Center/White  Oak  Laboratory  to  develop  techniques  for  predicting  the  non- 
linear behavior  of  missiles  at  large  angles-of-attack.  This  will  be  done 
first  by  developing  a data  base  for  the  steady/unsteady  flowfields,  in- 
cluding resulting  body  forces  for  a slender  body  without  fins.  This  will 
be  done  by  mapping  the  external  flowfields  about  a tangent-ogive  body  at 
angles-of-attack  up  to  90°,  with  a prototype  three-dimensional  Laser 
Doppler  Velocimeter  (LDV) . In  addition,  the  model  is  instrumented  with 
148  pressure  taps  so  the  pressure  distributions  on  the  model  can  be 
measured  and  integrated  to  determine  the  body  forces.  In  order  to  inves- 
tigate the  resulting  unsteady  forces,  the  pressure  transducers  are  mounted 
inside  the  model,  so  that  the  pressure  lines  are  of  minimum  length.  This 
will  permit  measurements  of  pressure  fluctuations  up  to  500  Hz  which  are 
well  within  the  Strouhal  frequencies  for  these  experiments.  (This  has  been 
determined  with  insitu  calibrations.)  The  model  has  a diameter  of  5.7  cm 
(2.25  inches)  and  can  be  fitted  with  four  different  noses.  They  are 
tangent-ogive  configurations  with  1/ d's  of  0.5  (hemisphere),  3.0  and  4.0. 

In  addition,  there  is  a nose  with  a 4/d  of  four  with  ten  percent  bluntness. 
These  are  shown  schematically  in  Figure  1.  A photo  of  the  assembled  model 
is  shown  in  Figure  2.  The  tests  will  be  carried  out  on  the  model  initially  with 
two  noses,  the  3.0  and  the  0.5  i/d's. 

A 3-D  Laser  Doppler  Velocimeter  (LDV)  will  be  used  to  measure  the 
three-velocity  components  simultaneously.  This  system  utilizes  a two  color 
plus  polarization  feature  to  determine  the  three  individual  velocity  com- 
ponents and  is  shown  schematically  in  Figure  3.  The  longitudinal  (u  com- 
ponent) and  pitch  plane  component  (w  component)  are  measured  using  a polar- 
ization scheme  with  the  4880A  line  from  an  argon  laser.  The  third  velocity 
velocity  component  (v  component  in  the  yaw  direction)  is  determined  using 
an  off-axis  system  at  30°  to  the  tunnel  centerline  and  utilizing  the  5145A 
line  from  the  argon  laser.  This  measured  component  of  velocity  is  made  up 
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of  the  longitudinal  and  yaw  component.  Since  the  longitudinal  component  is 
determined  outright,  the  yaw  component  can  be  determined  through  trigono- 
metric relations.  The  Doppler  signals  are  detected  by  three  photomultipliers 
and  then  processed  by  three  Doppler  processors.  This  data  is  then  stored  in 
a minicomputer  where  the  three  velocity  components  are  determined.  This 
method  has  been  demonstrated  in  a wind-tunnel  experiment. 

In  a recent  paper  by  Lamont  and  Hunt  (Reference  2),  it  was  postulated 
that  free-stream  turbulence  was  an  important  factor  in  experiments  which 
investigated  the  aerodynamics  of  configurations  at  large  angle-of-attack. 

As  part  of  the  present  program,  the  model  will  be  placed  in  flows  in  which 
the  turbulence  levels  are  varied.  Most  of  the  data  will  be  obtained  at  a 
free-stream  turbulence  level  of  0.1%.  Selected  cases  will  be  run  at  0.7% 
and  1.5%  turbulence  levels.  These  levels  will  be  generated  by  placing  grids 
in  the  test  section  ahead  of  the  model.  All  tests  will  be  run  at  subsonic 
speeds,  at  velocities  which  are  low  enough  to  maintain  a laminar  boundary 
layer  on  the  body. 

Since  this  program  is  on-going, and  the  experimental  program  will  begin 
shortly; no  results  on  this  configuration  are  available.  However,  results 
were  obtained  and  reported  (Reference  1)  on  the  initial  phase  of  this  pro- 
gram. A small  tangent-ogive  model  with  a diameter  of  2.85  cm  (1.125  inches) 
was  tested  at  free-stream  velocities  of  36.6  meters/sec  (120  ft/sec)  at 
angles-of-attack  up  to  50  degrees.  The  nose  had  a Jl/d  of  three  and  a body 
l/d  of  six.  A single  component  LDV  was  used  to  measure  the  three  components 
of  the  velocity  vector.  Only  LDV  measurements  were  made  with  no  force  or 
pressure  distributions  taken.  Typical  results  from  Reference  1 will  be 
shown  here.  These  are  also  typical  of  the  kinds  of  results  that  will  be 
obtained  in  the  present  testing  program.  Shown  in  Figure  4 are  crossflow 
flowfield  velocity  distributions  for  an  angle-of-attack  of  18  degrees,  at 
a distance  of  six  diameters  from  the  leading  edge.  This  corresponds  to  the 
mid-body  location.  One  can  see  the  detailed  flow  structure  of  the  leeward 
flowfield,  including  the  two  symmetric  vortices.  In  Figure  5 are  shown  the 
isovorticity  distributions  for  the  same  conditions.  Again,  one  can  see  the 
detailed  vortical  structure  on  the  leeward  flowfield.  Similar  results  for 
the  vorticity  distribution  are  shown  in  Figure  6 for  an  angle-of-attack  of 
50  degrees.  The  vortex  strengths,  streamwise  vortex  position,  and  lateral 
vortex  positions  are  shown  in  Figures  7a,  7b,  and  7c,  respectively.  It  can  be 
seen  that  the  data  agrees  with  the  empirical  correlation  in  Reference  1.  In 
general,  it  was  concluded  that  the  data  obtained  in  the  first  phase  agreed 
well  with  existing  time-averaged  data. 

CONCLUSIONS  AND  PRESENT  STATUS 

Time-averaged  measurements  have  been  made  with  a LDV  of  the  flowfields 
behind  a slender  body  at  angles-of-attack  up  to  50  degrees.  A one-component 
LDV  was  used  to  make  these  measurements  and  the  agreement  with  existing  data 
was  good.  These  results  were  reported  in  Reference  1. 
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An  on-going  program  will  investigate  the  steady/unsteady  flowfields  and 
body  forces  on  a body  at  angles-of-attack  up  to  90  degrees.  The  influence 
of  freestream  turbulence  on  the  unsteadiness  of  the  flowfields  will  aL.o  be 
investigated.  The  status  of  this  program  is  as  follows: 

a.  A three-component  LDV  has  been  demonstrated; 

b.  A pressure  model  has  been  fabricated  and  assembled; 

c.  A low-turbulence  wind-tunnel  has  been  calibrated  in  preparation  for 
tests;  and 

d.  Turbulence  generating  grids  have  been  fabricated  and  these  grids  will 
be  used  in  generating  freestream  turbulence. 
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MODEL  CONFIGURATIONS 
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FIG.  4 CROSSFLOW  FLOW  FIELD  VELOCITY 


DISTRIBUTIONS  (a  = 18",  g = 6). 
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FIG.  5 NONDIMENSIONAL  VORTICITY  DISTRIBUTION 
(A/in2 ) AT  a = 18  DEGREES.  NOSE  TRIP 
REMOVED  X/D  = 6. 
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FIG.  7a.  SUBSONIC  VORTEX  STRENGTH  COMPARISON. 

• PRESENT  RESULTS. CORRELATION  OF 

AVAILABLE  DATA  FROM  REFERENCE  15  — 
STANDARD  DEVIATION  OF  FIT.  (DETER 
MINED  IN  PRESENT  STUDY) 


FIG  7b.  STREAMWISE  VORTEX  POSITION  COMPARISON 

. PRESENT  RESULTS. CORRELATION  OF 

AVAILABLE  DATA  FROM  REFERENCE  15.  — 
STANDARD  DEVIATION  OF  FIT  (DETER 
MINED  IN  PRESENT  STUDY) 
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FIG  7c  SUBSONIC  LATERAL  VORTEX  POSITION  COM 
PARISON.  • PRESENT  STUDY. -- CORRELA 
TION  OF  AVAILABLE  DATA  FROM  REFERENCE 
15.  — STANOARO  DEVIATION  OF  FIT  (DETER 
MINED  IN  THE  PRESENT  STUDY) 
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BOUNDARY  LAYER  INVESTIGATIONS 


by 
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Abstract 

— 

The  wind  tunnel  model  designed  for  three-dimensional  boundary  layer  in- 
vestigations at  the  DFVLR-AVA  is  briefly  described.  Essentially  it  con- 
sists of  an  ellipsoid  1:  6 with  an  overall  length  of  2.  4 m . 

Preliminary  measurements  of  pressure  distributions  and  flow  visualisa- 
tions were  carried  out  in  order  to  obtain  an  overall  picture  of  the  flow, 
which  will  be  investigated  by  means  of  detailed  boundary  layer  measure- 
ments. The  results  of  different  pressure  measurements  are  compared 
with  potential  flow  calculations. 


I.  Introduction 

The  Trondheim  trials  on  three-dimensional  boundary  layers  [1]  clearly 
indicated  that  there  is  a considerable  lack  of  experiments  in  this  field  of 
research.  New  experimental  results  are  necessary  in  order  to  improve 
turbulence  models  as  well  as  transition  and  separation  criteria  for  the 
calculation  methods.  For  this  reason  a long-term  research  project  at  the 
DFVLR-AVA  was  initiated,  which  is  concerned  with  the  providing  of  ex- 
perimental three-dimensional  boundary  layer  data. 
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Investigations  on  different  configurations  will  be  carried  out  (e.  g.  fuse- 
lages, wings,  and  missiles).  For  the  following  reasons  an  ellipsoid  is  in- 
vestigated first: 

this  body  of  revolution  is  relatively  easy  to  be  described  applying  dif- 
ferent coordinate  systems  in  the  computer  programmes, 

an  ellipsoid  has  no  sudden  pressure  change  in  the  potential  flow  field, 

the  manufacturing  of  the  model  is  relatively  simple, 

the  complete  instrumentation  (e.  g.  probe  traversing  mechanism)  can 
be  storaged  in  the  model, 

the  whole  boundary  layer  flow  around  the  model  can  be  measured  with 
one  boundary  layer  probe,  simply  by  turning  the  body  in  the  range  of 
360°. 


II.  Description  of  the  Ellipsoid-Model 

A detailed  description  of  the  model  is  already  given  in  Ref.  [2],  The  main 
dimensions  of  the  model  and  the  DFVLR-AVA  Low  Speed  Wind  Tunnel  are 
specified  in  Fig.  1. 

The  essential  construction  of  the  ellipsoid  is  based  on  two  half-shells  of 
glass  fiber  reinforced  resin  with  a wall  thickness  of  about  4 mm  . 

For  the  first  investigation  the  model  was  equipped  with  8 accelerometers 
to  measure  the  vibrations  of  6 degrees  of  freedom,  and  37  pressure  taps 
on  a meridian.  The  arrangement  of  the  pressure  taps  are  shown  in  Fig.  2. 
The  circumferential  pressure  distribution  of  the  body  can  be  measured  in 
arbitrary  steps  between  = 0 and  360  in  3<  cross-section  because 
the  model  can  be  turned  around  its  longitudinal  axis.  (Number  of  cross- 
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sections  is  equivalent  to  number  of  pressure  taps.  ) 


III.  Results  of  First  Investigations 

The  purpose  of  the  first  investigation  on  the  ellipsoid  was  to  obtain  infor- 
mations about  the  dynamic  response  of  the  model  at  different  stagnation 
pressures.  The  dynamic  control  of  the  model  is  described  in  [2]. 

Pressure  measurements  and  flow  visualisations  were  carried  out,  to  ob- 
tain an  overall  information  about  the  flow  around  the  ellipsoid  model.  Some 
results  of  these  investigations  are  given  in  Figs.  3 to  6.  The  measured 
pressure  distributions  are  compared  with  inviscid  flow  calculations  of 
W.  GEISSLER  [3]  applying  a singularity  method.  This  method  is  applicable 
to  bodies  of  revolution  with  arbitrary  cross-sections. 

In  Fig.  3 the  surface  pressure  coefficient  c = (pw  - 'PQJ/^Q0  measured 

P , o 

along  one  meridian  on  the  ellipsoid  model  at  an  angle  of  incidence  Ot  - 0 

2 

is  shown,  (q  = p U / 2) 
oo  oo  oo' 

As  expected  the  agreement  between  measurement  and  theory  is  good.  On 
the  afterbody  deviations  are  caused  by  the  displacement  effects  of  the 
boundary  layer  and  the  effects  of  truncating  the  model  for  a sting,  mounted 
through  the  model  base.  From  oil  flow  patterns  it  was  found  that  the  flow 
separated  at  x/2a  & 0.  95  . At  a lower  velocity  20  m/s)  transi- 

tion detections  - applying  a stethoscope  - indicated  laminar  flow  up  to 
x/2a  ~ 0.  7 . A turbulence  grid  at  the  nozzle  exit,  which  resulted  in  a tur- 
bulence intensity  of  about  Tu  —5  4 at  the  region  of  the  model  nose, 
shifted  the  transition  location  to  x/2a  ~ 0.  15  . Due  to  the  strong  favour- 
able pressure  gradient  in  the  nose  region  the  boundary  layer  flow  is  very 
stable  and  remains  laminar.  The  model  was  carefully  adjusted  in  the  wind 
tunnel,  thus  the  reproducetivity  of  the  pressure  distribution  for  difteteni 
circumferential  angles  o was  in  the  order  of  less  than  1 4.  As  the  angle 
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of  incidence  was  increased  to  U = 5°  (Fig.  4)  the  deviations  of  the  theo- 
retical from  the  measured  pressure  distributions  in  the  region  of  the  lee- 
ward afterbody  grows.  This  is  due  to  the  progressive  thickening  of  the 
boundary  layer  flow  caused  by  the  longitudinal  and  circumferential  ad- 
verse pressure  gradients.  An  oil  flow  picture  did  not  indicate  a flow  sepa- 
ration on  the  leeward  side  as  found  by  W.  GEISSLER  [4],  who  calculated 
the  three-dimensional  laminar  boundary  layer  development  on  this  body  of 
revolution.  His  calculated  separation  line  has  to  be  interpreted  as  the  en- 
velope of  the  limiting  streamlines  which  were  obtained  from  an  numerical 
instability  due  to  sudden  rise  of  the  boundary  layer  displacement  thickness. 
However,  if  the  angle  of  incidence  increased  to  Oi  = 27°  (Fig.  5)  the  oil 
flow  pattern  leads  to  separation  lines  which  are  qualitatively  similar  to  the 
calculated  ones.  In  the  experiment  the  leeward  separation  occurs  at  higher 
angles  of  incidence,  because  the  separation  results  from  a turbulent  bound- 
ary layer.  In  addition  the  laminar  boundary  layer  calculation  does  not  take 
into  account  Reynolds  number  effects.  The  disagreement  between  the  pres- 
sure distributions  at  tp  = 90°  and  <p  = 270°  is  caused  by  a misalign- 
ment of  the  meridian  at  <p  = 0°  . In  Fig.  6 the  corresponding  pressure 
distributions  for  the  circumferential  angles  <p  = 0°  and  <p  = 180°  are 
plotted.  The  oil  flow  patterns  clearly  indicate,  that  the  separated  flow  is 
symmetrical  to  the  attachment  line  along  the  leeward  meridian,  <p  = 180°. 
Two  separation-  and  one  re-attachment  lines  can  be  seen  from  the  flow 
patterns.  There  is  an  indication  that  all  limiting  streamlines  originate 
from  the  attachment  region  on  the  nose,  were  already  a system  of  discrete 
vortices  seem  to  exist.  However,  to  be  able  to  interpret  this  complicated 
flow  pattern,  detailed  informations  from  measurements  of  the  boundary 
layer,  and  the  outer  flow  field  are  necessary. 


IV.  Conclusions 


If  a cross-section  of  the  ellipsoid  at  x/2a  = 0.  5 , and  high  angles  of  in- 


cidence  is  considered,  the  circumferential  flow  picture  can  be  described 
schematically  as  shown  in  Fig.  7.  Dividing  the  flow  around  the  ellipsoid 
in  different  regions,  the  following  conclusions  can  be  drawn  from  the  pic- 


Region 


Potential  flow 

panel  and  singularity  methods  ar.e.  available. 

Three-dimensional  laminar  boundary  layer 
Integral  and  finite  difference  methods  are  available. 


• Transition  from  laminar  to  turbulent  boundary 
layer  flow 

can  only  be  measured,  no  theory  available. 

• Three-dimensional  turbulent  boundary  layer 

Integral  and  finite  difference  methods  with  limited  accu- 
racy are  available. 

Separation  of  the  three-dimensional  turbulent  boundary 
layer  can  only  be  determined  experimentally. 

• Separated  flow 

Semiempirical  methods  for  the  estimation  of  normal 
forces  are  available. 

Flow  field  calculations  wilt  not  be  available  in  the  near 
future,  because  this  postulates  the  solution  of  the  com- 
plete instationary  Navier-Stokes  equations. 


The  purpose  of  our  experimental  three-dimensional  boundary  layer  investiga- 
tions is,  to  understand  more  of  thephysics  of  flows  just  described,  and  to  provide 
theorists  with  new  experimental  data  which  allow  inprovements  of  the  engineer- 
ing calculation  methods. 
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All  Dimensions  in  mm 


Fig.  1 Ellipsoid  for  the  Investigation  of  Three-Dimensional  Bound- 
ary Layers  in  the  Low  Speed  Wind  Tunnel  of  the  DFVLR-AVA 

Test  Section:  3m  x 3m,  Maximum  Velocity  65  m/s 
Ellipsoid:  L = 2a  = 2400  mm 

D = 2b  = 400  mm 
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Abstract 

Surface  hot  film  probes  are  calibrated  for  measurements  of  the  local  wall 
shear  stress  with  respect  to  magnitude  and  direction  in  three-dimensional 
boundary  layers.  A gauge  is  applied  in  the  boundary  layer  of  a cylinder 
model.  The  applicability  of  the  sensors  as  detectors  of  transition  and  sep- 
aration phenomena  is  studied. 

I.  Introduction 

In  three-dimensional  boundary  layer  investigations  the  mean  and  fluctuat- 
ing components  of  the  velocity  in  the  boundary  layer  profile,  as  well  as 
the  shear  stress  at  the  wall  with  respect  to  the  magnitude  and  direction 
have  to  be  derived  from  experiments.  Only  if  the  direction  of  the  flow  in 
the  boundary  layer  and  shear  stress  at  the  surface  can  be  determined  sep- 
arately, improvements  in  engineering  calculation  procedures  can  be 
examined.  For  our  investigations  hot  wire  probes  and  surface  hot  film 
gauges  will  be  applied,  because  of  their  minimal  disturbances  of  the  flow. 

The  purpose  of  the  paper  will  be  to  describe  the  calibration  of  hot  film 
probes  and  the  applicability  for  wall  shear  stress  measurements, 
tection  of  transition  and  separation. 
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II.  Wall  Shear  Stress  Measurements 


') 


Commercially  available  surface  hot  film  gauges  designed  by 
W.  J.  MCCROSKEY  [1]  are  applied  for  the  measurement  of  the  magnitude 
and  direction  of  the  local  wall  shear  stress.  The  probes  shown  in  Fig.  1 
essentially  consist  of  two  mutually  perpendicular  nickel  films  in  a V-con- 
figuration  on  a thin  plastic  foil.  They  are  operated  by  constant-tempera- 
ture anemometers.  The  probes  can  be  flush  mounted  even  on  curved  sur- 
faces with  minimal  disturbance  of  the  flow.  The  manufacturing  process  of 
the  elements  allows  a reproducibility  at  very  small  tolerances.  For  this 
reason  the  validity  of  a universal  calibration  can  be  expected  if  the  same 
substrate  material  is  used  in  each  case. 


The  investigation  and  calibration  of  these  hot  film  sensors,  carried  out  in 
the  Low  Turbulence  Wind  Tunnel  of  the  DFVLR-AVA,  are  documented  in 
Refs.  [2]  and  [3].  The  results  can  be  summarized  as  follows: 


In  order  to  limit  the  heat  losses  to  the  surface, a very  low  thermal 
conductivity  substrate  should  be  used. 


It  was  found  that  a one  degree  change  of  free  stream  temperature  re- 
sults in  seven  per  cent  change  of  the  measured  wall  shear  stress  sig- 
nal. If  an  exact  temperature  control  in  the  wind  tunnel  is  warranted,  a 
correction  method  for  these  temperature  effects  can  be  applied. 


From  the  directional  calibration  of  the  hot  film  probes  an  absolute 
accuracy  of  about  two  degrees  for  the  measurement  of  the  flow  direc- 
tion can  be  expected.  Changes  in  the  flow  direction  can  be  determined 
with  a relative  accuracy  of  about  0.  2 degree. 


In  order  to  study  the  application  of  the  hot  film  gauges  on  curved  surfaces, 
- including  favourable  and  adverse  pressure  gradients  - a boundary  layer 


r) 


Micro  Measurements,  Romulus,  Mich.  /USA. 
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on  a cylinder  model  in  cross  flow  was  investigated.  A cylinder  model  was 
chosen  because  the  potential  flow  as  well  as  the  viscous  flow  is  well  docu- 
mented in  the  literature. 

For  this  purpose  a hot  film  probe  was  glued  on  a plexi  glass  cylinder, 
with  a diameter  of  10  cm  and  a length  of  30  cm  . The  cylinder  was 
mounted  rotatable  around  its  axis  between  the  vertical  walls  of  the  DFVLR- 
AVA  Low  Turbulence  Wind  Tunnel  [2j.  In  order  to  minimize  three-dimen- 
sional effects  for  the  given  low  aspect  ratio  of  1:  3,  the  cylinder  was  investi- 
gated 60  cm  downstream  of  the  nozzle  exit.  Fig.  2 shows  a photograph 
of  the  model  arrangement  taken  from  the  nozzle. 

The  measurements  were  carried  out  at  free  stream  velocities  in  the  range 
of  = 10  - 20  m/s.  The  corresponding  Reynolds  numbers,  based  on 

the  cylinder  diameter,  were  Re  = 0.  67  - 1.  3 x 1 0^  , which  is  in  the  sub- 
critical  range  and  consequently  should  result  in  a laminar  boundary  layer 
separation.  The  measured  pressure  distribution  around  the  cylinder  model 
is  shown  in  Fig.  3 and  is  compared  with  theoretical  values  obtained  from 
potential  flow  theory.  The  measured  pres  sure  drops  with  inc  reasing  distance 
from  the  stagnation  point  to  a minimum  at  (£“70°,  shows  a weak  maximum  at 
cp  ^ 80°  and  then  decreases  gradually.  The  pressure  distribution  suggests 
boundary  layer  separation  somewhere  between  <p  = 70°  and  <p  = 80°  . 

The  wall  shear  stress  distribution  around  the  cylinder  model  is  shown  in 
Fig.  4.  The  measurements  were  carried  out  at  a free  stream  velocity 
U =10  m/s  because  no  hot  film  calibration  could  be  established  on  the 
tunnel  side  wall  for  the  shear  stress  values  expected  on  the  cylinder  at 
higher  velocities.  The  hot  film  data  are  based  on  calibrations  obtained  in 
a flat  plate  turbulent  boundary  layer  with  zero  pressure  gradient.  The  re- 
sults are  compared  with  the  wall  shear  stress  distribution  calculated  from 
the  measured  pressure  distribution  applying  a FORTRAN  IV-boundary  lay- 
er program  of  J.  C.  ROTTA  [4]. 


211 


The  deviations  between  the  measured  and  calculated  wall  shear  stress  da- 
ta in  the  laminar  boundary  layer  may  be  caused  by: 


differences  between  laminar  and  turbulent  calibration  of  the  hot  films, 
pressure  gradient  effects, 
curvature  effects, 

misalignment  of  the  cylinder  at  <p  = 0 , 

the  length  of  the  gauge  relative  to  the  cylinder  diameter. 

The  validity  of  the  calibration  in  a turbulent  boundary  layer  applied  for 
measurements  in  a laminar  boundary  layer  can  be  estimated  using  a cri- 
terion given  by  M.  W.  RUBESIN  et  al.  [5].  Their  limiting  range  for  the 
power  dissipation  of  the  heated  elements  is  fulfilled  under  our  test  condi- 
tions. Thus  the  deviations  between  wall  shear  stress  results  in  laminar 
and  turbulent  boundary  layers  can  be  expected  to  be  small. 

The  effect  of  pressure  gradients  on  the  hot  film  signals  can  be  estimated 
using  a relation  derived  by  B.  J.  BELLHOUSE  and  D.L.  SCHULTZ  [6]  and 
applied  by  M.  W.  RUBESIN  et  al.  [5].  Due  to  the  relatively  small  effective 
width  of  our  heated  elements  the  influence  of  pressure  gradients  on  the 
film  data  at  the  cylinder  is  expected  to  be  in  the  order  of  one  per  cent. 

The  investigations  can  be  summarized  as  follows: 

The  five  possible  effects  - mentioned  above  - cannot  be  separated  from  each 
other.  However,  the  good  agreement  between  the  measured  and  calculated 
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HI.  Detection  of  Transition  and  Separation 

In  order  to  study  the  applicability  of  the  wall  shear  stress  gauges  for  the 
detection  of  transition  and  separation  on  real  configurations  it  was  tried  to 
identify  these  phenomena  on  the  cylinder  model  from  the  hot  film  signals 
and  their  frequency  spectra. 

The  laminar  boundary  layer  on  the  cylinder  was  investigated  first.  Fig.  5 
shows  measured  wall  shear  stress  spectra  together  with  oscilloscope 
traces  of  the  corresponding  hot  film  signals  for  different  angular  positions 
of  the  probe.  For  circumferential  angles  <p  up  to  70  degrees  the  wall 
shear  stress  indicates  periodic  fluctuations,  which  correspond  to  the  Strou- 
hal  frequency  of  the  v.  Karman  vortex  street.  As  expected  the  spectra 
have  only  low  frequency  components  in  this  region.  If  the  angle  <p  = 70°  is 
increased  to  <p  80°  irregular  higher  frequency  fluctuations  appear  in 
the  hot  film  signal.  For  even  larger  angles  <p  the  perturbations  increase 
in  the  frequency  and  the  amplitude.  The  onset  of  perturbations  in  the  film 

o 

signals  indicates  that  laminar  boundary  layer  separation  begins  at  tp^SO  , 
which  agrees  with  the  calculated  separation  at  cp  = 79°  , and  with  results 
of  oil  flow  patterns. 

Due  to  the  limited  Reynolds  number  range  natural  transition  from  laminar 
to  turbulent  flow  on  the  cylinder  could  not  be  obtained.  For  this  reason  a 
tripping  wire  of  0.  5 mm  diameter  placed  30°  upstream  of  the  hot  film 
probe  was  used*)  in  order  to  get  a turbulent  boundary  layer  with  turbulent 
separation.  Surface  hot  film  signals  and  the  corresponding  frequency  spec- 
tra for  different  angular  positions  of  the  probe  and  the  tripping  wire  are 
shown  in  Fig.  6.  For  positions  <p^  105°  the  signals  mainly  show  high 
frequency  fluctuations  being  interpreted  as  turbulent  boundary  layer  flow. 

At  (p=  110°  there  is  a drastic  change,  the  hot  film  signal  shows  an  intermit- 


The  tripping  wire  was  fixed  on  the  cylinder.  Thus  its  position  was 
changed  with  changes  of  the  angle  <p  . 
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tent  nature.  In  time  intervals  the  fluctuations  are  of  lower  frequencies  and 
amplitudes.  The  gauge  is  indicating  an  instationary  turbulent  separation. 

In  the  case  <p  = 115°  , the  boundary  layer  is  separated  as  indicated  by  the 
hot  film  signal  and  the  lack  of  the  higher  frequency  components  in  the  spec- 
trum. 

The  study  of  the  cylinder  boundary  layers  showed  that  surface  hot  film 
probes  can  be  applied  as  transition  and  separation  detectors.  However,  the 
interpretation  of  an  individual  signal  of  a gauge  at  a fixed  position  is  diffi- 
cult. Only  comparative  signals  of  e.  g.  laminar,  transitional  and  turbulent 
flows  as  well  as  of  separated  regions  lead  to  sophisticated  results. 
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Fig.  6 Surface  Hot  Film  Signals  and  Spectra  on  a Cylinder  Model  with 
Trip  Wire 


FURTHER  INVESTIGATIONS  ON  TURBULENCE  MODELS 
FOR  THREE-DIMENSIONAL  BOUNDARY  LAYERS  AND 
COMPARISONS  OF  CALCULATIONS  WITH  INFINITE 
SWEPT  WING  FLOW  MEASUREMENTS 
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Abstract 


The  pressure  strain  terms,  which  play  a dominating  role  in  the  shear 
stress  transport  equations,  are  analyzed.  Two  approximative  relation- 
ships are  proposed.  Comparative  calculations  of  the  turbulent  boundary 
layers  of  infinite  swept  wing  flows  are  based  on  the  equations  for  mean 
flow  and  the  transport  equations  for  two  shear  stress  components  and  the 
kinetic  turbulence  energy.  The  results  of  two  different  flow  cases  are 
compared  with  measurements. 


List  of  Symbols 

a 

P 

b 

P 

E 

H 

L 


empirical  constant,  Eq.  (5) 

empirical  constant.  Table  1 
2 2 2 

= (u  + v + w )/2  , kinetic  turbulent  energy 

= ^1^11  ’ shaPe  parameter 
length  scale  of  turbulence 


A 


'4 
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ratio  of  eddy  viscosities  with  respect  to  direction 
normal  and  parallel  to  local  streamline 


U,  V,  W 


fluctuation  of  pressure 
empirical  constant,  Table  1 

mean  velocity  components  (in  x,  y,  z direction) 

mean  velocity  component  in  direction  of  outer 
streamline 

velocity  of  undisturbed  flow 


u,  v,  w 


component  of  velocity  fluctuations 


x,  y,  z 


rectangular  co-ordinates,  Fig.  1 

co-ordinate  in  direction  of  undisturbed  flow. 
Fig.  I 


= tan  (W/U)  , angle  between  U direction 
and  x-axis 


sweep  angle  of  leading  edge 


= a - a , cross  flow  angle 
G 


= aw  - a , angle  of  limiting  wall  streamline  and 
streamline  at  outer  edge 


-i.aw.au,  . , , , 

= tan  (- — /- — ) - a , angle  of  mean  rate  of 
by  'by  e 

strain 


- 1 wv 

= tan  (=•)  - a , angle  of  resultant  shear  stress 
uv  e 


boundary  layer  thickness  (where  ^!r/^re  = ^5) 


= J'  (l  - U /Ure)dy  , displacement  thickness 


ss 


X , X , X , X 
xx’  xz’  zx’  zz 


© 
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Subscripts 


> empirical  constants,  Table  1 

dimensionless  coefficients,  Table  1 
empirical  constant.  Table  1 


r u / 

u \ 

f s (■ 

l — ^ 

U V 

1 U J 

' re 

re 

mess  in 
)rdinate 


density 


outer  edge  of  boundary  layer 
resultant  value 


1.  Introduction 

On  the  previous  two  Meetings  of  the  Data  Exchange  Agreement, 

G.  R.  SC  HE  EIDER  and  this  author  have  reported  on  the  efforts  to  find  ad- 
aquate  and  not  too  complicated  relationships  for  the  prediction  of  three- 
dimensional  turbulent  boundary  layers  on  bodies  and  wings,  [1]  - [3].  Fur- 
ther investigations  have  been  conducted  in  order  to  verify  the  results  and 
to  test  alternative  possibilities.  A full  report  on  this  work  is  in  prepara- 
tion. 


i 

j 
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2.  Shear  Stress  Transport  Equations 


In  a plane  turbulent  boundary  layer,  the  two  components  of  the  Reynolds 
stress  tensor,  T = - puv,  T ^ = - p wv  , are  governed  by  the  transport 
equations 


(1) 


+ uvl 


2 3U  p'  ,3u  3 ,p'u  2 

V — (—  + — ) + — (- — + uv 

by  P 3y  3x  3y  p 


(2) 


(U  + V + W wv)  = v 

3x  oy  dz 


2 3W 

Sy 


E!  /iZ  + ll)  + JL 

p (3y  3z  by 


,p'w  2. 

(z-p-  + wv  ) 


The  left  hand  side  represents  the  rate  of  change  of  the  Reynolds  shear 
stresses,  caused  by  transport  of  shear  stress  due  to  mean  velocity  (con- 
vection). The  third  term  on  the  right  represents  transport  of  shear  stress 
in  direction  of  the  y axis  due  to  turbulent  interaction  (turbulent  diffusion). 
Usually,  the  first  and  second  terms  on  the  right  hand  side  are  the  domi- 
nant terms.  The  first  term  represents  generation  of  shear  stress  by  the 
mean  rate  of  strain  and,  accordingly,  is  a source  term.  The  second  term, 
which  is  the  mean  product  of  the  fluctuating  pressure  and  the  fluctuating 
rate  of  strain  (which  is  called  the  pressure  strain  term  for  brevity)  acts 
as  a sink  term.  We  shall  discuss  the  closure  assumptions  for  the  pressure 
strain  terms. 


3.  The  Pressure  Strain  Terms 


The  fluctuating  pressure  can  be  related  to  the  fluctuating  velocity  field  by 
the  Poisson  equation.  According  to  the  solution  of  this  equation,  the  fluc- 
tuating pressure  is  expressed  as  the  sum  of  two  independent  parts,  the 
one,  pj^  , being  correlated  with  the  mean  rate  of  strain  and  the  other, 
p)j,  , being  caused  by  interaction  of  velocity  fluctuations.  Consequently, 
the  pressure  strain  tern.,  too,  is  considered  to  consist  of  two  parts. 


The  part  of  the  pressure  strain  term,  that  is  due  to  the  fluctuating  pres- 
sure caused  by  fluctuating  velocity  interaction,  is  generally  assumed  to 
effect  a redistribution  of  kinetic  energy  of  the  fluctuating  velocities  and  a 
destruction  of  Reynolds  shear  stresses.  According  to  the  empirical  rela- 
tionship proposed  by  J.  C.  ROTTA  [2],  [4],  the  results  of  these  terms  acts 
in  the  direction  of  the  resultant  Reynolds  shear  stress. 


For  the  part  of  the  pressure  strain  terms,  that  are  correlated  with  the 
mean  rate  of  strain,  two  different  empirical  relationships  are  proposed, 
which  are  referred  to  as  the  T-model  and  the  A-model.  According  to  these 
models,  the  pressure  strain  terms  can  be  expressed  by 


(3) 


^L(|»+|v,.e(x  |H  + x » 

P ay  5x  xx  ay  xz  By 


(4) 


!m,|w+|v  |H  + x |W) 

p oy  dz  zx  dy  zz  oy 


The  relationships  for  the  4 dimensionless  coefficients  x , x , x 

XX  X Z Z X 

and  x are  compiled  in  Table  1.  The  T-model  has  been  given  in  Refs. 
[2],  [4],  and  rests  on  the  simple  assumption  that  the  turbulence  structure  is 
symmetrical  with  respect  to  the  local  mean  streamline.  This  assumption 
is  of  course  not  generally  valid  and  is  here  used  for  boundary  layers, 
where  the  velocity  is  measured  relativ  to  the  solid  surface.  The  quantity 
T determines  the  deviation  between  the  directions  of  the  resultants  of  pres- 
sure strain  term  and  mean  rate  of  strain.  For  T = 1 , both  directions 
collapse.  This  case  corresponds  to  the  solution  of  the  Poisson  equation 
assuming  isotropic  turbulence  structure. 


The  X-model  is  derived  from  a solution  of  the  Poisson  equation,  given  by 

B.  E.  LAUNDER,  G.  J.  REECE,  and  W.  RODI  [5].  In  addition  higher  order 

2 2 2 2 

derivatives  of  the  mean  velocity,  d U/dy  , d W/dy  , are  taken  into  ac- 
count, because  the  character  of  three-dimensionality  is  regarded  only  in 
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this  way.  Thequantity  follows  from  the  work  of  B.  E.  LAUNDER  et  al.  , 
the  terms  have  only  little  influence.  The  angular  differences  between  the 
resultants  of  the  pressure  strain  terms  and  the  mean  rate  of  strain  de- 
pends mainly  on  the  quantity  of  X . For  X = 0 , both  directions  collapse, 
if  the  small  effect  of  the  b^  terms  is  neglected.  In  contrast  to  the  T- 
model,  the  X-model  is  applicable  in  every  co-ordinate  system. 


4.  Numerical  Calculations 

Using  the  two  models,  numerical  calculations  have  been  made  for  infinite 
swept  wing  cases.  For  those  cases,  the  equations  reduce  in  that  the  deri- 
vatives with  respect  to  the  z axis  are  neglected,  if  the  x direction  is  in  the 
plane  of  the  wing  and  normal  to  the  leading  edge.  Fig.  1.  Since  in  the 

transport  equation  for  the  shear  stresses,  the  production_  terms  appear  to- 

2 

gether  with  the  pressure  strain  terms,  the  quantities  v /E,  X and  x 

ss  g 

respectively  are  condensed  to  the  quantity 


(5) 


a =£(i.x 
p E ss  E g 


for  which  a value  of  a = 0.  2 is  assumed.  The  diffusion  term  of  (1)  and 

P 

(2)  is  replaced  by  a gradient  expression  (see  [1]).  The  partial  differential 
equations  for  the  mean  velocity  and  for  the  kinetic  energy  of  turbulence 
are  the  same  as  used  in  Ref.  [1].  The  length  scale  L is  approximated 
by  a hyperbolic  tangent  function.  The  set  of  equations  has  been  solved  by 
finite  difference  procedures.  Because  of  the  higher  order  derivatives  ap- 
pearing with  the  X-model,  the  numerical  solutions  of  this  model  are  much 
more  expensive. 


s 
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5.  Results  and  Discussion 


The  first  case  that  is  treated,  is  the  separating  boundary  layer  on  a 35  de- 
greeinfinite  swept  wing,  forwhich  extensive  experimental  investigations  have 
been  made  by  B.  van  den  BERG  et  al.  [G],  [7].  A quantity,  which  is  very  sen- 
sitive to  the  particular  assumptions  of  the  prediction  method,  is  the  angle 
of  the  limiting  wall  streamline,  . Fig.  2a  shows  the  development  of 

j3  in  flow  direction  for  the  T-model. 

i 

According  to  the  experiment,  grows  continuously  under  the  influence 

of  the  adverse  pressure  gradient.  The  separation  occurs  at  x^  "1.3  in  . 

Up  to  values  x = 0.  3 m the  prediction  shows  only  small  differences  for 

different  values  of  T . At  larger  x the  calculated  results  with  T = 1 

m 

(isotropic  turbulence)  are  significantly  below  the  experimental  values  and 
predict  no  separation  within  the  range  of  the  calculation.  The  agreement 
improves  for  smaller  values  of  T and  for  T = 0.  7 the  deviations  are 
a minimum.  For  T values  still  smaller,  the  agreement  deteriorates.  With 
T = 0.  5 the  separation  is  predicted  at  x = 1.  09  m . 

For  the  X-model  the  are  reproduced  in  Fig.  2b.  The  predicted  re- 

sults for  X = 0 are  almost  identical  with  those  for  T = 1 , which  indi- 
cates that  the  terms  multiplied  by  b^  have  only  insignificant  effect.  Fur- 
thermore, it  is  seen  that  the  variation  of  X has  smaller  influence  on 
0W  than  the  variation  of  T . Values  of  X larger  than  0.  8 give  no  im- 
provement. 

A characteristic  quantity  of  mean  velocity  profiles  is  the  shape  parameter 
H , defined  as  the  ratio  of  displacement  thickness  to  momentum  thickness, 
the  variation  of  which  is  shown  for  the  T-model  in  Fig.  3a  and  for  the  X- 
model  in  Fig.  3b.  Similarly  as  with  two-dimensional  boundary  layers,  the 
experimental  values  of  H rise  strongly  under  the  influence  of  the  ad- 
verse pressure  gradient  in  flow  direction.  The  curves  for  T = 1 and 
X = 0 , which  are  again  almost  identical,  deviate  markedly  from  the  expe- 
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rimental  values  for  x > 0.  9 m . 

m 

For  smaller  values  of  T , the  curves  come  closer  to  the  experiment.  The 
value  of  X has,  in  contrast,  only  little  effect  on  H . For  X = 0.  2 
somewhat  larger  values  of  H result,  while  for  larger  X the  value  H 
decreases. 

Some  further  details  shall  be  shown.  Fig.  4a  gives,  for  the  station  at 

x = 1.  095  m , the  angle  of  local  mean  velocity,  j3  , the  angle  of  mean 
m 

rate  of  strain,  /3  , and  the  angle  of  Reynolds  shear  stress,  PT  , versus 

the  distance  from  the  surface,  y . All  angles  are  measured  against  the 

direction  of  the  mean  streamline  at  the  outer  edge  of  boundary  layer.  The 

calculation  for  T = 1 predicts  a difference  between  Pr  and  , 

which  is  due  to  a history  effect.  However,  this  difference  is  much  smaller 

than  that  of  the  experiments.  For  a value  of  T = 0.  7 the  curves  for  P^. 

and  P depart  from  each  other  and  all  three  angles  agree  better  with  the 
g 

experiment. 

The  same  comparison  is  given  in  Fig.  4b  for  the  calculations  with  the  X- 
model.  The  results  for  X = 0 are  again  almost  identical  with  those  for 
T = 1 . The  influence  of  X affects  mainly  the  region  near  the  surface. 
Here  the  curves  of  P and  P for  X = 0.  8 are  further  apart  from 

T g 

each  other,  whereas  the  difference  is  small  in  the  outer  part  of  the  layer. 
The  difference  between  the  results  of  the  two  models  becomes  especially 
clear,  when  the  ratio 

tan(0T  - 0) 

<6)  N = tanT?  rj) 

g 

is  considered.  The  values  determined  from  the  experiment  and  the  curves 
resulting  from  the  calculations  for  the  measuring  station  x^  = 1.  095  m 
are  plotted  versus  y/6  in  Fig.  5.  N = 1 means  that  the  shear  stress 
and  the  mean  rate  of  strain  have  the  same  directions.  The  calculations 
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with  T = 1 and  X = 0 give  N “ 0.  9 in  the  outer  part.  The  experi- 
mental results:  are  considerably  lower.  The  strong  scatter  indicates  that 
the  determination  from  the  experiments  is  rather  inaccurate.  For  T=  0.  7, 
the  calculation  agrees  roughly  with  the  experiments.  The  X-model  shows  a 
strong  variation  of  N with  y/6  . For  X = 0.  8 rather  low  values  are 
obtained  near  the  wall,  increasing  with  y/6  up  to  nearly  N = 1 . The 
fact  that  N is  rather  independent  of  the  value  of  X in  the  outer  part, 
may  be  assumed  as  the  reason  for  the  low  influence  of  X on  the  global 

boundary  layer  parameters  like  P . Therefore,  the  T-model  gives  on 

w 

the  whole  better  agreement  with  the  experiments  than  the  X-model. 

As  a second  case,  the  NPL  experiment  by  P.  BRADSHAW  and  M.  G.  TERRELL 
[8],  where  boundary  layer  measurements  were  made  on  a flat  plate  attach- 
ed to  the  trailing  edge  of  a yawed  wing  in  the  closed  test  section  of  a wind 
tunnel,  is  calculated.  The  three-dimensional  turbulent  boundary  layer, 
generated  on  the  45  degree  yawed  wing,  relaxes  to  a two-dimensional  lay- 
er at  constant  pressure  on  the  flat  plate.  The  calculations  are  based  on  the 
assumption  of  infinite  swept  conditions.  Fig.  6a  shows  the  angle,  P^  , of 
the  limiting  wall  streamline  according  to  the  experiment  and  the  T-model. 

The  calculation  with  T = 1 comes  closest  to  the  measured  values,  where- 
as for  T = 0.  7 and  0.  5 P decays  more  slowly.  However,  it  is  sus- 
pected that  the  flow  conditions  of  the  infinite  swept  wing  are  invalidated  by 
the  sidewalls  of  the  wind  tunnel,  such  that  p^  decays  faster  than  it 
would  be  the  case  on  an  infinite  swept  wing.  The  predicted  results  for  the 
X-model  are  reproduced  in  Fig.  6b.  The  curve  for  X = 0 , which  is  again 
identical  with  that  for  T = 1 , comes  closer  to  the  measurement  than 
those  for  X = 0.  4 and  X = 0.  8 . Momentum  'hickness,  shape  parameter 
and  resulting  wall  shear  stress  are  practically  independent  of  T and  X 
in  this  flow  case. 

I 

With  respect  to  direction  of  mean  velocity,  mean  rate  of  strain,  and  Rey- 
nolds shear  stress  a picture  qualitatively  similar  to  that  of  the  NLR  expe- 
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riment  is  obtained,  i.  e.  the  direction  of  the  Reynolds  stresses  is  between 
the  directions  of  mean  velocity  and  mean  rate  of  strain.  Only  the  dia- 
gramm  of  IN  versus  y for  the  last  measuring  station,  = 1.  67  ft  = 

= 20  in  is  given  in  Fig,  7.  The  curves  for  T = 1 and  X = 0 display 
small  differences,  but  are  higher  than  in  the  NLR  case.  They  show  that 
the  angular  difference  between  shear  stress  and  mean  rate  of  strain,  as 
caused  by  the  convective  terms,  is  much  smaller  than  determined  from  the 
experiment.  The  curve  for  T = 0.  7 is  partly  above  and  partly  below  the 
measurements,  thus  giving  better  agreement.  The  curves  for  X = 0.  4 
and  X = 0.  8 are  similar  to  those  for  the  NLR  case,  showing  small  values 
near  the  surface,  which  grow  towards  the  edge  of  the  boundary  layer. 

6.  Concluding  Remarks 

With  the  assumption  of  isotropic  turbulence  distributions,  only  small  di- 
rectional differences  between  the  resultants  of  mean  rate  of  strain  and 
shear  stress  are  caused  by  the  convective  terms  of  the  shear  stress  trans- 
port equations.  The  relativily  large  directional  differences,  observed  with 
the  experiments,  therefore  must  have  their  origin  in  the  pressure  strain 
terms.  Neither  of  the  two  models  proposed  for  the  part  of  pressure  strain 
terms,  which  are  correlated  with  the  mean  rate  of  strain,  is  fully  satisfac- 
tory. It  can  be  stated,  however,  that  with  the  T-model  using  T = 0.  7 
better  agreement  with  the  experimental  results  are  achieved  than  with  the 
assumption  of  isotropic  turbulence.  The  X-model  has  a be’ter  physical  ba- 
sis, but  is  less  effective  and  requires  much  more  computational  expendi- 
ture. The  T-model  has  the  additional  advantage,  that  it  can  be  used  to  de- 
rive a mixing  length  formula  for  three-dimensional  boundary  layers. 

G.  R.  SCHNEIDER's  calculations  [3]  for  the  NLR  case  have  shown,  that 
useful  results  can  be  obtained  with  the  mixing  length  formula. 
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-•VU4  + \V4';  II’  = }U/c*y;  TJ"  = a~U/ay~;  W = SW/Sy;  VV"  = cTW/ 
Table  1 Coefficients  of  the  Pressure  Strain  Terms,  Eqs.  (3),  (4) 
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PROGRESS  IN  THE  CALCULATION  OF  THREE-DIMENSIONAL 
BOUNDARY  LAYERS  ON  BODIES  OF  REVOLUTION 
AT  INCIDENCE 

by 

Tuncer  Cebeci 

Douglas  Aircraft  Company,  Long  Beach,  California 


1 . Introduction 

Currently  we  have  a considerable  effort  devoted  to  the  calculation 
of  three-dimensional  boundary  layers  on  bodies  of  revolution  at  inci- 
dence. The  reasons  for  this  effort  are  twofold.  One  stems  from  the 
need  to  develop  a method  of  calculating  aerodynamic  forces  and  flow 
separation  at  small  and  large  angles  of  incidence,  and  the  other  is  due 
to  our  requirement  to  predict  transition  at  small  angles  of  incidence. 

The  boundary-layer  problem  is  difficult  for  several  reasons.  Of 
these,  the  main  ones  are  as  follows: 

a.  Nose  Region:  With  increasing  angle  of  incidence  (a),  the 
flow  may  separate  on  the  leeside  close  to  the  nose.  There  is 
a critical  value,  as , of  the  angle  of  incidence  a such 
that  for  a < as  separation  occurs  on  the  leeside  near  the 
rear  of  the  body,  but  for  a > as  separation  occurs  very  near 
the  nose;  the  change  taking  place  in  a dramatic  fashion.  An 
accurate  treatment  of  the  flow  in  this  region  is  crucial  for 
the  separation  problem,  but  has  not,  so  far,  been  achieved. 

b.  Negative  Circumferential -Flow  Velocity:  Depending  on  the 
flow  conditions,  the  circumferential  flow  velocity  w may 
contain  regions  of  flow  reversal.  For  example,  w may 
change  from  the  shape  shown  in  Fig.  1(a)  to  that  shown  in  1(b). 
In  this  event  the  thickness  of  the  w-profile  tends  to  increase 
rapidly  with  distance  downstream  while  that  for  u hardly 
changes.  Such  change  in  w-profiles  can  lead  to  numerical 
instabilities  resulting  from  integration  opposed  to  flow 
direction  unless  appropriate  changes  are  made  in  the  inte- 
gration procedure. 


Figure  1.  Variation  of  w-profile  with  pressure  gradient. 
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c.  Turbulence  Modelling:  The  Reynolds  stresses  appearing  in  the 
governing  equations  require  closure  assumptions.  The  extension 
of  two-dimensional  turbulence  models  to  three-dimensional  flows 
requires  appropriate  verification  with  experiment. 

The  prediction  of  transition  is  a very  difficult  problem.  In  gen- 
eral, transition  is  affected  by  freestream  turbulence,  pressure  gradi- 
ents, surface  curvature,  roughness,  noise,  vibration,  surface  temperature, 
compressibility,  secondary-flow  effects,  etc.  At  the  present  time,  there 
is  no  exact  theoretical  method  that  can  correctly  account  for  all  - or 
indeed  any  — of  these  effects.  The  empirical  method,  known  as  the 
e^-method  does,  however,  seem  to  work  reasonably  well  for  two-dimensional 
and  axisymmetric  flows.  It  makes  use  of  stability  theory  and  some 
experimental  results,  and  its  extension  to  three-dimensional  flow  is 
desirable.  Three-dimensional  stability  calculations  are,  however,  much 
more  difficult  than  two-dimensional  ones  for  two  reasons: 

a.  In  the  two-dimensional  formulation,  there  is  one  velocity 
component  u which  is  a function  of  x,  but  in  three 
dimensions,  there  are  two  (u,w)  which  are  functions  of 
x and  z. 

b.  At  each  point  (x,z)  we  must  consider  the  propagation  of 
disturbances  traveling  in  all  directions.  We  assume  the 
disturbance  has  the  form 

ei(ax+BZ-ut)  p ) 

In  two-dimensional  flows,  the  wave  number  6 in  the  z-direc- 
tion  is  equal  to  zero  and  we  need  only  find  a as  a function 
of  a)  and  R to  construct  stability  diagrams.  In  three- 
dimensional  flows,  however,  we  need  to  find  appropriate  values 
of  a, 6 for  disturbances  propagating  at  an  angle  e to  the 
x-axis  where  e is  arbitrary.  The  condition  on  a and  B 
is  not 

tane  = - (2) 

a 


but  is 


* dB 
cote  = — 

da 


Calculation  of  transition  by  the  e9-method  requires  the  solution  of 
the  boundary-layer  equations  and  the  solution  of  stability  equations. 
However,  as  described  above,  the  three-dimensional  stability  calcula- 
tions are  very  difficult  and  at  the  present  there  are  some  conflicting 
ideas.  For  example,  in  his  recent  paper1,  L.  M.  Mack  reported  calcula- 
tions on  a rotating  disk,  a simple  three-dimensional  flow  for  which 
there  is  some  experimental  data.  In  these  calculations  he  picked  the 
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condition  on  a and  8 as  given  by  equation  (2)  and  not  by  equation 
(3).  This  is  incorrect  for  disturbances  initiated  at  some  point  in  the 
flow  field  and  evolving  downstream  for  the  following  reason.  Such  dis- 
turbances can  be  thought  of  as  groups  of  waves  with  a particular  fre- 
quency u0  radiating  out  in  all  directions.  In  order  to  select  those 
which  make  a significant  contribution  along  a line  inclined  at  an  angle 
e to  the  mainstream  we  must  remember  that  generally  adjacent  members 
of  the  group  cancel  each  other  because  of  the  rapid  oscillations.  The 
only  waves  which  make  a significant  contribution  to  the  disturbance  in 
the  direction  9 have  wave  numbers  near  to  that  with  the  property  that 
as  a and  8 vary 

ax  + 8z  - u>ot  (4) 

is  stationary  with  z = x tane,  i.e. 

* + $rz  ° 0 (5) 

The  assumption  8 = a tane  is  equivalent  to  assuming  that  the  disturb- 
ances travel  with  the  phase  velocity.  Even  in  elementary  wave  theory 
for  disperse  system  it  is  well  known  that  the  phase  velocity  is  not 
directly  related  to  the  propagation  of  energy.  It  tells  us  that  for  a 
wave  uniform  with  regard  to  x and  z,  the  shape  is  unaltered  if  we 
move  with  the  phase  velocity  which  is  quite  a different  thing. 

At  present,  our  efforts  are  directed  both  towards  the  problem  of 
calculating  boundary  layers  and  the  problem  of  predicting  transition 
on  bodies  of  revolution  at  incidence.  However,  in  the  latter  case,  we 
have  limited  ourselves  first  to  simpler  three-dimensional  flows,  such 
as  rotating  disks  and  cones,  in  order  to  explore  the  merits  of  our 
ideas. 

The  work  reported  here  primarily  deals  with  the  boundary-layer 
problem  and  describes  what  we  have  accomplished  so  far  and  what  our 
plans  are  for  future  work.  This  is  discussed  in  section  2.  We  have 
also  performed  transition  calculations  using  the  e^-method  for  the 
body  of  revolution  being  tested  at  DFVLR  by  Dr.  H.  U.  Meier.  We 
include  the  results  for  zero  incidence  at  two  Reynolds  numbers  in 
section  3. 

2.  Bound ary -Layer  Problem 

The  three-dimensional  boundary-layer  equations  in  an  orthogonal 
curvilinear  coordinate  system  for  an  incompressible  laminar  flow  past 
a general  body  of  revolution  are: 

k <y>  * I?  <hi“>  * ly  <h,y>  ■ » «) 


1 V 
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(7) 
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u 3u  w 3u  3U  „ 2 v _ 1 1 iB.  . 3 u 
h7  i7  + hj  3?  + v 17  K2W  - K1UW  - “ p hf  3?  + V ~1 


,2 


U_  3W  W_  3W  3W  „ .2  _ 11  3D  , 3 W 

h7  3X  h^  30  + V 3y  ~ *2™  + K1U  ' " p hj  30  + V ^T 


ay  ,'2“"  ”1”  p h?  ae 

These  equations  are  subject  to  the  following  boundary  conditions: 


y = 0 


u = v = w = 0 


u -*  ue(x,e). 


w - ww(x,e) 


(8) 


(9a) 

(9b) 


In  the  above  equations,  hi  and  h£  are  metric  coefficients  and  are 
functions  of  x and  e;  the  parameters  K]  and  l<2  are  known  as  the 
geodesic  curvatures  of  the  curves  e = const.,  and  x = const., 
respecti vely. 


The  system  given  by  (6)  to  (9)  has  been  extensively  investigated 
by  Wang2  and  recently  by  Hirsh  and  Cebeci3  for  the  specific  case  of  a 
prolate  spheroid  (see  fig.  2).  Different  finite-difference  procedures 
were  used  by  the  separate  authors  and  for  low  incidence  (the  only  case 
treated  by  Hirsh  and  Cebeci)  qualitatively  similar  results  were  obtained. 
In  these  studies  the  investigators  assumed  the  nose  region  to  be  unimport- 
ant in  its  effects  on  subsequent  flow  development,  and  made  an  assump- 
tion about  the  starting  profiles  along  line  AB  (fig.  2)  which  p re- 


figure 2.  Prolate  spheroid  at  incidence. 

At  lower  angles  of  incidence,  the  stagnation  point  xs  is  very  close 
to  the  nose,  for  example,  for  a = 6°,  xs  = -0.99898.  At  higher  inci- 
dences, however,  the  stagnation  point,  xs,  moves  aft;  for  example, 
for  a = 30°,  xs  = -0.97055.  Therefore,  assumptions  close  to  the  nose 
at  small  a are  not  important  since  separation  occurs  far  downstream 
where  the  effects  of  the  nose  region  have  disappeared.  With  larger  angles 
of  incidence  ( i . e . , a > 42°)  separation  occurs  near  the  nose,  upstream 
of  the  line  AB  of  Fig.  2,  and  indicates  that  the  treatment  of  the  nose 
region  is  very  important. 

For  the  case  of  a prolate  spheroid,  Ki  = 0 and  h-j , h2  and  l<2  are 
given  by 


\ 
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hl  = 


1 * x2(t2  - ]) 


1 - x‘ 


1/2 


h2  = t(l-x2)1/2 


(10) 


The  avoidance  of  the  neighborhood  of  0(x  = -1)  is  due  to  the  geometrical 
singularity  present  in  h]  and  hence  K?.  This  is  strictly  a mathemat- 
ical entity  caused  by  the  choice  of  coordinates.  There  is  no  physical 
singularity  in  the  flow  at  x = -1 . To  prevent  the  integration  from 
being  stopped  near  the  nose,  we  recently  developed  a new  transformation 
which  allows  the  nose  region  to  be  computed  exactly.  This  transformation 
uses  new  independent  variables  X and  Z defined  by 


X = s cose 
Z = s sine 

and  new  dependent  variables  1),  W,  and  V defined  by 

u = U cose  + W sine 
w = W cose  - U sine 
v = V/t 


(11a) 


(Hb) 


With  this  transformation  and  with  Y = y/t,  and  with  - 0 equations 
(6)  to  (9)  become: 


Continuity 


X-momentum 


N (Hr*  !r)  * w~L(l,x  * uz)  ■ o 
N ( u It  + w !i) + LW(WX  _ uz)  + v w = 6i 


Z- momentum 


Y = 0 


N(u  ||  + W ||)  - LU (WX  — UZ)  + V |y  = B 
U = V = W = 0;  Y = 6 U=U 


e’ 


2 

W = w 


(12) 


+ 

(13) 

a2w 

+ v — 5- 
3 ' (14) 


(15) 


l~2  2" 

Here  N,  L are  parameters  which  are  known  functions  of  s(s\X  + Z ) and 
8^  and  &2  are  pressure  gradient  parameters. 
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For  the  line  of  symmetry  where  W = 0,  equations  (12)  to  (15) 
reduce  to: 


|y  - LUX  = 0 

(16) 

R + ^ 

: B-,  + V — K 

1 3Y 

(17) 

SWy 

' = e 2 + v 

a2wz 

3Y2 

(18) 

U - ue. 

WZ  - Wze 

(19) 

aWz  2 
aT+NWZ 


flt  the  stagnation  point  where  both  1)  and  W are  zero,  these  equations 
reduce  further  and  are  not  shown  here  for  space  limitation. 

The  studies  dealing  with  the  solution  of  equations  (12)  to  (15) 
are  still  in  progress  and  are  not  complete  yet.  However,  the  studies 
dealing  with  the  solution  of  line  of  symmetry  equations  are  complete 
and  are  briefly  described  below.  For  further  details  see  a forthcoming 
paper  by  Cebeci , Khattab  and  Stewartson4. 

The  line  of  symmetry  equations  are  solved  by  usina  the  Box  method 
described  by  Cebeci  and  Bradshaw5.  The  solution  is  obtained  in  the  (X,Z) 
plane  starting  at  the  stagnation  position  s0  shown  in  figure  3.  The 
integration  in  X proceeds  normally  in  both  windward  (s  > s0)  and 
leeward  sides  s < s0  and  solutions  obtained  at  the  nose  show  no  trace 
of  singular  behavior. 
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Figure  3.  Sketch  showing  the  solution  procedure  along  the  line  of  symmetrv. 

The  (X,Z)  plane  is  a nice  coordinate  system  near  the  nose,  but  it 
loses  its  attractiveness  for  regions  away  from  the  nose.  For  this 
reason,  at  some  location  x = x0,  we  switch  to  more  appropriate  vari- 
ables to  continue  the  calculations  downstream.  By  introducing  a new  set 
of  dependent  and  independent  variables  defined  by 
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4>  s b2f(*.®tn) 

<t>  = VVS1  hi9(x,e  ,n) 

such  that 


(20) 


uh. 


and 


-( 

we  write  the  line  of  symmetry  equations  of  (6)  to  (8)  as 


ay 


w h i = 

e 1 ay 


vh^h^ 


(21) 


Here 


fi  ,ri  fin 

f "R  = o*  + L_ 

hi  ax  T 0 B1  S] 


1 


/s^"  h1  h^ 


h (,/iT  h2f,)  + ^ hg 


A 

f h!dx.  fl  = u/vQ,  g’  = w0/vc 
-1 


(22) 

(23) 

(24) 

(25) 


Comparison  of  solutions  obtained  by  first  solving  the  governing 
equations  given  by  (16)  to  (19)  then  by  (22)  to  (24)  with  those  obtained 
previously  by  Hirsh  and  Cebeci ^ for  a = 6°  show  excellent  agreement 
(see  fig.  4). 

Figure  5 shows  the  results  for  a = 30°.  We  now  note  that  the 
stagnation  point  is  further  away  from  the  nose  (x  = -0.97055)  and 
that  on  the  leeside,  close  to  the  nose,  the  local  skin-friction  coef- 
ficient has  a dip  followed  by  a rise.  This  is  due  to  the  angle  of 
incidence  indicating  the  possibility  of  flow  separation  at  higher 
angles  of  incidence  on  the  leeward  plane  of  symmetry.  Additional  cal- 
culations made  at  a > 30°,  support  this  conclusion  and  show  that 
flow  separation  occurs  at  a = 42°  for  a t = 1/4. 


Additional  calculations  for  different  thickness  ratios  and  angles 
of  incidence  are  being  performed  and  will  be  reported  later. 
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Figure  4.  Comparison  of  present 
results  with  those  of 
ref.  3 for  a = 6°,t*=l/4 
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Figure  5.  Computed  results  for 
a = 30°,  t = 1/4. 


An  interesting  question  posed  by  the  studies  of  the  two-dimensional 
and  axisymmetric  boundary  layer  is  whether  there  is  significant  differ- 
ence between  the  separation  phenomenon  in  the  two  cases  as  the  nose 
radius  tends  to  zero.  In  order  to  investigate  this  question  for  the 
prolate  spheroid  problem,  we  use  the  transformation  defined  by  (11)  and 
define 


and  take  the  limit  t -+  0,  holding  p and  s finite.  In  this  way 
we  convert  the  polar  form  of  the  equations  (6)  to  (8)  near  the  nose  into 
a quasi-rectangular  Cartesian  form  which  is  free  of  singularities.  After 
a considerable  amount  of  algebra,  the  continuity  and  momentum  equations 
for  the  line  of  symmetry  can  be  written  as 
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The  results  obtained  from  the  solution  of  the  above  equations 
indicate  that  for  laminar  flows  as  the  nose  radius  tends  to  zero,  flow 
separation  does  not  occur  if  a is  less  than  41°.  By  contrast,  it 
appears  that  on  thin  two-dimensional  airfoils  the  flow  will  separate 
right  near  the  nose  if  a.  = 0(t).  For  further  details,  see  Cebeci , 
Khattab  and  Stewartson4. 

3.  Transition  Problem 

In  order  to  calculate  the  transition  on  the  body  of  revolution 
being  tested  at  DFVLR,  we  performed  stability-transition  calculations 
by  using  the  method  described  in  Chapter  9 of  Cebeci  and  Bradshaw5. 
These  calculations  were  done  for  zero  incidence  and  with  two  Reynolds 
numbers  based  on  the  body  length,  namely  6.4  x 10^  and  9.6  x 10°. 
Results  are  given  below. 

RL  ^X//1"  ^transition 

6.4  x 106  0.595 

9.6  x 106  0.405 

Figure  6 shows  the  calculated  amplification  ratio  A versus  ~ 
surface  distance  for  a fixed  nondimensional  disturbance  oo*  = vu/u 4 
for  R|_  = 9.6  x 106.  Here  « is  the  frequency  in  radians  per  second 
and  A is  the  ratio  of  the  disturbance  amplitude  at  a given  location 
to  that  at  the  beginning  of  amplification  (crossing  of  the  neutral 
curve).  According  to  the  e9 -method,  the  first  frequency  whose  log- 
arithm of  the  amplification  ratio  reaches  9 somewhere  on  the  body 
determines  the  location  of  transition.  According  to  several  studies 


Figure  6.  Computed  amplification  factors  for  the  body  of  revolution  being 
tested  at  DFVLR.  Results  are  for  a = 0. 


conducted  in  two-dimensional  flows,  however,  the  va]ue  of  9 varies 
between  9 and  1C.  Figure  6 shows  that  for  e9,  e9-b  and  el°,  the 
respective  transition  locations  are  x/L  = 0.405,  0.433,  0.453. 


4.  Concluding  Remarks 

At  the  writing  of  this  progress  report,  the  calculations  dealing  with 
off  the  line  of  symmetry  are  incomplete.  We  expect  that  they  will  soon 
be  complete  and  that  we  will  be  able  to  extend  the  calculations  away 
from  the  nose  all  the  way  downstream  on  the  body.  Additional  computational 
difficulties  due  to  flow  reversal  of  the  circumferential  velocity  profile 
will  be  handled  by  the  new  Cebeci  and  Stewartson6  procedure  for  comput- 
ing three-dimensional  boundary  layers  with  the  aid  of  backward-facing 
characteristics.  Using  this  new  procedure  we  are  very  hopeful  that  we 
will  be  able  to  predict  the  separation  line  very  accurately. 

In  addition  to  these  laminar-flow  calculations,  we  plan  to  perform 
turbulent-flow  calculations  on  the  body  being  tested  at  DFVLR.  The  cal- 
culations will  be  made  by  using  the  eddy-viscosi ty  formulation  of 
Cebeci7  and  the  results  will  be  compared  with  the  experimental  results. 

The  stability-transition  studies  dealing  with  bodies  of  revolution 
at  incidence  will  begin  as  soon  as  the  preliminary  studies  on  rotating 
disks  and  cones  are  over.  We  expect  this  to  occur  early  in  1979. 


5.  References 

1.  Mack,  L.M.  (1977)  Transition  prediction  and  linear  stability  theory. 

AGARD  Fluid  Dynamics  Panel  Symposium  on  Laminar-Turbulent  Transition, 

Copenhagen,  Denmark. 

2.  Wang,  K.C.  (1974)  Boundary  layer  over  a blunt  body  at  high  incidence 
with  an  opent-type  separation.  Proc.  Roy.  Soc.,  A340,  33-55. 

3.  Hirsh,  R.S.  and  Cebeci,  T.  (1977)  Calculation  of  three-dimensional 
boundary  layers  with  negative  cross-flow  on  bodies  of  revolution. 

AIAA  paper  no.  77-683. 

4.  Cebeci,  T.,  Khattab,  A.K.  and  Stewartson,  K.  (1978)  On  nose-separa- 
tion. Paper  in  preparation. 

5.  Cebeci,  T.  and  Bradshaw,  P.  (1977)  Momentum  Transfer  in  Boundary 
Layers.  McGraw-Hill /Hemisphere,  Washington,  D.C. 

6.  Cebeci,  T.  and  Stewartson,  K.  (1977)  A new  procedure  for  computing 
three-dimensional  boundary  layers  with  flow  reversal.  Paper  in 
preparation. 

7.  Cebeci,  T.  (1974)  Calculation  of  three-dimensional  boundary  layers. 

Pt.  1.  Swept  infinite  cylinders  and  small  cross  flow.  AIAA  J., 

12,  779. 

I 


246 


INFLUENCE  OF  SURFACE  ROUGHNESS 
AND  MASS  TRANSFER  ON 
TURBULENT  BOUNDARY-LAYER  FLOW 

by 

Robert  L.  P.  Voisinet 

NAVAL  SURFACE  WEAPONS  CENTER 
White  Oak  Laboratory 
Silver  Spring,  Maryland  20910 


noSTRACT 


The  determination  of  the  relative  and  combined  effects  of  surface 
roughness  and  mass  transfer  on  turbulent  boundary-layer  development, 
and  in  particular,  on  skin-friction  drag  was  the  prime  objective  of 
this  study.  Wind-tunnel  tests  were  conducted  in  the  NSWC  Boundary- 
Layer  Channel  at  a freestream  Mach  number  of  2.9.  The  thick  nozzle- 
wall  boundary  layer  in  the  facility  was  subjected  to  a systematic 
variation  of  surface  roughness  and  mass-transfer  conditions.  Boundary- 
layer  surveys  were  made  and  skin  friction  was  measured  directly  using 
a specially  designed  skin-friction  balance  which  had  a provision  for  active 
blowing  through  the  drag  element. 

I.  INTRODUCTION 


The  skin-friction  drag  on  a re-entry  heatshield,  an  important  contri- 
bution to  the  overall  drag  of  a re-entry  vehicle,  is  affected  by  two 
phenomena  which  are  interrelated  through  the  ablation  process.  These 
are  surface  roughness  and  mass  transfer.  Although  the  relative  effects 
of  roughness  and  mass  transfer  are  known  with  some  confidence,  their 
combined  effects  are  not.  It  is  for  this  reason  that  a detailed  experimental 
program  was  conducted  wherein  direct  measurements  of  skin-friction  drag  and 
boundary-layer  velocity  profiles  were  obtained  in  the  presence  of  roughness, 
mass  transfer,  and  combined  roughness  and  mass  transfer. 

II.  WIND-TUNNEL  FACILITY 

Wind-tunnel  tests  were  conducted  in  the  NSWC  Boundary-Layer  Channel.^ 

The  facility,  shown  schematically  in  Figure  1,  consists  of  a two-dimensional 
supersonic  half-nozzle  which  has  for  one  wall  a flat  test  surface  on  which 
boundary-layer  measurements  are  made.  The  opposite  wall  is  flexible  and  is 
adjusted  to  produce  a zero-pressure-gradient  flow  in  the  test  section.  The 
lower  portion  of  the  flat  test  plate  can  be  fitted  with  a variety  of 
surface  test  plate  inserts  including  roughened  and  porous  test  samples. 

Three  independently  controlled  flow  chambers  exist  behind  the  test  plates 
and  allow  for  active  gas  injection  through  porous  test  samples.  The  test 
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plate  insert  begins  at  the  1.22-meter  station  (distance  measured  downstream  of 
the  nozzle  throat)  and  extends  for  0.99  meters.  A skin-friction  balance  with 
a 12.7  x 25.4-centimeter  rectangular  drag  element  is  centrally  located  about 
the  1.88-meter  station.  The  capability  exists  for  active  mass  transfer  through 
the  drag  element  of  the  skin-friction  balance  as  well  as  the  area  covered  by 
the  test  plate  insert.  Several  instrumentation  ports  exist  downstream  of  the 
drag  balance  and  provide  for  the  installation  of  a traversing  probe  mechanism 
for  boundary-layer  surveying  over  the  test  sample. 

III.  TEST  CONDITIONS 


Wind-tunnel  tests  were  conducted  at  a freestream  Mach  number  of  2.9  and 
Reynolds  number  per  meter  from  0.1  to  3.  million.  The  supply  temperature 
was  adjusted  to  maintain  adiabatic-wall  conditions  in  the  test  section.  The 
nominally  2.5-centimeter  thick  nozzle-wall  boundary  layer  was  subjected  to 
a systematic  variation  of  surface  roughness  and  mass  transfer.  A smooth 
impervious  test  plate  was  tested  first  to  establish  the  baseline  data 
followed  by  tests  on  three  porous  roughened  samples.  The  porous  test 
plates  were  constructed  of  a wire-mesh  composite  with  the  roughness 
character  being  that  of  the  surface  square-weave  screen  mesh.  Three 
surface  screen  roughnesses  were  tested  with  nominal  heights  of  0.1,  0.25, 
and  1.0mm.  These  provided  for  a range  of  surface  roughness  conditions 
from  the  aerodynamically  smooth  through  the  fully  rough  regime  (see  Figure  2). 
Mass-transfer  rates  were  0.0146,  0.0488,  and  0.146  kg/m^sec.  These  rates 
provided  a range  of  mass  transfer  up  to  and  including  boundary-layer  blowoff 
(see  Figure  3).  Both  skin-friction  and  boundary-layer  profile  measurements 
were  made  over  the  full  range  of  the  testing  matrix. 

IV.  POROUS  ROUGHENED  TEST  SAMPLES 


Present  test  requirements  called  for  flat  porous  test  samples  which  were 
uniform  in  porosity.  In  addition,  a different  surface  roughness  height  was 
required  for  each  panel.  The  porous  panels  were  fabricated  from  wire-mesh 
materials  which  were  diffusion  bonded  together  (see  Figure  4).  A different 
size  square-weave  mesh  was  bonded  to  the  surface  of  each  panel  to  simulate  the 
surface  roughness.  Surface  screen  thicknesses  of  0.1,  0.25,  and  l.Omm 
provided  boundary-layer  roughness  effects  which  ranged  from  the  aerodynamically 
smooth  to  fully  rough  case.  In  addition,  the  ratio  of  wire-mesh  spacing  to 
roughness  height  (twice  the  wire  thickness)  was  the  same  for  all  samples  in 
order  to  maintain  roughness  pattern  similarity. 

The  basic  porous  panel  on  which  the  wire  screen  roughness  was  attached  was 
constructed  of  a composite  of  wire  screen  meshes  and  perforated  plate.  This 
composite  was  designed  for  optimum  flow  uniformity  and  structural  rigidity. 

A perforated  metal  sheet  gave  strength  and  rigidity  to  the  composite,  a 
20-mesh  inner  screen  provided  flow  distribution  between  layers,  and  five  layers 
of  50  x 250  dutch  weave  provided  the  proper  permeability.  Permeability  was 
selected  in  such  a manner  as  to  provide  sufficient  pressure  drop  across  the 
test  sample  for  flow  uniformity,  but  with  limitations  on  the  pressure  drop 
based  on  panel  deflection  considerations.  It  is  believed  that  the  wire  mesh 
composite  provided  a more  uniform  porosity  material  than  could  have  been 
attained  using  sintered  powder  technology. 
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V.  SKIN-FRICTION  BALANCE 


Direct  measurements  of  skin  friction  were  obtained  with  a specially  designed 
skin-friction  balance  which  had  a provision  for  active  blowing  through  the 
drag  element.  The  balance  concept  was  based  on  previous  NSWC/WOL  experience 
in  skin-friction  balance  design  (References  2-5).  Many  of  the  balance  components 
were  conventional  in  nature,  however,  the  test  requirement  for  active  blowing 
through  the  drag  element  made  this  skin-friction  balance  unique.  The  balance 
is  schematically  shown  in  Figures  5 and  6.  The  mechanical  components  of  the 
balance  are  shown  in  the  first  schematic,  and  the  mass-addition  components 
are  shown  in  the  second.  The  balance  is  a positive  displacement-type  which 
requires  the  measurement  of  the  drag-element  deflection  under  the  action  of 
a drag  force.  The  drag  element  is  supported  by  four  linkages  and  frictionless 
flexural  pivots  which  allow  movement  of  the  drag  element  in  the  streamwise 
direction.  Leafsprings  provide  a restraining  force  which  is  proportional  to 
the  deflection  of  the  drag  element.  By  using  leafsprings  with  different 
stiffnesses,  the  balance  can  be  made  to  accommodate  a wide  range  of  drag  loading. 
Drag  element  deflections  are  kept  small  (less  than  0.25mm)  and  are  measured  using 
a highly  sensitive  translational  Linear  Variable  Differential  Transformer  (LVDT) . 

A positive  stop  is  adapted  to  eliminate  overload  damage  to  the  balance. 

Although  the  temperature  environment  of  the  balance  is  not  severe  in  the 
present  tests,  precautions  have  been  taken  to  minimize  any  effects  which  might 
result  from  ambient  temperature  changes.  Invar  and  other  materials  with  low 
coefficients  of  thermal  expansion  have  been  used  for  all  critical  balance 
components  and  supporting  framework. 

A drag-element  counterweight  is  employed  in  the  design  to  reduce  wind-tunnel 
vibration  effects.  Structural  vibration  is  transmitted  to  the  drag-element  via 
the  center  flexural  pivot  in  each  linkage.  Since  this  pivot  point  is  also  the 
center  of  gravity  (c.g.)  of  the  drag-element/counterweight  system,  moments 
about  the  c.g.  (induced  drag  forces)  are  eliminated.  In  addition,  the  counter- 
weight relieves  drag-element  weight  restraints  and  allows  for  an  increased 
balance  sensitivity.  This  is  a particular  necessity  because  of  the  vertical 
orientation  of  the  balance  in  the  wind  tunnel.  Without  a counterweight,  the 
leafsprings  would  have  to  carry  the  weight  of  the  drag-element.  Drag-element 
oscillations  which  are  due  to  flow  unsteadiness  are  damped  out  using  a magnetic- 
fluid  dashpot  as  described  in  Reference  6. 

All  critical  balance  components  are  adjusted  in  reference  to  a primary  balance 
frame.  This  primary  frame  and  associated  balance  components  are  then  moved  as 
a unit  to  provide  the  necessary  alignment  of  the  drag  element  with  the  surrounding 
tunnel  wall.  By  performing  the  adjustment  in  this  manner,  the  alignment  of 
internal  balance  components  is  not  changed,  and  the  balance  load  calibration 
is  unaffected.  Air  leakage  through  the  balance  from  the  wind-tunnel  plenum 
chamber  to  the  test  section  is  eliminated  by  sealing  the  balance  back  housing. 
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Active  blowing  through  the  drag-element  is  accomplished  by  piping  the 
injectant  gas  to  the  drag-element  in  such  a way  as  to  minimize  the  effects 
of  the  piping  on  the  balance  operation  and  calibration.  Injectant  air  from  a 
flow  regulating  system  enters  the  balance  from  two  ports  at  the  back  of  the 
balance.  The  injectant  air  then  passes  through  flexible  metallic  bellows 
to  the  drag-element  for  flow  distribution.  The  drag-element  houses  flow 
deflectors  and  a perforated  plate  which  disburse  the  injectant  gas  uniformly 
to  all  areas  of  the  porous  test  sample.  The  key  to  the  design  of  the  active- 
blowing  system  is  the  alignment  of  the  primary  metallic  bellows  with  the 
drag  element  support  linkages  (see  Figures  7 and  8) . As  the  bellows  become 
pressurized,  the  expansion  forces  acting  along  the  axis  of  the  bellows  are 
restrained  by  the  linkages.  Because  these  forces  act  in  a direction  normal 
to  the  test  surface,  there  is  no  component  of  the  bellows  expansion  forces 
acting  in  the  direction  of  the  friction  drag.  When  the  drag  element  is 
deflected  from  the  "null"  position,  a slight  misalignment  does  occur,  and 
a correction  to  the  calibration  must  be  made  ; however,  the  magnitude  of 
this  correction  is  small  in  comparison  to  the  drag  loading, and  its  effect 
can  be  calibrated.  By  designing  the  injectant  system  in  this  way,  the 
injectant  gas  flow  causes  a minimum  disturbance  to  the  balance  in  the  direc- 
tion of  the  drag  loading. 

The  balance  drag-element  design  allows  for  replacement  of  the  test  surface. 
Test  samples  can  be  solid  or  porous,  smooth  or  rough,  and  can  include  single 
or  multiple  roughness  elements  and  waviness.  The  drag  balance  can  also  handle 
different  injectant  gases.  In  all  cases,  the  surface  characteristics  on  the 
drag  element  are  closely  matched  to  those  of  the  surrounding  test  surface. 

VI.  BALANCE  ASSEMBLY  AND  CALIBRATION 


The  successful  operation  of  the  skin-friction  balance  is  dependent  on  the 
integration  of  a number  of  different  components.  Special  precautions  must  be 
taken  in  the  assembly  of  the  balance.  The  balance  counterweight  must  be  adjusted 
to  the  total  weight  of  the  drag  element  and  its  attached  components  prior  to 
assembly.  The  flexural  pivots  must  be  installed  without  residual  torsional 
stress.  The  bellows  must  be  aligned  with  the  support  linkages.  Seals  must 
be  leakproof.  Adjustment  screws  and  linkages  must  be  tight  fitting.  In  addition, 
the  alignment  of  components  must  be  made  in  a specific  manner. 

The  balance  alignment  begins  by  determining  the  balance  "null"  position. 

This  position  is  defined  as  the  point  where  the  drag  element  does  not  deflect 
when  the  bellows  are  pressurized.  It  establishes  the  point  of  non-interference 
between  load  measurement  and  active  blowing.  The  leaf springs  are  adjusted  to 
hold  this  "null"  position  and  the  LVDT  core  is  centered  in  this  position. 
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The  balance  load  calibration  is  performed  by  attaching  weights  to  the 
drag  element  and  measuring  the  deflection  of  the  drag  element  with  the  LVDT. 

A straight  line  calibration  between  displacement  and  loading  is  typical,  as 
shown  in  Figure  9 for  the  the  different  leafspring  configurations.  With 
active  blowing  the  calibrations  change  slightly  because  the  drag-element 
is  deflected  from  its  "null"  position  and  a component  of  the  bellows 
expansive  force  is  felt  on  the  drag  element  in  the  direction  of  the  load 
measurement.  Calibrations  can  still  be  represented  by  straight  lines, 
however,  because  the  induced  loading  increases  linearly  with  the  displacement 
of  the  drag  element.  This  effect  can  be  seen  in  Figures  11  and  12.  There 
does  not  appear  to  be  any  difference  between  calibrations  obtained  under 
static  pressurized  test  conditions  and  those  with  mass  transfer  through  the 
balance.  The  maximum  effect  which  was  measured  during  tests  amounted  to 
less  than  three  percent  of  the  load  measurement.  This  occurred  for  the 
lightest  load  range  for  the  balance  (no  leaf springs  installed,  50  grams 
maximum  load).  This  effect  was  calibrated,  and  corrections  were  made  in 
the  data  reduction. 

VII  . RESULTS 


Sample  boundary-layer  velocity  profile  data  for  the  smooth-wall,  non- 
blowing baseline  condition  are  shown  in  Figure  12  for  the  range  of  Reynolds 
number  tested.  The  data  are  presented  in  law-of-the-wall  coordinates  and 
agree  with  theory.  Sample  skin-friction  data  for  the  same  smooth-wall,  non- 
blowing baseline  case  are  shown  in  Figure  13.  The  data  are  below  Spalding- 
Chi  values  by  approximately  15  percent  but  show  the  appropriate  trend  with 
Reynolds  number.  The  data  that  are  presented  represent  several  test  runs, 
each  obtained  with  a re-installation  and  alignment  of  the  drag  balance.  The 
consistency  and  repeatability  of  the  data  have  been  excellent  in  all  cases. 

Skin-friction  data  for  the  three  roughened  test  plates  with  mass  transfer 
are  shown  in  Figures  14  through  17.  The  smooth,  non-blowing  baseline  data  are 
shown  in  each  figure  for  comparison.  The  relative  effects  of  roughness  and  mass 
transfer  are  isolated  and  presented  in  Figures  18  and  19  as  a function  of 
roughness  Reynolds  number  and  mass-transfer  ratio,  respectively.  The  results 
show  a marked  increase  in  skin  friction  due  to  roughness  and  a marked  decrease 
due  to  mass  transfer.  Each  result  is  consistent  with  theory.  The  combined 
effects  of  the  two  phenomena  are  presently  being  analyzed  further. 

VIII.  CONCLUSIONS 


The  relative  and  combined  effects  of  surface  roughness  and  mass  transfer  on 
compressible  turbulent  boundary-layer  development  were  experimentally  studied. 
Specialized  test  equipment  was  designed  and  validated  and  a data  base  was 
generated  for  conditions  of  surface  roughness,  mass  transfer,  and  combined 
roughness  and  mass  transfer.  Analysis  of  the  data  is  continuing. 
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FIGURE  2 ROUGHNESS  TEST  MATRIX  FIGURE  3 MASS-TRANSFER  TEST  MATRIX 


FIGURE  4 POROUS  ROUGHENED  TEST  SAMPLE  CROSS  SECTION 


253 


DRAG  ELEMENT  WITH 
POROUS  TEST  SAMPLE 


LVDT  DISPLACEMENT  GAGE 


FLEXURE  PIVOTS 


LEAF  SPRING  ADJUSTMENT 
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ABSTRACT 

As  reported  at  recent  annual  meetings  of  this  Data  Exchange  Agreement, 
the  research  program  in  numerical  fluid  dynamics  at  the  David  W.  Taylor 
Naval  Ship  Research  and  Development  Center  has  been  concentrating  on  incom- 
pressible viscous  and  inviscid  flow  problems.  This  work  has  been  consistently 
directed  toward  the  development  of  numerical  methods  and  computer  techniques 
applicable  to  problems  of  practical  naval  importance.  During  the  past  year 
several  advances  pertaining  to  the  goals  of  this  DEA  were  made  and  will  be 
discussed  in  this  paper.  One  new  result  is  a contribution  to  the  basic 
understanding  and  complete  physical  explanation  of  the  phenomenon  of  auto- 
rotation of  plates  and  airfoils  obtained  by  means  of  numerical  solutions  of 
the  full  Navier-Stokes  equations  of  viscous  flow.  Another  item  of  progress 
is  the  development  of  improved  numerical  mesh  generators  for  handling 
arbitrary  flow-field  geometries  for  finite-difference  or  finite-element 
calculations  in  two  and  three  spatial  dimensions.  In  addition,  discrete 
vortex  methods  have  been  developed  to  analyze  hydrodynamic  noise  in  a shear 
layer  and  to  predict  hydrodynamic  loads  on  the  sidewalls  of  surface  effect 
ships. 

I . Introduction 

The  Numerical  Fluid  Dynamics  research  program  at  the  David  W.  Taylor 
Naval  Ship  Research  and  Development  Center  has  concentrated  mainly  on  the 
solution  of  incompressible  viscous  and  inviscid  exterior  flow  problems.  This 
work  has  been  directed  toward  the  development  of  improved  numerical  methods 
and  computer  techniques  applicable  to  practical  problems  of  naval  importance. 
The  new  schemes  developed  are  therefore  not  just  tested  on  simple  problems 
but  are  further  refined  and  applied  to  the  solution  of  unsolved  physical  or 
engineering  problems  in  the  fields  of  hydrodynamics,  aerodynamics,  and 
acoustics.  This  requires  the  development  of  numerical  methods  for  handling 
complex  flows  around  bodies  of  arbitrary  shape. 


This  report  is  a summary  of  a few  of  the  advances  made  under  this 
program  during  the  past  year.  The  items  selected  for  inclusion  are  examples 
of  the  development  and  application  of  methods  for  solving  problems  of 
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fundamental  and  practical  importance  which  pertain  to  the  goals  of  this 
Data  Exchange  Agreement.  One  advancement  is  a significant  contribution  to 
the  basic  understanding  of  the  physical  phenomenon  known  as  autorotation  in 
air  or  water.  Another  is  the  development  of  an  improved  numerical  technique 
for  generating  curvilinear  coordinate  grid  systems  which  produce  variable 
concentrations  of  grid  points  in  irregularly  shaped  flow  domains.  A third 
is  the  application  of  discrete  vortex  methods  to  solve  certain  hydrodynamic 

and  acoustic  flow  problems.  These  three  distinct  efforts  are  described  in  4j 

the  following  sections. 

1 1 . The  Autorotation  Phenomenon 

A breakthrough  in  the  problem  of  autorotation  has  been  achieved  as  the 
culmination  of  several  years  of  work  on  two-dimensional  flow  about  thin 
elliptic  cylinders  (plates)  rotating  in  a parallel  viscous  flow.  The  computer 
program,  ROTAPLATE,  which  solves  these  rotating  plate  problems  is  based  on 
the  full  Navier-Stokes  equations  and  was  completely  developed  at  DTNSRDC  by 
Lugt  and  Ohring  [1].  This  program  was  discussed  briefly  at  the  DEA  Meeting 
in  1976  [2]  where  the  point  was  made  that  the  capability  of  solving  such  a 
difficult  time-dependent  problem  was  due  to  the  development  of  a very  fast, 
direct  Poisson  equation  solver.  It  was  also  stated  that  such  a program  is 
a powerful  computational  tool  for  investigating  the  phenomenon  of  auto- 
rotation. Lugt  recently  completed  this  investigation  and  has  prepared  a 
comprehensive  report  on  the  subject  [3].  The  following  paragraphs  highlight 
the  essential  facts  he  has  elucidated  and  summarize  his  explanation  of  the 
phenomenon  of  autorotation. 

The  concept  of  autorotation  is  restricted  in  this  investigation  to  the 
induced  motion  of  bodies  which  requires  an  initial  rotation  of  the  body  in 
the  flow  to  cause  self-sustained  spinning.  This  is  the  most  widely  accepted 
definition  in  fluid  dynamics.  Thus,  plates  with  fixed  or  freely  moving 
axes  of  rotation  and  systems  of  plates  such  as  cruciform  fins  are  considered 
to  be  autorotating  under  appropriate  conditions.  On  the  other  hand,  it  must 
be  noted  that  rotating  mechanisms  such  as  windmills,  anemometers,  and  water 
wheels  are  not  considered  to  be  autorotating  because  these  bodies  are 
geometrically  shaped  so  that  even  under  static  conditions  a torque  is  present 
which  initiates  sustained  rotation  when  the  body  is  released  in  a parallel 
flow.  For  bodies  which  do  autorotate,  the  axis  of  rotation  may  be  parallel 
or  normal  to  the  flow.  The  parallel  case  is  important  in  the  autorotation 
of  aircraft  ("spin").  The  other,  perpendicular,  case  is  relevant  to  the 
control  of  finned  projectiles  and  rockets,  which  are  known  to  autorotate 
unpredictably  at  high  angles  of  attack,  and  to  the  dispersion  of  bomblets. 

In  either  case,  the  axis  of  rotation  does  not  need  to  be  exactly  parallel  or 
normal  to  the  flow,  and  one  case  may  pass  over  into  the  other. 

The  case  analyzed  in  detail  by  Lugt  is  for  plates  autorotating  about  a 
fixed  axis  of  symmetry  normal  to  the  oncoming  flow.  This  type  of  auto- 
rotation cannot  be  explained  by  quasi-steady  theory  (the  average  torque  is 


261 


always  zero)  or  boundary- layer  theory  (the  vortex-shedding  process  cannot 
be  simulated)  or  by  discrete  vortex  models  (these  are  inaccurate  when  the 
vortex  sheet  is  close  to  the  body).  Experimental  methods  are  difficult  and 
relatively  few  experiments  have  been  performed,  but  it  has  been  established 
with  experiments  involving  endplates  that  three-dimensional  effects  are  not 
essential  for  autorotation.  Moreover,  it  has  also  been  demonstrated  by 
E.H.  Smith  [4]  that  autorotation  can  occur  at  Reynolds  numbers  as  low  as  100 
and  that  the  anqular  velocity  Q of  the  rotating  plate  can  be  almost  constant 
for  a sufficiently  large  moment  of  inertia.  Thus  Lugt  was  led  to  the  study 
of  autorotation  by  constructing  solutions  of  the  time-dependent  full  Navier- 
Stokes  equations  for  a thin  elliptic  cylinder  rotating  about  a fixed  axis 
normal  to  a parallel  flow.  He  analyzed  results  for  Reynolds  numbers  200 
and  400  and  for  different  Rossby  numbers  (the  ratio  of  translational  to 
rotational  speed  of  the  plate). 

The  fact  that  n can  be  chosen  to  be  constant  facilitates  the  numerical 
treatment  of  the  problem  considerably.  Otherwise,  since  an  initial  impulse 
is  necessary  to  trigger  autorotation,  it  would  take  many  trial  and  error 
computer  runs  before  real  autorotation  could  be  achieved.  But  by  experimenting 
with  different  constant  values  of  fi,  no  matter  whether  autorotation  occurs 
or  not,  the  range  of  self-sustained  spinning  can  be  determined  by  computing 
the  average  torque. _ Figure  1 shows  the  relation  between  average  torque  (average 
moment  coefficient  Cu)  and  the  dimensionless  angular  velocity  fi.  If  a torque 
is  needed  to  drive  tne  body,  the  bod^will  slow  down  without  it.  (See 
portions  of  the  curve  with  positive  values.)  If,  however,  the  torque  has  a 
braking,  or  slowing  down  effect  (shaded  area  in  Figure  1),  then  if  that  torque 
is  removed,  the  body  would  rotate  faster  and  faster  until  a point  of  stable 
autorotation  is  reached  (point  A in  Figure  1). 


Figure  1.  Average  moment  coefficient  plotted  against  fid/2U. 
In  the  shaded  area  the  body  autorotates  but  increases  its 
rotation  until  the  point  A is  reached.  This  is  the  condition 
for  stable,  (in  the  average)  steady-state  autorotation. 
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To  answer  the  question,  "What  causes  autorotation?",  a careful  analysis 
of  the  role  of  torque  must  be  made.  For  a rotating  plate,  one  must 
distinguish  between  a period  in  which  the  torque  supports  rotation  and  a 
period  in  which  it  retards  rotation.  The  "supporting"  period  occurs  when 
the  angle  of  attack  a increases  from  0 to  u/2,  and  the  "retarding"  period 
occurs  where  a increases  from  ir/2  to  n,  approximately.  Figure  2 shows  a 
time  sequence  of  computer-generated  flow  patterns  during  one  cycle  (half 
revolution).  The  Reynolds  number  is  20C  and  the  Rossby  number  Ro  is  4.  The 
supporting  period  is  shown  in  the  top  three  positions,  and  the  retarding 
•^°riod  is  covered  in  the  lower  three  views.  Based  on  his  computed  results, 

Lugt  cites  the  following  conditions  and  conclusions  governing  the  auto- 
rotation phenomenon: 

1)  The  moment  of  inertia  must  be  sufficiently  large  to  overcome 
the  opposing  torque  in  the  retarding  period.  This  "fly-wheel" 
effect  has  been  taken  care  of  by  the  constant  n model . 

2)  Body  rotation  and  vortex  snedding  must  be  synchronous.  If  the 
plate  rotates  too  fast  or  too  slowly  compared  to  the  frequency 
of  vortex  shedding,  the  asynchronous  vortex  shedding  causes 
rotational  (roll)  damping. 

3)  The  reduction  of  torque  in  the  retarding  period  is  essential 
for  autorotation.  This  torque  is  reduced  through  the  prolonged 
development  of  the  boundary  layer  in  the  front  of  the  plate. 

Additional  assistance  for  autorotation  is  provided  through 
boundary  layer  hysteresis  in  the  supporting  period;  that  is, 
the  delaying  of  flow  separation  caused  by  an  acceleration  of 
the  boundary  layer. 

4)  Sufficiently  strong  vorticity  at  the  edges  of  the  plate  must  be 
present. 

5)  The  combination  of  all  these  conditions  induces  autorotation. 

A further  conclusion  reached  by  Lugt  is  that  the  above  conditions  are 
also  valid  for  high  Reynolds  numbers.  Not  only  are  the  flow  patterns  quite 
similar,  but  the  lift  and  drag  forces  do  not  differ  significantly  between 
low  and  high  Reynolds  number  values,  as  shown  by  the  comparisons  with  experi- 
mental data  given  in  Figure  3.  Thus,  this  study  clearly  demonstrates  that 
under  certain  conditions  results  computed  using  the  Navier-Stokes  equations 
at  low  Reynolds  numbers  can  provide  information  for  flows  at  higher  Reynolds 
numbers.  This  is  particularly  true  for  flows  involving  vortex  shedding. 

| I 

III . Numerical  Curvilinear  Coordinate  Systems 

The  increasing  need  for  more  accurate  solutions  of  fluid  flow  problems 
involving  arbitrarily  shaped  bodies  and  free  boundaries  which  change  with 
time  has  spurred  on  the  work  in  numerically-generated  boundary-fitted 
curvilinear  coordinate  systems  for  finite-difference  or  finite-element 
calculations.  As  reported  at  the  last  DEA  meeting  [5],  these  flexible 
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Figure  3.  Comparison  of  numerical  results  at  Re  = 200 
with  experiments  at  Re  = 90,000  for  drag  and  lift 
coefficients  during  one  half  revolution  of  the  plate. 

coordinate  systems  are  generated  by  numerically  solving  a system  of  elliptic 
partial  differential  equations  whose  solutions  are  the  desired  coordinate 
curves.  The  use  of  these  equations  is  suggested  by  the  extremum  principle 
for  elliptic  boundary  value  problems.  The  grid-generating  system  is  set  up 
with  the  transformed  coordinate  (s,n)  as  the  dependent  variables  and  the 
original  physical  coordinates  (x,y)  as  the  independent  variables.  To  provide 
for  greater  generality  in  handling  arbitrary  flow  domains,  the  inner  and  outer 
boundaries  of  the  physical  flow  domain  may  be  specified  to  correspond  to  the 
minimum  and  maximum  coordinate  boundary  values  in  segments  of  the  transformed 
plane.  The  right-hand  terms  of  the  elliptic  system  can  be  selected  to  vary 
the  density  of  the  coordinate  lines  as  desired  for  a given  problem. 

A recent  development  in  this  area  of  research  is  illustrated  by  the  grid 
system  computed  for  the  case  of  a cylinder  translating  below  a free  surface, 
as  shown  in  Figure  4.  This  work  is  an  extension  of  the  results  obtained  by 
Haussling  and  Coleman  [6]  to  handle  nonlinear  free  surface  conditions.  They 
used  the  following  system  of  elliptic  equations  to  generate  these  grids: 
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where  and  are  parameters  which  control  the  attraction  or  dispersion  of 
E,  and  n lines  with  respect  to  the  N specified  points  ( c i » n -j ) - The  boundary 
conditions  are  the  coordinate  values  of  mesh  points  on  the  boundaries  of  the 
flow  field. 

Coleman  [7]  has  further  extended  this  work  to  handle  three-dimensional 
regions  involving  arbitrary  bodies  in  a free  surface.  An  early  example  of  a 
grid  computed  for  a thin  ship  is  shown  in  Figure  5.  Different  methods  for 
representing  such  three-dimensional  grids  for  visual  checking  are  under 
development.  For  actual  flow  computations,  a much  finer  grid  would  be  gener- 
ated. For  nonlinear  free  surface  problems,  once  a technique  has  been  developed 
for  generating  a curvilinear  grid  system,  the  new  grids  for  each  time  step  are 
computed  simultaneously  with  the  solution  of  the  flow  equations. 


FULL  FLOW  FIELD 


MODIFIED  HALF  FIELD 
CUT  THROUGH  SHIP  CENTER  PLANE 


Views  of  a ship  hull  embedded  in  a body-fitted  mesh. 
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IV.  Discrete  Vortex  Methods 


1.  Hydrodynamic  Noise 

The  use  of  discrete  vortex  methods  for  simulating  fluid  flows  at 
high  Reynolds  numbers  has  received  increased  attention  in  recent  years. 

Vortex  lattice  schemes  have  been  used  extensively  for  aerodynamic  flow 
calculations  by  NASA  researchers  and  other  investigators.  There  is  also  an 
active  interest  in  the  application  of  discrete  vortex  methods  in  the  field 
of  acoustics.  To  determine  the  effectiveness  of  these  methods  for  predicting 
hydrodynamic  noise,  a discrete  vortex  simulation  of  a two-dimensional  shear 
layer  was  developed  by  Grabowski  and  Telste  [8].  They  represented  the  shear 
layer  by  a large  number  of  vortices,  namely  256  per  period  of  length  A,  to 
offset  the  inadequacies  observed  in  models  employing  very  few  vortices.  The 
shear  layer  is  created  by  two  flow  streams  of  opposite  velocity,  +U  and  -U, 
and  is  assumed  to  have  been  disturbed  by  some  external  force.  The  computed 
evolution  of  the  rolling  up  of  the  shear  layer  is  shown  in  the  time  sequence 
displayed  in  Figure  6,  where  time  is  increasing  from  the  top  to  the  bottom 
of  the  page.  Note  that  the  shear  layer  gradually  rolls  up  into  two  large 
vortices  before  coalescing  into  a turbulent  configuration.  Although  the 
flow  pattern  of  the  large  scale  behavior  of  the  mixing  layer  is  effectively 
simulated,  the  model  is  considered  inadequate  for  computing  the  hydrodynamic 
sound  because  the  point  vortices,  when  they  become  too  close  together,  twist 
around  and  generate  artificial  acoustic  signals  which  exceed  the  real  hydro- 
dynamic  noise. 

2.  Hydrodynamic  Loads 

In  a separate  effort,  a discrete  vortex  lattice  method  was  developed 
by  Tai  and  Whitehead  [9]  for  predicting  hydrodynamic  loads  on  surface  effect 
ships.  The  ship  is  modelled  by  two  distinct  sidewalls  with  mutual  interference. 
It  is  assumed  that  the  effect  of  the  air  cushion  pressure  and  the  seals  can 
be  neglected.  The  free  surface  is  assumed  rigid  and  flat  so  that  the  flow  can 
be  simulated  by  a bound  vortex  sheet  and  free  vortex  sheets  emanating  from  the 
sides  and  trailing  edges  of  the  wall.  There  is  a pressure  difference  across 
a bound  vortex  sheet  but  not  across  a free  vortex  sheet.  The  normal  com- 
ponent of  velocity  vanishes  on  either  a bound  or  free  vortex  sheet.  Since 
the  flow  is  assumed  to  be  inviscid  and  incompressible,  the  velocity  generated 
by  a vortex  segment  is  determined  by  using  the  Biot-Savart  law.  The  force 
induced  by  a bound  vortex  segment  is  calculated  using  the  Kutta-Joukowsky 
theory. 


Numerical  results  were  obtained  for  thin  rectangular  single  and 
double  sidewalls  with  different  aspect  ratios  and  yaw  angles.  The  physical 
plane  under  water  contained  40  panels  in  the  bound  vortex  lattice,  a single 
tip  vortex  core  of  15  segments,  and  four  wake  vortex  lines  of  5 segments  each. 
The  results  show  that  the  method  predicts  higher  forces  in  low  aspect  ratio 
cases  than  do  other  methods.  The  authors  attribute  this  to  the  use  of  a 
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Figure  6.  Time  sequence  of  the  large  scale  evolution  of  a 
shear  layer  represented  by  256  discrete  vortices 
per  longitudinal  period  (cycle). 
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single  tip  vortex  model  to  represent  a sheet  of  vorticity.  The  dominance 
of  sidewall  edge  effects  reduce  accuracy  at  low  aspect  ratios,  but  accuracy 
improves  with  increasing  aspect  ratios.  For  double  sidewalls,  the  effect 
of  wall  interference  becomes  significant  with  increases  in  length-to-beam 
ratio,  or  area  aspect  ratio,  or  yaw  angle. 
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1.  Introduction 


Separation  bubbles  in  a boundary  layer  are  considered  to  be  very 
small  when  the  height  of  the  bubble  is  small  compared  with  the  local 
boundary  layer  thickness.  These  separation  bubbles  are  consequently 
found  in  the  interior  of  the  boundary  layer  in  the  neighborhood  of  the 
wall.  The  behavior  of  such  small  separation  bubbles  has  not  been  studied 
in  contrast  to  the  extensive  work  done  on  separated  regions  which  are 
relatively  large  compared  to  the  boundary  layer  thickness.  The  separation 
region  behind  a circular  cylinder  is  an  example  of  the  latter  case  for 
large  separation  bubbles. 

The  region  where  very  small  bubbles  are  formed  is  one  of  great  practical 
significance.  In  particular,  these  bubbles  occur  near  protuberant  ex- 
crescences that  exist  on  the  lifting  surfaces  of  aircraft.  Consequently, 
they  play  a key  role  in  the  increase  of  surface  friction  due  to  these 
excrescences.  Particular  attention  was  paid  to  the  importance  of  research 
in  the  effect  of  roughness  and  generalized  excrescences  immersed  in  tur- 
bulent boundary  layers  on  the  determination  of  the  aircraft  resistance 
at  the  AGARD  Specialists  Meeting  in  1973, [1] 

A study  of  very  small  separation  bubbles  is  of  fundamental  importance 
because  it  is  a limiting  case  of  the  more  general  problem  of  flows  with  finite 


separation  regions  and  can  hence  provide  important  insights  to  the  more 
general  problem. 

Figure  1 shows  the  relationship  of  the  limiting  case  of  small  separation 
bubbles  to  the  general  case  of  a turbulent  boundary  layer  with  separation 
on  a backward  facing  step.  The  flow  along  a flat  plate  with  a backward 
facing  step  is  characterized  by  two  Reynold's  numbers  Re  and  Re  whose 
characteristic  dimensions  are  the  height,  H,  of  the  backward  facing  step 
and  the  distance,  Lq,  of  the  step  from  the  leading  edge,  respectively. 

The  curve  in  Figure  1 separates  the  laminar  from  the  turbulent  separation 
regions,  i.e.,  in  the  region  to  the  right  of  the  curve  are  those  flows  for 
which  the  separated  boundary  layer  is  turbulent.  Here  it  is  possible  to 
identify  two  limiting  cases.  In  region  A,  the  boundary  layer  thickness  is 
small  compared  with  height  of  the  step.  In  this  case,  it  has  been  shown 
theoretically  [2]  that  the  two-parameter  problem  reduces  to  a one- 
parameter  problem. 

The  present  work  is  concerned  with  the  region  B and  it  will  be  shown 
that  here  also  the  two-parameter  characterization  can  be  reduced  to  a 
single  parameter  problem.  The  Figure  also  shows  the  region  outlined  by 
the  dashed  line  in  which  measurements  have  been  taken  by  other  authors. 
Measurements  taken  at  the  Ruhr  University  are  included  in  this  region. 

The  measurements  were  taken  by  Dipl.-Ing.  P.  Wauschkuhn  at  the  Ruhr  Uni- 
versity in  Bochum.  The  explicit  purpose  of  these  experiments  was  to  obtain 
data  on  small  turbulent  separation  bubbles. 
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The  following  work  treats  the  flow  along  a flat  plate  in  which  the  sur- 
face is  distorted  by  an  indentation  or  a step.  The  surface  distortions 
result  in  a disturbance  of  the  boundary  layer  and  possibly  a local  sepa- 
ration. It  will  be  shown  later  that  an  important  distinction  has  to  be 
made  between  a finite  surface  distortion  such  as  indentation  (see  Figure 
2a)  or  an  infinite  distortion  such  as  a backward-facing  step  (see  Figure 
2b). 


A 

; 

'A 

j 


The  present  work  is  concerned  primarily  with  the  case  of  the  backward 
facing  step  as  a typical  example  for  a surface  disturbance  or  excrescence. 
Although  the  turbulent  boundary  layer  has  the  greatest  practical  sig- 
nificance, the  laminar  flow  case  is  also  treated  because  of  its  funda- 
mental importance  and  for  completeness. 

2.  Mathematical  Formulation 


Consider  the  surface  of  the  excrescence  to  be  given  by  a function  HF(x) 
(See  Figure  2).  F(x)  is  a dimensionless  and  generally  positive  function. 
In  the  case  of  the  step,  F(x)  is  a step  function  with  a unitstep.  All 
distances  are  nondimensionalized  by  a characteristic  length  L which  will 
be  specified  later  but  has  straightforward  relationship  to  Lq,  the  dis- 
tance to  the  leading  edge.  The  flow  velocities  are  non-dimens ionalized 
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by  the  external  flow  velocity,^,  and  the  pressure  difference  with  respect 
to  the  undisturbed  pressure  is  non-dimensionalized  by  half  the  stagnation 
pressure,  pU2  . For  turbulent  flow,  the  Reynolds  stresses  are  non-dimension- 
alized by  the  ficticious  wall  shear  stress,  t , which  would  obtain  if  no 

wo 

surface  distortion  occurred. 


The  following  system  of  equations  describe  the  flow  behavior  if  the  as- 
sumptions of  stationary,  two-dimensional  and  incompressible  flow  are 
involved . 


3u  3u 

u — + v — 
3x  3y 


3v  3v 

u - — + v — 
3x  3y 


3u  3v 
3x  + 3y  ~ ° 


i -2  -.2  C 3o  3t 

+ -L  ( i-“  + if")  + _I2  (_JL  + 

3x  Re  1 3x2  3y2;  2 ' 3x  3y 


3p  1 ,32v  32v. 
3y  Re  l3x2  3y2J 


The  boundary  conditions  for  this  system  are  given  by: 


x = - «® 


u = u0(y) 


y ■+  oo  : 


F(x):  u = o , v = o 


u = 1 


Insertion  of  Eqn.  (5)  in  Eqs.  (1H3)  and  collection  of  terms  of  similar 
order  in  H/L  yields  a system  of  equations  for  the  perturbed  flow: 


The  condition  x * designates  a location  sufficiently  upstream  of  the 

surface  distortion  so  that  an  undisturbed  flatplate  boundary  layer  pro- 
file Ug(y)  will  obtain.  In  addition  to  the  velocity  profile  ug(y)  and  the  sur- 
face distortion  function  F(x),  the  following  dimensionless  parameters 
characterize  the  flow  problem: 


a) 

relative  distortion  height 

H/L 

b) 

Reynolds  Number 

Re  = umL/v 

or 

2t 

w 

e) 

Skin  Friction  coefficient 

eg 

8 

3 

ii 

«m° 

u 

An  explicit  relationship  exists  between  Re  and  C ^ Because  only  small 
values  of  H/L  are  considered,  a small  perturbation  solution  is  employed. 
The  work  of  Lighthill  (3)  and  Inger  (4-7)  is  followed  here.  The  solu- 
tions of  the  dependent  variables  are  assumed  to  be  expansions  as  follows: 


Vy) 


+ r u'(x,y)  + .. . 

L 


- v'(x,y)  + . . . 


- P' (x,y)  + ... 


xy 


x D<y>  + r (x,y)  + ... 
xyB  L xy 


(5) 


E°;(x'y,  + 


r%(x'y)  + 
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Of  particular  importance  is  the  new  boundary  condition  for  u'  on  the  boun- 
dary y ■ 0.  Instead  of  the  no-slip  condition,  i.e.,  u = 0 for  y = -HF/L,  the 
velocity  component  u*  assures  a finite,  generally  positive  value  along  y = 0. 

This  condition  results  directly  from  the  Taylor  Series  expansion  for  u: 


u(y)  = u (o)  + (^)y=c  y 


(10) 


u (-  = U (o)  + u'(o) 

L 8 L 


du 

(-X2-)  j-  F(x) 
dy  y=o  L 


, . = o 


(11) 


Because  Ug(o)  ~ 0 , the  boundary  condition  given  above  is  obtained. 

Th&  flow  along  a wall  with  a small  contour  change  is  equivalent  to  the 
flow  along  an  undisturbed  wall  which  is  moving  in  the  flow  direction  in 
the  neighborhood  of  the  contour  disturbance . 

Figure  3 demonstrates  the  equivalence  of  the  two  flows.  The  velocity 
profile  of  the  undisturbed  flow  satisfies  the  noslip  condition  for  x<0, 
but  not  on  the  wall  downstream  of  the  step.  There  it  can  be  seen  that  a 
negative  velocity  exists  at  the  level  of  the  step  height.  This  velocity 
component  is  compensated  for  by  the  perturbed  flow.  The  fact  that  the 
velocity  is  compensated  on  the  y =0  line  rather  than  on  the  wall  consti- 
tutes an  error  that  is  of  higher  order  and  can  be  neglected. 
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In  the  formulation  of  Eqns.  (6) -(9),  assumption  was  made  that  the  original 
velocity  profile  was  not  changed  in  the  region  of  the  wall  disturbance. 

The  disturbance  due  to  the  backwardfacing  step  results  in  a new  asymptotic 
velocity  profile  (independent  of  x)  that  must  be  achieved  before  signifi- 
cant change  in  the  original  velocity  profile  on  the  wall. 

This  requires  that  certain  assumptions  regarding  the  length  of  the  dis- 
turbance (length  of  the  distortion)  be  made  which  are  different  for  lami- 
nar and  turbulent  flows.  The  coordinate  stretching  will  be  discussed  in 
detail  later,  lhe  height  of  the  distortion  or  step  H is  clearly  also  de- 
pendent on  this  condition.  The  basis  for  a perturbation  analysis  depends 

on  the  fact  that  both  the  ratio  H/L  and  the  local  variation  in  the  con- 

o 

tour  of  the  wall  distortion  be  very  small.  In  principle,  a perturbation 
analysis  is  not  valid  for  the  case  of  a backwardfacing  step.  Either  the 
corner  must  be  smoothed  out  or  left  out  of  the  calculation  because  a 
perturbation  analysis  yields  a singularity  at  the  edge  of  the  step. 


3.  The  Basic  Flow 

Both  laminar  and  turbulent  flows  will  be  treated  simultaneously  in  the 
following  section.  The  basic  equations  will  be  transformed  to  a coor- 
dinate system  referred  to  the  boundary  layer  thickness  . In  this 
coordinate  system,  the  velocity  profile  ir  (y / 6 ) of  the  basic  flow  is  given. 
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The  velocity  profile  Is  different  for  laminar  and  turbulent  flows. 


In  the  neighborhood  of  the  wall,  the  profile  can  be  replaced  approximately 
by  its  tangent  as  follows: 

u (y)  = u 2 5 Rey  y « 1.  (12) 

B TO 

o 


represents  the  friction  velocity  of  the  basic  flow. 

The  equation  set  (6) -(9)  are  recast  using  the  following  coordinate  trans- 
formation: 


(14) 


Distances  in  this  coordinate  system  are  then  of  the  order  of  the  boun- 
dary layer  thickness. 
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The  following  equations  result 


3u' 

+ . dUB 

. iRl 

3x 

dy 

3x 

- 3v' 

uR  (y>  ~ 

B 3x 


1 

5 R 
o 


3x2  3y2 


f 3o'  3t 

+ -Y-  i-r  + -=*> 

3x  3y 


3y 


6 Fe  -2 
o 3x^ 


,32v'  32v'i 

( + ; 


3y- 


(15) 


(16) 


f 3t"  3o' 

♦ <“f*)  + 

3x  3y 


3u'  3v' 


3x 


3y 


(17) 


The  boundary  conditions  are: 


No  Information  is  necessary  to  describe  the  Reynolds  stresses.  The  outer 
flow  is  frictionless  and,  in  the  inner  solution,  the  Reynolds  stresses 
are  also  negligible  if  the  step  height  is  of  the  order  of  the  thickness 
of  the  viscous  sublayer. 
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4.  Inner  Solution 

It  is  to  be  expected  that  the  solution  of  the  system  of  equations  (15)- 
(17)  for  the  case  of  large  Reynolds  numbers  will  exhibit  boundary  layer 
properties,  i.e.,  the  change  in  flow  properties  is  much  greater  normal  to 
the  wall  than  parallel  to  the  wall.  Since  the  disturbance  is  limited  to 
the  neighborhood  of  the  wall,  Ug(y)  can  be  written; 


UB  (y)  = Ut  5o  Re  Y 
o 


(19) 


In  order  to  solve  Eqns.  (15)-(17)  near  the  wall,  the  following  transfer 
mations  are  introduced: 


Eliminating  u and  p from  Eqns.  (22 )— (2 A ) yields  a differential  equation 
for  V: 

- 3 3v  _ 3^v  <26) 

y 3x3y2-  3y4 


with  the  boundary  conditions 
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The  solution  of  Eqn.  (26)  yields  v(x,y)  and,  in  particular,  the  displacement 
contour  yD(x) . The  outer  flow  behaves  as  if  yD(x)  were  a solid  wall. 
Therefore,  the  matching  with  the  outer  flow  is  given  by  the  boundary  of  the 
displacement  contour  yD(x)  , i.e.  along  the  line  given  by 


yD(x)  = e yQ(x) 


x = x. 


(29) 


The  friction  coefficient  is  then  given  by 


JL  = 1 + H _L_  (lH) - 

c.  l 6 e ®y,y=o 

f o 

o 


(30) 


5.  Outer  Flow 

If  the  viscous  terms  are  neglected  in  Eqn.  (15)  and  (16)  and  u'  and 
v'  are  eliminated  from  Eqns.  (15)-(17),  a differential  equation  for  the 
pressure  p'  (x,y)  results 


A P' 


2_ 

Ugty)  dy  3y 


(31) 


where  A is  the  Laplacian 


3^  ( 


3xv 


(32) 


3y 
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The  flow  field  associated  with  this  system  generally  exhibits  vorticity 


a 


The  outer  flow  behaves  as  if  a solid  wall  existed  at  y ■ y0(x)  » 
where  y0(x)  is  the  displacement  thickness  contour  of  the  inner  solution 


Because  of  the  scaling  y0«  yD/e,  the  pressure  is  given  by 


f 

* 


6.  Base  Pressure 


It  has  been  shown  that  the  results  for  laminar  and  turbulent  flows 
have  the  same  formal  structure.  However,  because  of  the  different  boun- 
dary layer  profile  u in  the  outer  flow,  the  base  pressure  p(x,o)  will  not 

b 

be  the  same  for  the  laminar  and  turbulent  cases.  In  the  laminar  case: 


u2  5 Re  = -~3-2  • — Re  = 1.56 
To  ° & ^ 


The  base  pressure  coefficient  c^g  is  given  by: 


H „ -1/6  p (o,o) 
C = - Re 
pB  L 


(laminar) 


A preliminary  calculation  shows  that  p(o,o)  ■ 2.6  in  the  case  of  laminar  flow. 


In  the  turbulent  case,  the  expressions  for  the  drag  coefficient  is: 


C b 5oE 

C * = Re  *2  • p(o,o) 

D u2  T u 

T To 
where 
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TURBULENT  BOUNDARY  LAYER  INTERACTIONS  - 
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ABSTRACT 


An  extensive  experimental  investigation  has  been  made  of 
three-dimensional  blunted  fin-induced  shock  wave  turbulent  boun- 
dary layer  interactions.  Surface  pressures,  heat  transfer  rate 
distributions  and  oil  streak  patterns  were  obtained  over  a range 
of  fin  bluntnesses  and  incidences  for  two  different  incoming 
boundary  layers.  These  incoming  boundary  layers  had  mean  thick- 
nesses in  the  ratio  of  approximately  4:1.  All  the  measurements 
were  made  at  a freestream  Mach  number  of  3,  a unit  Reynolds  num- 
ber of  6.2  x I 07  m * (1.6  x I 0^  in  *)  and  with  near  adiabatic 

wall  conditions. 
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Preliminary  analysis  of  these  data  indicates  that,  in 
the  region  of  the  interaction  where  the  f reestream  shock  wave 
shape  is  dominated  by  the  fin  nose  bluntness,  the  surface  pro- 
perty distributions  correlate  using  purely  geometric  parameters, 
in  sharp  contrast  to  its  two-dimensional  counterpart,  which  is 
a highly  Reynolds  number  dependent  viscous  phenomenon,  the  cur- 
rent results  indicate  that  the  three-dimensional  case  is  governed 
by  essentially  inviscid  mechanisms. 

NOMENCLATURE 

D shock  generator  leading  edge  bluntness  diameter  = DIA 

P static  pressure  = PSTATIC 

Pw  static  pressure  at  the  wall  = PWALL 

M Mach  number 

Re  freestream  unit  Reynolds  number 

X coordinate  parallel  to  the  tunnel  axis  measured  from 

furthest  point  forward  of  freestream  shock  wave 

Xs  distance  along  instrumentation  line  measured  from  the 

freestream  shock  wave  location 

Y coordinate  norma  I to  the  X axis  in  plane  of  test  surface 

measured  from  leading  edge  of  shock  generator 

cxq  geometric  shock  generator  incidence 

6 boundary  layer  thickness  at  start  of  interaction  pres- 

sure rise  = DELTA 

Subscripts: 

00  freestream  conditions 
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I NTRODUCT I ON 


Two-dimensional  shock  wave  boundary  layer  interactions 
have  been  studied  extensively,  both  experimentally  and  theor- 
etically, over  a wide  range  of  conditions,  and  are  now  reasonably 
well  understood.  In  sharp  contrast,  the  three-dimensional  inter- 
action has  received  little  attention,  despite  its  obviously  im- 

. 

portant  practical  significance.  The  gross  effects  of  systematic 
geometric  and  freestream  parameter  changes  are  known  but  as  yet 
no  widely  applicable  physical  flow  field  model  has  been  devised 
and  va I i dated . 

Experimentally,  neglect  of  the  three-dimensional  inter- 
action has  resulted  mainly  from  the  difficulties  of  resolving 
the  flowfield.  Extensive  surface  instrumentation  is  needed  and 
optical  flow  visualization  methods,  suitable  for  two-dimensional 
flowfields,  cannot  be  used.  Flowfield  details  must  be  obtained 
through  the  difficult,  expensive  and  time  consuming  task  of 
probing.  Neglect  has  also  been  partially  fostered  by  the  cur- 
rent computational  thrust  to  model  the  two-dimensional  inter- 
action, which  has  directed  considerable  experimental  effort  into 
obtaining  high  quality  detailed  measurements  for  comparison  with 
pred i ct i ons . 

i 

Several  experimental  studies  have  examined  three- 
dimensional  fin  induced  i nteract  i ons , using  both  sharp  (i.e.  Refs. 

1-7)  and  blunted  leading  edges  (i.e.  Refs.  8-15).  In  the  major- 
ity of  blunted  investigations,  attention  was  focussed  on  the 


region  ahead  of  and  around  the  fin  nose,  with  little  data  being 


taken  in  the  area  outboard  of  the  main  body  of  the  fin.  Flow- 
field  models  have  been  proposed  (i.e.  Refs.  5,8,16),  but  apart 
from  that  of  Oskam  (Refs.  1-3)  for  the  sharp  leading  edged  fin, 
they  were  mainly  derived  from  surface  oil  flow  patterns,  which 
in  three  dimensions  is  a highly  questionable  approach. 

The  current  experimental  investigation,  planned  as  the 
first  stage  of  a con+inuing  program,  is  a major  extension  of 
earlier  three-dimensional  studies  (Refs.  1-3)  carried  out  at 
the  Gas  Dynamics  Laboratory  using  a sharp  leading  edged  gener- 
ator. A schematic  of  the  arrangement  studied,  showing  the  re- 
gion of  the  interaction  where  measurements  were  made,  is  shown 
in  Fig.  I.  In  the  first  phase  of  this  program,  reported  on 
briefly  here,  an  extensive  parametric  study  of  three-dimensional 
blunted  fin  induced  shock  wave  turbulent  boundary  layer  inter- 
actions has  been  made.  Surface  property  distributions  have 
been  measured  over  a wide  range  of  fin  bluntnesses  and  incidences 
for  two  different  incoming  boundary  layers.  These  boundary  layers 
were  generated  on  two  model  configurations  and  had  thicknesses 
in  the  ratio  of  about  4:1. 

The  large  amount  of  data  from  this  study  has  been  set  up 
in  computer  compatible  form  suitable  for  detailed  analysis. 

This  current  paper  briefly  describes  the  experimental  program 


and  presents  details  of  the  preliminary  analysis  carried  out  so 
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2. 


EXPERIMENTAL  PROGRAM 


2 . I Wind  Tunnel  Fac i I i ty 

The  experimental  study  was  carried  out  in  the  Princeton 
University  high  Reynolds  number  supersonic  blowdown  wind  tunnel. 
This  tunnel  has  a working  section  20  cm  x 20  cm  (8  in.  x 8 in.). 


a nominal  freestream  Mach  number  of  3 and  may  be  operated  at 


5 ~ 2 6 

stagnation  pressures  in  the  range  of  4 x 10  Nm  to  3.4  x 10 


-2 


Nm  (60  psia  to  500  psia). 


n this  study  al I tests  were  carried  out  at  a stagnation 


5 -2 

pressure  of  6.8  x 10  Nm  (100  psia)  corresponding  to  a free- 


stream unit  Reynolds  number  of  6.3  x 10^  m * (1.6  x I 0^  in  '). 


The  models  were  at  near  adiabatic  wall  conditions  for  all  tests, 


2 . 2 Model  Configurations 

Two  model  configurations  formed  the  basis  of  this  exper- 
imental investigation  and  are  shown  schematically  in  Fig.  2. 

The  Model  I configuration  used  the  boundary  layer  devel- 
oping on  the  tunnel  wall.  This  is  a two-dimensional  fully  tur- 
bulent boundary  layer  with  a thickness  6 - 1.27  cm  (.5  in.)  in 
the  region  of  the  interaction.  The  shock  generator  used  spanned 
the  tunnel  vertically  and  was  25.4  cm  (10  in.)  in  length.  A 
screw  drive  mechanism  allowed  manual  adjustment  of  the  angle  of 
incidence  by  an  external  drive  wheel.  Four  blunt  leading  edges 
were  used  with  the  thick  boundary  layer  study. 
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The  Model  2 configuration  made  use  of  the  boundary  layer 
developing  on  a sharp  leading  edged  plate  which  spanned  the 
tunnel  horizontally.  The  incoming  two-dimensional  fully  turbu- 
lent boundary  layer  had  developed  over  a distance  of  about  30  cm 
(=  12  in.)  to  a thickness  6 = .38  cm  (.15  in.)  in  the  region 

of  the  interaction.  The  shock  generator  for  the  Model  2 con- 
figuration was  held  and  controlled  in  the  same  manner  as  that 
of  Model  I.  As  i n the  Model  I study,  interactions  generated  by 
four  blunt  leading  edges  were  examined. 

The  leading  edge  diameters  and  locations  of  pressure  tap- 
ping rows  for  both  model  configurations  are  given  in  the  test 
matrix  of  Fig.  3.  The  coordinate  system  used  in  the  presenta- 
tion of  the  data  is  shown  in  Fig.  4. 


> 

<•1 


2 . 3 Incoming  Boundary  Layers 

The  tunnel  floor  boundary  layer,  which  served  as  the  in- 
coming layer  for  the  Model  I study,  was  examined  in  detail  with 
both  pitot  and  total  temperature  probes  when  the  tunnel  was  put 
into  operation  in  1971.  Calibrations  spanning  the  available 
stagnation  pressures  were  made  along  the  entire  length  of  the 
test  section  (2.7  m ).  A spanwise  and  streamwise  examination 
of  these  data  within  the  framework  of  the  law  of  the  wall  com- 
bined with  Coles  wake  law  showed  the  boundary  layer  to  be  a 
fully  turbulent,  two-dimensional  equilibrium  layer. 

Pitot  surveys  were  also  made  at  spanwise  and  streamwise 
locations  in  the  boundary  layer  developing  on  the  flat  plate  of 


\ 
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the  Model  2 configuration.  Analysis  showed  these  incoming  pro- 
files to  be  those  of  a fully  turbulent,  two-dimensional  equili- 
brium turbulent  boundary  layer. 


2 . 4  Shock  Wave  Shape  Determination 

Of  primary  importance  in  this  study  was  a knowledge  of 
the  freestream  shock  wave  locations.  Shadow  photographs  were 
taken  of  aluminum  dummy  models  which  spanned  the  range  of  blunt- 
nesses and  incidences  encountered  in  the  test  program.  The  X-Y 
coordinates  of  the  shock  waves  were  read  from  the  shadowgraph 
negatives.  From  these  data,  the  locations  of  the  freestream 
shock  wave  with  respect  to  instrumentation  stations  could  be 
determined  for  all  experimental  measurements  conducted. 


<i 


2 . 5  Surface  Pressure  Distributions 

For  both  the  Model  I and  Model  2 con f i gura t i on s , surface 
pressure  distributions  were  measured  along  four  tapping  rows. 
Each  row  consisted  of  about  50  tappings  in  a line  parallel  to 
the  undisturbed  free  stream.  The  locations  of  these  instru- 
mentation rows  have  been  shown  previously  in  the  test  matrix, 
Fig.  3. 


2 . 6  Surface  Oil  Flow  Patterns 

Photographs  of  surface  oil  flow  patterns  were  taken  for 
all  interactions  studied.  These  were  obtained  by  using  a low 
viscosity  commercial  oil  as  a vehicle  for  a powdered  fluorescent 
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dye.  The  tunnel  was  started  and  the  shock  generator  set  at 
the  desired  incidence.  Once  a steady  flow  pattern  was  esta- 
blished, usually  10  to  20  seconds,  the  photograph  was  taken. 

The  extent  of  the  interactions  obtainable  in  the  down- 
stream direction  was  limited  by  the  trailing  edge  expansion 
from  the  shock  generator  and/or  the  reflection  of  the  shock- 
wave  from  the  opposite  tunnel  wall. 

2 . 7 Estimated  Measurement  Uncertainties 

The  shadowgraph  technique  employed  allowed  for  deter- 
mination of  the  shock  location  to  an  accuracy  of  + .13  cm.  (.05 
in.).  The  shock  generator  deflection  angle  is  considered  to  be 
accurate  to  +_  .05°.  The  overall  uncertainty  of  the  static  pres- 
sure data  is  less  than  +_  2%  of  the  upstream  static  pressure 
level.  Surface  oil  flow  angles  are  accurate  to  within  +_  2°. 

Al I measurements  in  the  test  program  were  made  under  the  assump- 
tion that  flow  variables  remained  "steady"  at  any  fixed  point 
within  the  interaction.  No  time  resolved  measurements  were 
made  to  confirm  or  invalidate  this  assumption,  although  no  un- 
steadiness was  observed  in  the  measurements  taken. 

3.  DISCUSSION  OF  DATA  AND  PRELIMINARY  ANALYSIS 


3. 


General  Considerations 


Only  a preliminary  analysis  of  the  measurements  has  been 
made,  with  emphasis  on  the  surface  pressure  and  oil  streak  pat- 
terns for  the  several  blunted  cases.  No  comparisons  are  presented 


1 


302 


k 


between  data  from  the  sharp  and  blunted  leading  edge  studies, 
because  of  the  lack,  at  this  time,  of  accurate  shock  shapes 
for  the  sharp  case. 

3 . 2 Shock  Shapes 

Figure  5 shows  the  shock  shapes  for  fin  incidences  of  0° 
and  10°  plotted  in  the  form  Y/D  vs.  X/D  on  logarithmic  scales. 
The  2/3  power  law  relationship  for  shock  shape,  developed  from 
blast  wave  theory,  appl  ies  we  I I from  2 to  10  tip  diameters  down- 
stream of  the  fin  leading  edge.  In  this  region  the  shock  shape 
is  determined  by  the  leading  edge  geometry  and  is  not  influenced 
by  incidence,  up  to  at  least  10°.  The  balance  between  the  fin 
nose  geometry  and  fin  incidence  in  determining  shock  shape  is 
apparent  from  the  schematic  of  Fig.  6.  In  the  nose  region,  the 
shock  shape  is  dominated  by  the  fin  leading  edge  geometry. 
Incidence  becomes  progress  i ve I y more  important  with  increasing 
distance  outboard. 

In  this  exploratory  analysis,  surface  pressure  and  oil 
streak  patterns  are  shown  at  two  locations  on  the  shock  shape 
plot  of  Fig.  5.  The  locations  examined  correspond  to  Y/D's  of 
about  9 and  31.  A Y/D  of  9 is  in  the  region  where  the  free- 
stream  shock  shape  is  determined  by  the  fin  nose  geometry, 
whereas  at  Y/D  of  31,  the  incidence  is  also  an  important  para- 
meter . 
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3 . 3 Surface  Pressure  Distributions 

Similarly  to  the  analysis  of  two-dimensional  interactions 
an  attempt  was  made  to  correlate  the  data  using  the  incoming 
boundary  layer  thickness  6 as  a scaling  parameter.  For  a 
fixed  Y/6  , comparisons  in  terms  of  X s / 6 were  made  of  pres- 
sure distributions  from  the  Model  I and  2 conf i gurat i ons . No 
correlation  of  the  data  was  obtained  in  this  coordinate  system. 

In  this  type  of  three-dimensional  interaction,  the  incoming 
boundary  layer  thickness  alone  is  not  a suitable  scaling  para- 
meter . 

The  behavior  of  the  freestream  shock  shapes  suggested 
using  the  fin  leading  edge  bluntness  diameter  D as  a scaling 
parameter.  Use  of  D resulted  in  a good  correlation  of  the  data. 
Figures  7,  8 and  9 each  show  five  pressure  distributions  plotted 
as  a function  of  Xs  , Xs/6  and  Xs/D  respectively.  These 
distributions  correspond  to  a mean  Y/D  of  8.7  and  are  for  a fin 
incidence  of  10°.  Four  distributions  are  from  the  Model  I (thick 
boundary  layer)  study  with  the  other  from  the  Model  2 study  (thin 
boundary  layer).  Each  distribution  is  for  a different  value  of 
Y and  D,  with  the  only  common  factor,  a purely  geometric  one, 
being  that  the  ratio  Y/D  for  each  one  is  close  to  8.7. 

These  figures  show  that  for  a fixed  Y/D  the  data  corre- 
late reasonably  well  when  plotted  in  terms  of  Xs/D.  A similar 
series  of  plots,  as  shown  in  Figs.  7 to  9 was  constructed  over 
the  entire  incidence  range  for  this  same  value  of  Y/D.  In  all 
cases  a good  correlation  was  obtained  when  scaled  by  D.  Other 
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checks  made  at  a Y/D  of  about  4 also  resulted  in  a good  corre- 
lation when  plotted  in  terms  of  Xs/D.  The  predominantly  invis- 
cid  character  of  the  interaction  in  this  region  is  forcefully 
illustrated  by  this  correlation.  Pressure  distributions  in 
this  region  are  not  influenced  by  large  variations  in  incoming 
boundary  layer  thickness,  in  this  case  greater  than  4:1,  and 
can  be  correlated  in  terms  of  purely  geometric  parameters. 

In  Fig.  9,  the  data  for  a fin  bluntness  D of  .318  cm 
(.125  in.)  tend  to  diverge  from  the  main  body  of  data  at  about 
6D  downstream  of  the  freestream  shock  wave  location  (Xs  = 0). 

The  ratio  of  D/6  for  this  case  was  about  0.25.  There  is  the 
possibility  that  a critical  value  of  D/6  exists,  probably  around 
0.25,  below  which  good  seal i ng  in  terms  of  D breaks  down.  Some 
measurements  from  this  study  and  others  (Ref.  10)  provide  some 
tentative  support,  but  these  data  are  insufficient  to  either 
fully  substantiate  or  refute  this  possibility.  Experiments 
planned  for  the  next  phase  of  this  study  should  clarify  this 
point. 

All  of  the  data  shown  in  Figs.  7 to  9 fall  in  the  region 
of  the  interaction  where  the  freestream  shock  wave  shape  is 
dominated  by  the  fin  nose.  A second  series  of  pressure  distri- 
butions, plotted  as  functions  of  Xs  , Xs/6  and  Xs/D  has  been 
made  at  a Y/D  of  31.  These  are  shown  in  Figs.  10,  II  and  12, 
respectively.  Here,  both  the  fin  nose  and  incidence  determine 
the  shock  wave  shape.  In  these  figures  four  distributions  are 
from  the  Model  2 study  and  one  from  the  Model  I study. 
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The  correlation  of  the  data  is  poor  compared  to  that  obtained 
at  a Y/D  of  8.7.  With  increasing  distance  along  the  shock 
wave  (in  terms  of  D)  the  strongly  inviscid  nature  of  the  inter- 
action  starts  to  change. 

Further  experimental  evidence  supporting  the  premise  that 
the  interaction  is  governed  by  a predominantly  inviscid  mechanism 
is  shown  in  Fig.  13.  These  two  pressure  distributions  were  ob- 
tained from  the  Model  I and  2 configurations  and  had  approximately 
the  same  values  of  Y and  D,  but  the  incoming  boundary  layers  had 
thicknesses  in  the  ratio  of  about  4:1.  A good  correlation  of  the 
data  is  obtained  when  plotted  as  a function  of  absolute  distance 
Xs  alone.  In  terms  of  incoming  boundary  layer  thicknesses,  the 
streamwise  extents  of  these  interactions  are  about  166  and  556 
whereas  in  absolute  terms  they  have  the  same  length,  namely  about 
20  cm . 

Comparison  of  the  present  results  with  other  investiga- 
tions is  difficult  since  few  studies  have  been  made  under  similar 
conditions,  and  of  these,  the  emphasis  has  been  on  the  region 
around  and  ahead  of  the  nose.  However,  some  comparisons  have 


been  made  with  measurements  made  by  Price  and  Stallings  (Ref. 10) 
at  the  same  freestream  Mach  number  but  with  an  incoming  boundary 
layer  15  cm.  thick.  These  data  are  for  an  incidence  of  0°  and 
for  a hem i c y I i nd r i ca I I y blunted  fin  swept  back  through  12.9°. 


Figure  14  shows  a comparison  of  these  data  with  the  Model  I con- 
figuration at  a Y/D  of  4.3.  The  incoming  boundary  layer  thick- 
nesses are  in  the  ratio  of  about  12:1. 


In  this  comparison  it  should  be  noted  that  Price  and 
Stallings'  data  were  generated  by  a sweptback  fin,  which  shifts 
the  interaction  back  an  amount  estimated  by  them  to  be  about  ID. 
Consequently,  adjustment  of  the  data  to  account  for  sweepback 
would  tend  to  bring  the  two  distributions  closer  to  a collapse. 
As  seen  above,  the  Model  I and  2 data  correlate  we  I I in  this 
region  for  incoming  boundary  layer  thicknesses  in  the  ratio  of 
about  4:1.  Noting  this  and  comparing  the  Model  I data  with 
those  of  Price  and  Stallings  in  Fig.  14,  it  would  seem  that  the 
pressure  distribution  does  not  change  significantly  for  incoming 
boundary  layers  having  thicknesses  in  the  ratio  of  about  40:1. 


3 . 4 Oil  Flow  Patterns 

The  test  matrix  for  surface  oil  streak  patterns  was  iden- 
tical to  that  for  surface  pressure  distributions  (Fig.  3).  Oil 
flow  photographs  were  taken  with  the  pressure  plates  as  the  test 


surface,  using  the  tapping  locations  as  points  of  reference . 


Surface  flow  angles  have  been  examined  for  values  of  Y/D  of 


approximately  8.7  and  31  to  check  whether  or  not  they  would  scale 
in  the  same  way  as  the  pressure  data. 

Surface  flow  angles  at  Y/D  - 8.7  for  a shock  generator 
incidence  of  10°  are  shown  in  Figs.  15  and  16  in  Xs/S  and  Xs/D 


coordinates,  respectively.  Scaling  by  6 does  not  correlate 
the  curves.  Plotted  in  terms  of  Xs/D,  the  correlation  of  the 
data  is  excellent  and  is  consistent  with  the  surface  pressure 
data  from  identical  locations.  This  correlation  strongly  supports 
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use  of  D as  a seal ing  parameter  In  this  region  and  further 
demonstrates  the  i nv i sc i d character  of  this  type  of  three- 
dimensional  interaction. 

Figures  17  and  18  show  surface  oil  flow  angles  at  a 
generator  angle  of  10°  for  the  five  sets  of  data  having  a Y/D 
of  about  31.  Again,  scaling  by  5 does  not  result  in  a corre- 
lation of  the  curves.  When  scaled  by  D,  the  scaling  is  superior 
to  that  offered  by  6 , but  it  is  much  poorer  than  that  at  Y/D 
= 8.7.  These  trends  with  Y/D  for  the  oil  flow  patterns  are  the 
same  as  those  noted  earlier  with  the  surface  pressure  distribu- 
tions. 

4,  CONCLUDING  REMARKS  ON  THE  PRELIMINARY  DATA  ANALYSIS 

From  the  exploratory  analysis  carried  out  so  far,  results 
have  emerged  which  have  provided  new  insight  into  the  nature  of 
different  regions  of  this  type  of  three-d  i mens  i ona I interaction. 

The  correlation  of  the  data  when  scaled  by  D,  even  for 
cases  having  markedly  different  incoming  boundary  layer  thick- 
nesses, shows  conclusively  the  predominantly  inviscid  character 
of  the  interaction.  This  conclusion  is  further  supported  by  the 
correlation  of  data  in  terms  of  absolute  distance  alone  for  con- 
figurations having  identical  geometries  but  with  incoming  boun- 
dary layers  of  different  thicknesses.  It  appears  that  this  type 
of  scaling  starts  to  break  down  with  increasing  distance  (in 
terms  of  D)  away  from  the  fin.  However,  it  would  seem  certain 
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that  use  of  the  incoming  boundary  layer  thickness  alone  as  a 
scaling  factor  is  inappropriate  in  any  region  of  the  interaction 
studied  thus  far. 


A physical  model  of  the  interaction  flowfield  has  not 
yet  been  developed,  since  only  surface  property  measurements  have 
been  made.  In  the  near  future  some  flow  visualization  techniques 
will  be  attempted  and  hopefully  the  results  should  assist  in  elu- 
cidating the  gross  physical  features  of  the  flowfield. 
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Two-Dimensional  Supersonic  Jet  Impingement  on  a Flat  Plate 
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Silver  Spring,  Maryland 

Abstract 

A study  of  the  flow  field  associated  with  a two-dimensional,  supersonic 
jet  impinging  normally  on  a flat  plate  is  reported.  Two  wedge  nozzles  manufac- 
tured at  the  design  Mach  numbers  of  1.75  and  2.75,  respectively,  were  used  to 
provide  the  jet.  Experimental  results  of  some  typical  pitot  surveys  of  the 
free  jet  are  first  presented  to  indicate  the  quality  of  free  jet  produced  by 
the  simple  nozzles.  Results  of  some  surface  pressure  measurements  and  the 
shock  measurements  of  the  impingement  flow  are  then  presented  and  discussed. 

A brief  description  of  an  approximate  theory  based  on  the  method  of  integral 
relations  is  also  included,  and  the  theory  is  used  to  compare  with  the 
experiment . 

1.  Introduction 

It  has  been  shown^that  the  impingement  of  a supersonic  jet  on  an  aero- 
dynamic surface  (e.g.,  the  control  fin  of  a missile)  represents  the  basic 
mechanism  responsible  for  the  most  severe  case  of  aerodynamic  heating  associated 
with  the  shock-interference  phenomena.  However,  a rational  and  practical  theory 
for  this  basic  problem  of  jet  impingement  appears  lacking  at  the  present  time 
and,  as  a consequence,  a reliable  and  practical  method  for  predicting  such 

heating  phenomena  is  not  yet  available.  To  be  sure,  there  have  been  recent 

(2  3) 

attempts  by  Tannehillv  ' ' to  solve  the  two-dimensional  shock  interference  flow 
field  and  the  associated  heat  transfer  problem  based  on  a time-dependent  finite- 
difference  solution  of  the  full  Navier-Stokes  equations.  Although  their  attempts 
are  ambitious  and  seemingly  successful,  the  strictly  numerical  nature  of  the 
approach  ant,  the  excessive  computer  time  required  for  a solution  only  reassert 
the  continuing  need  for  a simple,  analytical  method  for  providing  physical 
insight  into  the  phenomena  and  for  practical  use  in  the  design  studies.  It  is 
with  the  ultimate  objective  of  fulfilling  this  need  that  the  present  investiga- 
tion of  the  supersonic  jet-impingement  problem  is  undertaken.  Of  course,  the 
jet-impingement  flow  has  its  basic  importance  in  itself,  and  has  numerous  other 
appl ications . 


This  paper  reports  on  the  theoretical  and  experimental  results  of  the 
supersonic  jet-impingement  studies.  First,  an  approximate  theory  for  the  flow 
associated  with  an  inviscid,  supersonic,  isentropic  and  uniform  jet  impinging 
normally  on  a flat  plate  is  briefly  described.  Experimental  results  of  the 
jet-impingement  study  in  a two-dimensional  configuration  are  then  presented. 

Results  are  mainly  for  a jet  with  isentropic  condition  at  the  nozzle  exit. 

The  jet  was  produced  by  two  simple  wedge-nozzles  at  two  designed  Mach  numbers 
of  1.75  and  2.75,  respectively.  The  experimental  results  include  surface 
pressure  distributions  and  schlieren  photographs  of  the  shock  wave  patterns,  and 
the  results  are  compared  with  the  theory  whenever  appropriate.  Finally,  some 
conclusions  suggested  by  the  comparison  are  drawn  and  discussed.  Many  details 
are  omitted  to  conserve  space,  but  appear  in  Ref.  4. 

Related  experiments  of  supersonic  jet  impingement  flows  previously  reported 
include  the  work  of  Hunt  and  others  for  the  axisymmetric  jet  and  Pollard 

and  Bradbury  for  the  two-dimensional  jet.  The  work  of  Ref.  (7)  was  carried 
out  in  relation  to  V/STOL  applications,  and  the  emphasis  was  placed  on  the  case 
of  relatively  large  nozzle-to-surface  distances  when  turbulent  mixing  and  viscous 
entrainment  by  the  jet  were  important.  On  the  other  hand,  we  are  concerned  with 
the  situation  where  the  ratio  of  the  nozzle-to-surface  distance  to  the  nozzle 
exit  width  is  about  unity  and  the  viscous  effects  are  believed  to  be  of  secondary 
importance. 

2 . Description  of  Theory 

The  theoretical  computations  will  be  abstracted  briefly  here.  More  details 
are  available  in  Refs.  (4)  and  (8).  The  geometrical  arrangement  is  a plane  jet 
at  normal  impingement,  with  the  origin  of  the  coordinate  system  at  the  stagnation 
point  of  the  flat  surface.  The  problem  is  considered  to  be  steady  and  two- 
dimensional,  with  x-  and  y-axes  along  and  perpendicular  to  the  plate  surface, 
respectively,  and  the  free-stream  jet  flow  is  in  the  negative  y-direction.  For 
simplicity,  the  gas  is  assumed  to  be  inviscid  and  obeys  the  perfect  gas  law. 

Ahead  of  the  shock  wave,  the  jet  is  assumed  to  be  uniform  with  constant  static 
pressure  equal  to  the  ambient  value. 

The  scheme  III  of  the  method  of  integral  relations  (MIR)  was  used  in  the 
formulation  of  the  approximate  theory.  MIR  requires  that  the  governing  partial 
differential  equations  be  cast  into  divergence  form.  In  the  one-strip  formulation, 
we  have  employed  the  modified  continuity  equation  (obtained  by  combining  the 
relation  of  constant  entropv  along  streamlines,  the  energy  and  the  continuity 


' 
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equations).  Since  the  plate  surface  is  a streamline,  an  algebraic  relation 
between  the  surface  pressure  and  the  surface  velocity  can  be  obtained  to 
replace  the  x-momentum  equation.  The  other  governing  equations  are:  (i)  the 
energy  equation  (which  is  algebraic),  (ii)  the  v-momentum  equation,  (iii)  the 
geometric  relation  between  the  detachment  distance  of  the  shock  wave  (Ag)  and 
the  shock  angle  (ag),  and  (iv)  the  geometric  relation  between  the  detachment 
distance  of  the  wall  jet  (A^  ) and  the  angle  of  the  upper  boundary  of  the  wall 
jet  (a.).  All  angles  are  measured  relative  to  the  jet  direction.  The  flow 
field  can  be  divided  into  two  regions,  a shock-layer  region  (0  - x - 1)  and  a 
wall-jet  region  (1  i x - n),  where  x = x/R  (R  is  the  jet  half-width)  and  x = n 

is  the  location  of  the  sonic  point  on  the  plate  surface.  The  two  regions  are 

% 

related  by  the  requirements  that,  at  x = 1,  the  flow  variables  are  continuous, 

A = A., ‘and  o and  a.  are  governed  by  the  Prandtl-Meyer  expansion  relation. 

® J ® 1 ^ 

The  boundary  conditions  are:  the  symmetry  conditions  at  x = 0,  the  Rankine- 

Hugoniot  conditions  at  y = Ag,  and  the  constant  entropy  conditions  along  y = 0 

and  y = A . 

By  integrating  first  the  y-momentum  equation  and  the  modified  continuity 

'Vi  'V/ 

equation  across  the  shock  layer  and  then  from  x 5 0 to  x = 1,  we  obtain  a system 
of  nonlinear  algebraic  equations.  The  procedure  is  repeated  in  the  wall- jet 
region.  A regularity  condition  at  the  surface  sonic  point  is  imposed  to  close 
the  system.  Note  that  the  numerical  difficulty  of  satisfying  the  regularity 

f\j 

condition  at  x = n peculiar  to  the  scheme  I of  MIR  is  completely  avoided  in  the 
present  scheme. 

3.  Description  of  Experiment 

3. 1 Experimental  Hardware  and  Setup 
Two  stainless  steel  wedge  nozzles  were  manufactured  at  the  design  Mach 
numbers  of  1.75  and  2.75,  respectively,  to  provide  for  the  supersonic  jets  used 
in  the  experiment.  The  aerodynamic  design  of  the  nozzle  was  based  on  the  simple 
inviscid,  one-dimensional  flow  model  for  air  (perfect  gas,  y = 1.405).  The 
nozzles  have  the  same  exit  width  of  3.81  cm  (lh  in.)  and  the  same  exit  area  of 
3.81  cm  x 5.08  cm  (l1-}  in.  x 2 in.).  The  semi-wedge  angle  was  2°  13'  for  the 
Mach  1.75  nozzle,  and  5°  34'  for  the  Mach  2.75  nozzle.  A sketch  of  the  nozzle 
is  shown  in  Fig.  1. 
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The  test  plate  was  made  of  stainless  steel,  and  instrumented  with  a row  of 
five  pressure  taps  evenly  spaced  across  a 2.54  cm  (1  in.)  span  in  the  center 
portion  of  the  plate  (entire  plate  width  = 5.74  cm  (2.26  in.)).  The  pressure 
taps  were  aligned  in  the  depth  direction  of  the  nozzle  block  in  order  to 
determine  thf*  two-dimensionality  of  the  impingement  flow  field  in  the  experiment. 
Two  glass  ported  side  plates  were  rigidly  fixed  to  the  edges  of  test  plate  to 
constrain  the  flow  in  order  to  achieve  the  desired  two-dimensionality.  These 
side  plates  were  made  of  schlieren  quality  glass  so  that  photographs  could  be 
taken  of  the  impinging  jet  and  the  associated  shock  system. 

The  entire  test  plate/side  plates  assembly  was  connected  to  an  axial  traverse 

mechanism  with  controlled  translational  motion,  and  the  assemblv  was  made  to 

slide  relative  to  the  (stationary)  nozzle  during  the  measurement.  A continuous 
pressure  signature  on  the  test  plate  was  thus  recorded.  The  plate/nozzle  package 
used  in  the  experiment  is  shown  in  Fig.  2 (only  one  side  plate  is  shown). 

The  nozzle/plate  assembly  was  installed  in  the  test  section  of  the  Supersonic 

Wind  Tunnel  No.  2 at  the  Naval  Surface  Weapons  Center  with  the  nozzle  axis  aligned 
in  the  vertical  direction  perpendicular  to  the  (horizontal)  test  plate.  We  note 
that  the  primary  reason  for  choosing  this  facility  to  conduct  our  experiment  was 
to  take  advantage  of  the  existing  vacuum  capacity  of  the  tminel  to  control  the 
back  pressure  of  the  jet. 

A pitot  rake  assembly  was  designed  and  manufactured  with  five  0.159  cm 
(1/16  in.)  O.D.  stainless  steel  tubes  as  pitot  probes.  The  five  probes  were 
aligned  in  the  same  direction  as  the  pressure  taps  on  the  test  plate.  The 
probes  extended  vertically  upward  and  were  spaced  0.635  cm  (1/4  in.)  apart,  center 
to  center.  The  pitot  rake  was  used  to  survey  the  free  jet,  in  the  absence  of  the 
test  plate/side  plate  package.  When  surveying  the  free  jet,  the  rake  was  fastened 
to  the  axial  traverse  mechanism  of  the  wind  tunnel,  and  was  moved  across  the 
width  of  the  nozzle  exit  in  a controlled  manner. 

All  pressure  measurements  were  made  with  the  strain  gage  type  pressure  trans- 
ducers. The  stagnation  temperature  was  measured  with  a copper-constantan  thermo- 
couple referenced  to  0°C.  The  test  air  was  supplied  from  bottled-f illed  air 
normally  stored  at  pressure  up  to  3000  psia. 

3. 2 Experimental  Procedure 

The  experiment  with  each  nozzle  began  with  a pitot  survey  of  the  free  jet, 
using  the  pitot  rake  described  in  section  3.1,  to  establish  the  actual  Mach 
number  and  to  determine  the  uniformity  and  quality  of  the  two-dimensional  jet. 
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The  survey  was  made  at  two  distances  downstream  of  the  nozzle  exit,  ~ 0.3175  cm 
(1  in.),  in  an  effort  to  determine  any  possible  changes  in  the  properties  of  the 
jet  during  its  passage  through  the  quiescent  air.  For  each  value  of  A^,  two 
values  of  the  stagnation  pressure  were  used. 

Upon  completion  of  the  pitot  survey  of  a wedge  nozzle,  the  pitot  rake  was 
removed  from  the  test  cell  of  the  wind  tunnel,  and  the  test  plate/side  plate 
package  was  carefully  assembled  and  installed  in  the  test  chamber  for  surface 
pressure  measurements.  For  each  jet  Mach  number,  two  values  of  were  used  in 
measuring  the  surface  pressure  distribution. 

4 . Experimental  Results 

4 . 1 Free  Jet  Pitot  Survey 

Typical  results  of  the  pitot  survey  are  shown  in  Figs.  3 and  4.  In  these 
figures,  the  Mach  number  distribution  was  deduced  from  the  corresponding  pitot 
pressure  distribution  by  assuming  that  the  total  pressure  upstream  of  the  normal 
shock  of  the  pitot  tube  is  the  same  as  the  stagnation  pressure,  P^.  We  note 
that  the  Mach  number  distribution  of  the  free  jet  stays  practically  the  same 
further  downstream  at  = 2.54  cm  for  both  nozzles  (see  Ref.  (4)).  The  free  jet 
was  shown  to  be  uniform  in  both  width  and  depth  directions  to  about  5%  or  better 
for  both  Mach  numbers,  suggesting  the  good  quality  of  the  jet  produced  by  the 
simple  nozzles. 

4. 2 Surface  Pressure 

The  surface  pressure  results  for  nearly  isentropic  jet  impingement  are  shown 
in  Figs.  5 and  6,  corresponding  to  the  Mach  1.75  nozzle  and  Mach  2.75  nozzle, 
respectively. 

Fig.  5 summarizes  the  surface  pressure  data  obtained  in  the  test  with 
Nozzle  No.  1.  The  surface  pressure  was  measured  by  five  pressure  taps,  P^  through 
P,.  along  the  depth  of  the  nozzle.  Characteristically,  the  readings  of  the  three 
middle  taps,  P P^  and  P^  agreed  to  within  about  3%  in  the  region  of  interest, 
-11x^1,  and  the  readings  of  P^  and  P,.  generally  differed  by  6^10%  from  the 
three  middle  ones  in  this  region.  This  suggests  that  some  three-dimensional 
effects  were  still  present  despite  the  use  of  the  side  plates.  Therefore,  it 
was  decided  to  disregard  the  readings  of  P^  and  P^,  and  use  the  average  readings 
of  P^,  Pj  and  P^  for  the  surface  pressure  data.  This  was  the  procedure  used  in 
the  data  analysis  for  both  nozzles. 
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The  pressure  data  of  the  three  different  runs  with  A^  = 5.08  ctr.  are  seen  to 
agree  very  closely,  and  the  expected  symmetry  in  the  data  with  respect  to  the 
nozzle  symmetry  plane  is  clearly  visible.  Therefore,  the  good  quality  of  the 
experimental  results  and  their  high  reproducibility  seem  assured.  The  data 
with  A^  = 6.35  cm  are  also  included  in  Fig.  5 to  indicate  the  effect  of  A^ 
on  the  surface  pressure  distribution.  Note  that  in  the  ideal  case  of  a uniform, 
isentropic,  inviscid  jet  as  assumed  in  the  theory,  A^,  should  have  no  effect  on 
the  flow.  However,  in  the  experiment,  the  effect  seemed  to  exist  as  the  data 
showed  a distinct,  though  slight,  deviation  from  those  of  the  other  three  runs. 

The  effect  of  A^  on  surface  pressure  apparently  becomes  more  pronounced  for  an 
underexpanded  jet  (Ref.  (4)). 

Fig.  6 shows  the  results  of  surface  pressure  measurements  with  Nozzle  No.  2. 

As  can  be  seen,  the  expected  symmetry  of  the  pressure  distribution  and  the  close 
agreement  among  the  data  for  different  continue  to  exist  in  this  series  of 
test . 

4 . 3 Plate-Shock  Measurements 

The  schlieren  photographs  of  Run  23  and  Run  37  with  Nozzle  No.  1 show  the 
shock  wave  clearly,  and  were  used  to  measure  the  shock  shape  and  position.  The 
shock  measurements  made  from  the  photographs  are  shown  in  Fig.  7 where  A is  the 
vertical  distance  of  the  shock  measured  from  the  plate  surface.  The  results  of 
the  two  runs  appear  to  be  less  consistent  than  the  results  of  surface  pressure 
for  the  corresponding  runs.  We  only  note  here  that  the  results  of  the  shock 
measurement  in  the  Nozzle  No.  2 series  are  very  similar  to  those  of  the  Nozzle  No.  1 
series  (Ref.  (4)). 


5.  Discussion  and  Conclusion 

The  measured  surface  pressure  distribution  and  shock  wave  patterns  of  the 
impingement  flow  field  are  all  compared  with  the  theoretical  calculations. 

In  the  comparison  of  the  surface  pressure  results  (Figs.  5 and  6),  it  is 
seen  that  the  agreement  is  rather  unsatisfactory  if  the  theoretical  results  are 
based  on  the  average  free  jet  Mach  numbers,  M.  = 1.85  and  M.  = 2.77,  respectively, 
determined  from  the  pitot  surveys.  In  particular,  the  measured  surface  pressures 
at  the  stagnation  point  (x  = 0)  do  not  correspond  to  the  total  pressures  behind 
the  normal  shock  at  the  respective  free  jet  Mach  numbers.  This  discrepancy 
suggests  the  introduction  of  an  "effective"  jet  Mach  number,  j ) e f f ’ tbe 

impingement  flow.  (M.)gff  is  basecl  on  the  measured  surface  pressure  at  the 
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stagnation  point,  assuming  isentropic  flow  between  the  plate  and  the  downstream 
side  of  the  shock  caused  by  the  plate.  In  fact,  Gutraner  and  Hunt^^  based  the 
determination  of  their  jet  Mach  number  on  such  a pressure  measurement  in  their 
axisymmetric  jet  impingement  experiment,  in  the  absence  of  a pitot  survey  of 
the  free  jet.  The  "effective"  jet  Mach  number  was  found  to  be  2.10  in  the 
experiment  with  the  first  nozzle  and  2.60  in  the  experiment  with  the  second 
nozzle.  The  theoretical  surface  pressure  distributions  based  on  (Mj)ejj  show 
reasonably  good  agreement  with  the  measured  distributions,  especially  near  the 
stagnation  point  where  the  most  severe  heating  is  expected  to  take  place. 

In  view  of  the  uncertainties  and  nonuniformities  existing  in  the  ambient 
conditions  of  the  experiment,  notably  the  difficulty  in  maintaining  a uniform 
back  pressure  in  the  semi-confined  configuration  used  in  the  surface  pressure 
measurement,  it  is  difficult  to  expect  that  the  impinging  jet  had  a constant 
and  uniform  Mach  number  equal  to  that  of  the  freely  expanding  jet.  Other 
complications  such  as  viscous  effects  which  could  become  more  pronounced  in  a 
confined  space  than  in  an  open  space  could  also  contribute  to  the  deviation  of 
the  Mach  number  of  the  jet  from  its  free  expansion  value.  Therefore  the  use  of 
(Mj)^^  in  lieu  of  M^  in  the  comparison  between  theory  and  experiment  does  not 
seem  unjustified.  Note  that  differs  from  M^  only  by  about  7%  in  the 

Mach  2.77  experiment,  although  the  difference  is  in  the  reversed  direction 
relative  to  that  in  the  Mach  1.85  experiment. 

The  experimental  data  of  shock  measurements  are  not  as  consistent  as  the 
surface  pressure  data,  and  a considerable  data  scatter  can  be  seen.  The  scatter 
reflects,  among  other  things,  the  optical  difficulty  in  photographing  a flow 
field  of  a depth  of  5.74  cm  (the  width  of  the  test  plate).  The  shock  trace  can, 
at  best,  be  taken  as  the  projection  of  the  shock  envelope  averaged  over  the  field 
depth. 

The  measured  shock  height  is  greater  than  the  theoretical  predictions  based 
on  the  free  jet  Mach  number.  The  use  of  the  effective  Mach  number  would  improve 
the  agreement  for  the  Mach  2.77  case,  but  further  deteriorate  the  agreement  for 
the  Mach  1.85  case.  In  light  of  the  large  scatter  among  the  experimental  data 
themselves,  the  comparison  between  theory  and  experiment  on  the  shock  shapes  and 
locations  must  be  viewed  as  inconclusive  at  present.  It  provides  insufficient 
grounds  either  to  affirm  or  to  negate  the  concept  of  effective  jet  Mach  number. 

In  conclusion,  we  enumerate  the  following  observations  based  on  the  present 
study:  (1)  the  simple  wedge  nozzles  appear  adequate  for  providing  two-dimensional 
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free  jets  of  good  quality;  (2)  the  two-dimensionality  of  the  plate  pressure 
distribution  in  the  jet-impingement  experiment  was  achieved  in  the  center  portion 
of  the  plate  in  the  present  semi-confined  configuration;  (3)  the  semi-confined 
configuration  apparently  caused  the  Mach  number  of  the  impinging  jet  to  deviate 
from  its  value  based  on  the  free  expansion  condition,  and  the  "effective"  jet 
Mach  number  of  the  impinging  jet  could  be  determined  from  the  surface  pressure 
at  the  stagnation  point;  (4)  the  simple  approximate  theory  seems  adequate  to 
predict  the  pressure  distribution  on  the  plate  surface;  and  (5)  the  considerable 
scatter  in  the  measured  shock  shape  and  location  makes  it  difficult  to  draw  any 
definitive  conclusions  from  the  comparison  between  theory  and  experiment  regarding 
the  accuracy  of  the  theory  in  predicting  the  shocks. 
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Fig.  2 Experimental  Setup 
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Three-Dimensional  Calculation  of  Vortices  Behind  a Missile  at 
Large  Angles  of  Attack 


by 

Andrew  H.  Van  Tuyl 

Naval  Surface  Weapons  Center 
Silver  Spring,  Maryland 

1 . Introduction 

At  moderate  angles  of  attack  larger  than  6 or  7 degrees,  a slender  missile 
is  found  to  have  two  symmetrically  placed  vortices  in  its  leeward  flow  field. 

As  the  angle  of  attack  increases  above  about  30  or  40  degrees  in  the  low 
subsonic  range,  the  vortex  pattern  becomes  asymmetric,  and  fluctuating  side 
forces  which  may  be  larger  in  magnitude  than  the  normal  force  are  found.  These 
side  forces  are  most  significant  for  Mach  numbers  less  than  about  0.8  and  begin 
to  disappear  as  the  Mach  number  increases  into  the  supersonic  range.  However, 
the  effect  of  wake  vortices  on  control  surfaces  is  of  importance  at  all  Mach 
numbers . 

The  occurrence  of  these  vortices  is  a viscous  phenomenon,  and  is  due  to 
the  separation  of  the  boundary  layer  on  the  leeward  side  of  the  missile  and  the 
subsequent  roll-up  of  the  vortex  sheet  which  forms  along  the  line  of  separation. 
Determination  of  this  separation  line  is  very  difficult  both  theoretically  and 
experimentally.  However,  past  work  has  shown  that  some  of  the  main  features  of 
the  vortex  wake  can  be  calculated  by  means  of  potential  theory  after  the  loca- 
tion of  separation  has  been  determined.  Most  of  the  computational  work  so  far 
has  used  the  impulsive  crossflow  analogy  (References  1 through  7,  for  example), 
in  which  a two-dimensional  time  dependent  problem  is  considered  in  crossflow 
planes.  While  this  method  gives  good  qualitative  agreement  with  experiment, 
it  is  only  an  analogy  and  should  not  be  expected  to  give  close  quantitative 
agreement.  A comparison  between  experiment  and  calculations  by  the  crossflow 
analogy  is  given  in  References  8 and  9,  where  the  discrepancy  between  theoretical 
and  experimental  results  is  seen  to  be  significant.  A three-dimensional  method 
of  calculation  is  needed  in  order  to  determine  flow  details  such  as  the  locations 
and  strengths  of  vortices  behind  the  missile  which  can  now  be  determined  only  by 
experiment . 

The  purpose  of  the  present  paper  is  to  describe  progress  in  the  development 
of  a three-dimensional  inviscid  method  based  on  the  use  of  vortex  filaments, 
given  the  separation  line  and  certain  data  along  it.  The  flow  fields  obtained 
are  shown  schematically  in  Figure  1.  The  present  treatment  will  be  restricted 
to  incompressible  or  low  subsonic  flow.  A method  such  as  the  present  one  will 
eventually  be  needed  as  part  of  an  iterative  procedure  in  which  it  is  used 
together  with  a three-dimensional  boundary  layer  calculation. 

A related  problem  is  the  calculation  of  the  roll-up  of  the  vortex  sheet 
which  separates  from  the  leading  edge  of  a delta  wing  of  small  aspect  ratio. 

This  problem  is  easier  than  the  present  one  because  of  the  fact  that  the 
location  of  separation  is  known.  Three-dimensional  calculations  for  a wing 
with  leading  edge  separation  have  been  made  in  Reference  10,  where  the  roll-up 

H 


340 


r 


of  the  vortex  sheet  is  calculated,  and  in  References  11  and  12,  where  the 
vortex  sheet  is  replaced  by  discrete  vortex  filaments. 

It  will  be  assumed  in  the  present  method  that  the  separation  line  is 
given  either  by  calculation  or  experiment,  and  that  some  component  of  the 
inviscid  flow  on  the  surface  is  given  at  each  point  of  the  separation  line. 

In  particular,  when  the  direction  of  the  inviscid  flow  is  known  at  the  separa- 
tion line,  the  conditions  to  be  satisfied  at  the  intersection  of  each  vortex 
filament  with  the  separation  line  are  that  both  the  normal  component  of 
velocity  and  the  component  of  surface  velocity  perpendicular  to  the  given 
direction  vanish.  As  a first  approximation,  we  can  use  the  crossflow  analogy 
as  in  Reference  6 and  use  the  calculated  location  of  the  separation  line  and 
the  calculated  value  of  crossflow  at  the  separation  point  in  each  crossflow 
plane  as  input  to  the  three-dimensional  method. 

2 .  Description  of  the  Method 

The  vortex  sheet  will  be  replaced  by  a number  of  discrete  vortex  filaments 
as  in  References  10  and  11,  where  each  vortex  filament  consists  of  an  arbitrary 
number  of  straight  line  segments  such  that  the  last  segment  is  semi-infinite 
and  in  the  direction  of  the  free  stream.  The  boundary  condition  of  zero  normal 
component  of  velocity  at  the  surface  of  the  missile  is  satisfied  by  using  a 
surface  source  distribution.  The  XYZ  Potential  Flow  Program  of  Reference  13, 
based  on  a method  due  to  Hess  and  Smith,  is  being  used  as  a starting  point  in 
the  present  development.  The  present  method  can  now  be  described  as  follows: 

1.  The  surface  of  the  missile  is  covered  by  N quadrilaterals,  on  each  of  which 
a constant  source  density  is  to  be  determined. 

2.  K serai- infinite  straight  vortex  filaments  with  unknown  circulations  are 
placed  along  the  given  separation  line  so  that  they  are  oriented  in  the  direction 
of  the  free  stream. 

3.  The  N unknown  source  densities  and  K unknown  circulations  are  found  by 
solving  a system  of  N + K linear  algebraic  equations  of  the  form 


all  W1  + a12  w2  + + al,N+K  WN+K  ~ bl 

a21  W1  + a22  W2  + + a2,N+K  WN+K  = b2 

aN+K,l  W1  + aN+K, 2 W2  + + aN+K,N+K  WN+K  = bN+K  ’ 

where  the  w^  are  equal  to  the  source  densities  for  i = 1,2,***,N,  and  to  the 
circulations  for  i = N+l,  N+2,***,N+K.  These  equations  express  the  vanishing  of 
the  normal  component  of  velocity  at  the  null  points  of  the  quadrilaterals,  in  a 
coordinate  system  fixed  in  the  missile,  and  the  surface  velocity  condition  at 
the  intersections  of  the  vortex  filaments  with  the  separation  line. 

4.  The  positions  and  directions  of  the  segments  of  the  vortex  filaments  are 
changed  iteratively  until  they  are  aligned  with  the  flow  velocity. 

5.  Steps  3 and  4 are  repeated  until  the  change  in  direction  of  the  segments 
is  less  than  a prescribed  amount. 
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The  vortex  filaments  are  attached  to  the  body  at  the  null  points  in  this 
calculation,  since  the  straight  vortex  segment  attached  to  a null  point  induces 
no  velocity  there.  The  velocity  at  the  surface  is  calculated  only  at  the  null 
points,  and  the  velocity  at  other  points  of  the  surface  is  obtained  by 
interpolation. 


It  is  necessary  to  place  a small  core  about  each  vortex  filament  as  is 
done  in  Reference  12  and  by  others,  in  order  to  avoid  excessively  large  effects 
between  closely  neighboring  vortices.  The  velocity  inside  such  a core  remains 
finite,  while  the  velocity  outside  is  that  due  to  the  vortex  filament. 


3.  Calculation  of  Roll-Up 

In  Reference  11,  calculation  of  the  roll-up  of  vortex  filaments  in  a given 
velocity  field  was  carried  out  iteratively  so  that  each  segment  becomes  aligned 
with  the  direction  of  the  velocity  at  its  upstream  endpoint.  A different 
procedure  was  used  in  Reference  12,  in  which  the  ith  segment  of  a filament  is 
aligned  with  the  velocity  at  the  point  shown  in  Figure  2.  This  point  is  located 
on  the  extension  of  the  (i  - l)st  segment  at  a distance  8s^  from  the  upstream 
end  of  the  ith  segment,  0 1 8 < 1,  where  s^  is  the  length  of  the  ith  segment. 

This  reduces  to  the  method  of  Reference  11  when  8=0.  In  Reference  12,  calcula- 
tions using  equal  segment  lengths  were  made  with  the  initial  configuration  shown 
in  Figure  3,  in  which  two  semi-infinite  vortex  filaments  with  equal  circulations 
are  parallel  to  a free  stream  with  velocity  magnitude  unity.  It  was  concluded 
that  6 = 0.5  and  8 = 0.55  are  preferable  to  B = 0 for  a given  segment  length, 
and  that  8 = 0.55  gives  the  best  accuracy. 


In  the  present  calculations,  the  procedure  shown  in  Figure  2 is  used. 

During  each  iteration,  all  segments  are  changed  in  a given  order.  Each  filament 
is  built  up  one  segment  at  a time,  starting  at  the  body.  The  direction  of  the 
segment  at  the  body  is  chosen  in  a special  way  which  may  depend  on  the  geometry, 
and  subsequent  segments  are  added  as  in  Figure  2.  In  calculating  the  velocity, 
the  segment  being  changed  is  not  taken  into  account.  The  velocity  due  to  each 
segment  is  calculated  by  use  of  the  Biot-Savart  law.  The  calculation  is  stopped 
when  the  maximum  of  the  distances  through  which  the  endpoints  of  the  segments 
move  during  an  iteration  is  less  than  a prescribed  number  e. 

A.  Numerical  Calculations 


The  section  of  the  program  which  calculates  roll-up  was  tested  first  by 
repeating  the  calculations  of  Reference  12.  Starting  from  the  configuration 
of  Figure  3,  calculations  were  carried  out  in  which  each  filament  consists  of  24 
equal  segments  and  one  semi-infinite  segment  parallel  to  the  free  stream. 

Figures  4 and  5 show  the  results  of  the  calculations  for  8 = 0 for  segment 
lengths  of  1.0  and  0.5,  respectively,  and  Figure  6 shows  the  results  for 
6 = 0.55  and  a segment  length  of  1.0.  With  e = 0.001,  6 iterations  were 
required  for  8=0  and  10  for  8 = 0.55.  Figures  5 and  6 show  that  about  the 
same  accuracy  is  obtained  with  8 = 0.55  and  a segment  length  of  1.0  as  with 
6=0  and  a segment  length  of  0.5,  supporting  the  conclusion  of  Reference  12 
that  the  use  of  8 = 0.55  is  the  more  accurate  for  a given  segment  length. 

Roll-up  calculations  involving  4 vortices  lead  to  the  same  conclusion.  We  see 
that  more  iterations  are  required  for  6 = 0.55  than  for  6 = 0.  However,  a 
larger  value  of  £ than  the  preceding  can  be  used  in  the  roll-up  calculation 
until  the  final  stages  of  the  complete  calculation. 
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The  calculation  of  the  source  densities  and  circulations  in  the  present 
method  is  being  checked  out  in  the  case  of  symmetric  flow  past  a tangent 
ogive-cylinder  with  360  quadrilaterals  on  half  the  body.  A program  for 
subdividing  the  surface  into  quadrilaterals  has  been  written  which  will  allow 
null  points  to  be  placed  on  a given  separation  line.  Vortex  filaments  are 
then  attached  to  the  body  at  these  points. 
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Vortex  roll-up  calculation  for  P = 0,  segment  length 
and  circulation  = - O.^. 
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Figure  6.  Vortex  roll-up  calculation  for  P - 0.55,  segment  length 
and  circulation  = - 0.4tt. 
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ABSTRACT 


Experimental  research  on  a boundary  layer  fence  technique  was  conducted 
in  the  Air  Force  Flight  Dynamics  Laboratory's  M=3  high  Reynolds  number  wind 
tunnel  located  in  Building  450,  area  B of  Wright-Patterson  Air  Force  Base, 
Ohio.  The  purpose  of  the  research  was  to  develop  this  technique  for  measuring 
the  surface  shear  stress  in  a supersonic  compressible  turbulent  boundary  with 
near  adiabatic  wall  condition  for  zero  pressure  gradient. 

The  measurements  were  made  on  the  tunnel  wall  at  a nominal  Mach  number  of 
three.  The  Reynolds  number  was  changed  by  two  methods,  i.e.,  changing  the 
tunnel  stagnation  pressure  and  the  measuring  station.  The  resulting  momentum 
thickness  Reynolds  number  varied  from  2 x 104  to  approximately  60  x 104.  The 
recorded  measurements  were  (a)  the  surface  shear  stress,  (b)  the  Preston  tube 
pressures,  and  (c)  the  static  pressures  ahead  and  behind  the  boundary  layer 
fence.  The  corresponding  skin  friction  coefficients  were  then  compared  with 
eav.li  other  and  the  Van  Driest  II  theory.  The  skin  friction  coefficients 
obtained  with  the  fence  agreed  reasonably  well  with  those  obtained  with  a 
balance  and  the  Preston  tube.  The  s'kin  friction  coefficients  resulting  from 
all  three  techniques  agreed  very  well  with  the  Van  Driest  II  theory. 
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FOREWORD 


This  report  was  prepared  by  Dr.  Anthony  W.  Fiore  and  Mr.  Norman  E.Scaggs 
of  the  Aeromechanics  Division  of  the  Air  Force  Flight  Dynamics  Laboratory, 

Air  Force  Systems  Command.  The  research  was  conducted  under  work  unit 
numbered  23070424  entitled, "Viscous  and  Interacting  Flow  Fields  about  Flight 
Vehicles."  This  particular  effort  concerns  itself  with  a boundary  layer  fence 
technique  for  measuring  the  surface  shear  stress  from  which  the  skin  friction 
coefficient  can  be  obtained.  The  experiments  were  performed  between  October 
1977  and  April  1978.  They  were  carried  out  at  a nominal  Mach  number  of  three 
and  in  the  range  of  momentum  thickness  Reynolds  numbers  2 x lO*1  - Re&  s 60  x 104 . 
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SECTION  I 


INTRODUCTION 


In  most  aeronautical  applications  a knowledge  of  the  total  drag  created 
when  an  aircraft  moves  through  the  atmosphere  is  essential  to  the  understanding 
of  the  performance  of  such  a vehicle.  Because  of  recent  energy  shortages, 
this  knowledge  is  becoming  increasingly  important.  Considerable  effort  has 
been  devoted  to  the  measurement  of  the  surface  shear  stress  in  the  hope  that 
the  total  drag  of  these  vehicles  can  be  decreased  by  reducing  the  skin 
friction  drag.  Eventually  it  is  hoped  that  the  skin  friction  drag  can  be 
controlled  in  order  to  either  conserve  fuel  for  a given  flight  condition  or 
increase  the  flight  range  for  a given  fuel  load. 

Prior  to  conducting  research  on  various  methods  for  decreasing  the  skin 
friction  drag,  it  becomes  necessary  to  develop  the  instrumentation  and  testing 
techniques  required  for  making  these  measurements.  The  purpose  of  this  report 
is  to  develop  a method  referred  to  as  the  boundary  layer  fence  technique  for 
obtaining  the  wall  shear  stress.  Like  the  Preston  tube1,  the  fence  can  be 
used  to  obtain  the  shear  stress  in  a compressible  two-dimensional  turbulent 
boundary  layer.  However,  its  greatest  advantage  is  its  use  in  a three-dimension- 
al flow  field  in  the  presence  of  both  strong  pressure  gradients  and  separation. 

'In  this  experiment  the  fence  was  calibrated  in  a two-dimensional  flow  field 
based  on  the  assumption  that  the  resultant  surface  shear  stress  vector  in  a 
three-dimensional  boundary  layer  is  related  to  the  skewed  velocity  profile 
in  a similar  manner  as  the  two-dimensional  surface  shear  stress  vector 
is  related  to  its  two-dimensional  velocity  profile.  The  results  of  this 
experiment  indicate  that  this  technique  is  a valid  method  for 
measuring  the  local  wall  shear  stress  in  a compressible  two-dimensional 
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turbulent  boundary  layer.  Future  research  is  planned  in  order  to  validate 
the  use  of  this  technique  in  a three-dimensional  flow  field. 
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SECTION  II 

EXPERIMENTAL  APPARATUS 

1.  The  Wind  Tunnel 

The  facility  used  in  the  experiment  was  the  Air  Force  Flight  Dynamics 
Laboratory’s  Mach  3 high  Reynolds  number  wind  tunnel.  It  is  a blowdown  wind 
tunnel  with  an  8.2  x 8 inch  closed  test  section  whose  upper  and  lower  walls 
are  contoured.  It  operates  at  stagnation  pressures  of  50  to  600  psia.  Since 
the  facility  does  not  possess  a stagnation  temperature  control  system,  the 
stagnation  temperature  is  slightly  below  ambient  temperature  resulting  from 
the  Joul e-Thompson  effect.  At  these  conditions  the  facility  is  capable  of 
operation  in  the  range  of  freestream  unit  Reynolds  number  extending  from 
1.12  x 107  to  approximately  1.15  x 108  per  foot.  It  is  designed  to  run 
continuously  for  a maximum  period  of  10  minutes.  Runs  during  this  investiga- 
tion averaged  about  30  seconds.  Further  details  on  operating  procedures  and 
calibration  of  this  wind  tunnel  are  available  in  Reference  2. 

2.  Instrumentation 

a.  Surface  Shear  Stress  Balance 

The  surface  shear  stress  was  measured  directly  with  a floating-element 
balance  shown  in  Fig.l.  It  was  manufactured  by  the  Kistler  Instrumentation 
Company.  It  is  a self  sealed  unit  with  a flat  surface  permitting  flush 
mounting  in  the  tunnel  wall.  The  floating  element  is  0.37  inches  in  diameter 
and  has  a peripheral  gap  of  0.003  inches.  The  balance  is  self-nulling  to  the 
center  position  and  is  statically  balanced  about  all  three  axes. 

The  electrical  components  were  at  ambient  pressure  and  temperature 
during  testing.  Prior  to  installation  in  the  tunnel  the  balance  was  calibrated 
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by  applying  known  weights.  Before  and  after  each  run  the  calibration  was  / 

constantly  checked  with  a built-in  self  calibration  coil.  The  read-out  and 
electronic  calibration  control  is  shown  in  Fig.l. 


Primary  concern  was  the  destruction  of  the  balance  when  exposed  to  tunnel 
starting  and  stopping  loads.  In  order  to  avoid  catastrophic  failure  the 
balance  retraction  system  described  in  Reference  3 was  used. 

b.  Preston  tubes 

Two  Preston  tubes  and  their  related  wall  static  pressure  and  temperature 
instrumentation  were  used  to  provide  a second  method  for  measuring  the  wall 
shear  stress  (see  Fig. 2). 

These  Preston  tubes  consisted  of  round  pitot  tubes  placed  tangential  to 
the  surface.  They  were  constructed  from  •?304  annealed  stainless  steel  tubing 
with  an  outside  diameter  of  0.062  inches  and  an  inside  diameter  of  0.04/2 
inches.  The  streamwise  lengths  of  these  pitot  tubes  were  0.125  inches.  In 
this  investigation  a new  form  of  the  Keener  and  Hopkins  Preston  tube4 
equation  was  used  in  arriving  at  the  surface  shear  stress.  This  relationship 
will  be  described  in  detail  in  a later  section. 


c.  Boundary  Layer  Fence 

The  design  of  the  boundary  layer  fence  is  relatively  simple  and  is  shown 
in  both  Fig. 2 and  Fig. 3.  It  has  been  determined  that  the  best  fence 
configuration  should  have  square  corners5.  This  feature  was  incorporated 
in  the  design  used  in  this  investigation.  The  fence  had  a span  of  0.2  inches 


while  its  height  and  width  was  0.01  inches.  On  either  side  of  the  fence  there 
is  a pressure  port,  in  the  form  of  a slot,  used  to  measure  the  lateral 
pressures  when  the  fence  is  aligned  with  the  flow  field  velocity  vector. 


These  same  ports  yield  the  pressure  differential  APpP^-P^  when  the  fence  is 
rotated  ninety  degrees  to  the  local  velocity  vector  near  the  wall.  The  former 
gives  the  direction  of  the  surface  shear  stress  vector  while  the  latter  is 
related  to  the  magnitude  of  the  surface  shear  stress  vector.  These  pressure 
slots  are  shown  in  Fig. 3.  They  are  the  same  length  and  width  as  the  fence.  The 
pressures  sensed  by  these  slots  are  transmitted  to  the  proper  recording 
instrumentation  through  isolated  chambers  on  both  sides  of  the  fence.  The 
fence  and  the  main  body  are  fabricated  as  a unit  thus  insuring  the  fence  will 
have  a high  degree  of  structural  integrity.  As  shown  in  Fig. 2 this  unit  is 
placed  in  the  base  of  the  test  plate  and  attached  to  a shaft  which  is  connected 
to  an  external  drive  motor  used  to  rotate  the  fence.  The  previously  mentioned 
Preston  tubes,  the  two  wall  static  pressure  orifices,  and  the  two  wall 
temperature  thermocouples  are  also  shown  in  Fig. 2.  The  Preston  tubes  were 
placed  sufficiently  far  apart  so  no  aerodynamic  interference  would  occur 
between  them  and  the  fence. 

The  fence  operational  procedure  is  relatively  simple.  It  is  remotely 
rotated  until  the  pressure  differential  between  the  two  orifices  becomes  zero. 

At  this  position  the  angle  is  recorded  as  the  direction  of  the  local  velocity 
vector  which  is  assumed  to  correspond  to  the  local  surface  shear  stress  vector. 
The  fence  is  rotated  ninety  degrees  to  this  position  and  the  two  pressures, 
i.e.,  forward  and  aft  of  the  fence  are  recorded.  The  corresponding  pressure 
difference  AP^P^-P^  is  then  related  to  the  surface  shear  stress  measured 
with  the  balance  at  the  same  station  and  under  the  same  tunnel  test  conditions. 
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SECTION  III 


TEST  PROCEDURE 

The  experiment  was  conducted  in  two  phases.  The  surface  shear  stress 
measurements  with  the  balance  were  made  during  the  first  phase,  while  the 
Preston  tubes  and  boundary  layer  fence  measurements  were  obtained  during  the 
second  phase  of  the  experiment.  These  measurements  were  made  on  the  upper 
wall  of  the  M=3  high  Reynolds  number  wind  tunnel.  The  reason  for  testing 
on  the  upper  surface  rather  than  the  tunnel  side  wall  was  to  avoid  the 
boundary  layer  distortion  which  occurs  on  the  side  walls  resulting  from 
lateral  pressure  gradients.  All  measurements  were  made  at  a nominal  Mach 
number  of  three.  The  Reynolds  number  was  varied  by  two  methods;  (1)  by 
testing  at  eight  different  longitudinal  stations  as  shown  in  Fig. 4,  and 
(2)  by  changing  the  stagnation  pressure  at  each  tunnel  location.  This 
program  provided  a certain  amount  of  intentional  redundancy  considered  to 
be  necessary  because  of  the  difficulty  in  making  accurate  surface  shear 
stress  measurements  with  the  balance.  The  combination  of  test  stagnation 
conditions  and  wall  locations  along  with  the  detailed  measurements  are 
presented  in  Table  I . 

During  these  tests  th~  stagnation  temperature  was  slightly  below  the 
ambient  temperature.  Under  these  conditions  the  unit  Reynolds  number  varied 

! . 12  x 10'  to  1.15  x 104  per  foot  corresponding  to  a momentum  thickness 
Hi • ber  range  of  2 x 10‘*  to  approximately  60  x 104 . 

::*a  ented  is  for  a wall  temperature  near  the  adiabatic 
».<  zero  pressure  gradient. 


SECTION  IV 


DATA  REDUCTION 

A brief  description  of  the  data  reduction  procedure  will  be  presented  in 
this  section.  The  surface  shear  stress  measurements  obtained  with  the 
floating-element  balance  were  converted  to  skin  friction  coefficients  by 
dividing  by  the  dynamic  pressure  at  the  edge  of  the  boundary  layer,  namely: 

(Cf)g  = TWg/>SPeUe2  (1) 

The  corresponding  momentum  thickness  Reynolds  number  was  calculated  from  the 
empirical  relationship  obtained  by  Fiore3,  i.e., 

Rp  = 4.513  x 1Q"4M  1 • l^8R  0.949  (2) 

eo  e cx 

The  data  used  tc  arrive  at  eq.(2)  was  from  boundary  layer  profile  measurements 
made  at  the  same  test  conditions  and  location  on  the  tunnel  wall  as  the 
present  investigation. 

The  Preston  tubes  were  then  calibrated  for  the  data  and  test  conditions 
of  this  particular  experiment.  As  in  the  case  of  Keener  and  Hopkins4  it  was 
assumed  that  the  Preston  tube  calibration  is  of  the  form 


log 


Twg-d2 


4p*v 


★,.*2 


1=  A0  log 


APp-d2\ 

4p*v*2 / + B° 


(3) 


where  the  reference  density,  p*,  was  calculated  based  on  the  assumption  of 
a constant  pressure  boundary  layer  as 

P„ 


p*  = 144 


RT* 


(4) 
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The  reference  temperature  was  calculated  from  the  Sommer  and  Short  expression6 
given  as 


T*  = T (0.55  + 0.035  Me2  + 0.45 

I o 


(5) 


The  reference  kinematic  viscosity  was  calculated  from  the  definition 

(6) 


* _ v 

v*  = — 


where  Keye's  equation  for  the  viscosity  was  used,  namely: 


p . — . r 220 

w*  = 2.32  x 10-8  /f*/ |l  + t*YjqT/Y 


(7) 


In  eq.(3)  the  value  of  APp  was  taken  as  suggested  by  Hopkins  and  Keener7 
rather  than  the  difference  between  the  Preston  tube  total  pressure  and  the 
wall  static  pressure.  The  purpose  for  this  choice  is  based  on  the  work  of 
Hopkins  and  Keener  who  found  tha4-  eq.(3)  results  in  a calibration  curve  for 
the  compressible  turbulent  boundary  layer  which  would  coincide  with  Preston's 
equation  for  the  incompressible  case1  of  the  form 


log 


S'd2 

4pv2 


= 0.875  loq 


rAP-d2 

4pv2 


- 1.396 


(8) 


where  AP  = Pp^.  - Pw. 

The  constants  A0  and  BQ  in  eq.(3)  are  determined  by  the  least  squares 
fit  of  the  data. 

The  generalized  form  of  the  skin  friction  coefficient  is  obtained  from 
eq.(3).  This  relationship  can  be  shown  to  be 
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where  APf  = Pf  - Pb  and  the  constants  CQ  and  DQ  are  different  than  the  Preston 
tube  calibration  constants.  In  order  to  show  that  these  constants  must  be 
different,  eq.(3)  can  be  re-written  as 


assuming  that 


In  order  for  eq.(ll)  and  eq.(14)  to  be  identical,  the  following  must  be  true 


C0  = A0  F0 


Do  = Ao  Fo  + (Aq'1)  log  ({[)  + Bc 


ult) 


From  eq. (16)  it  is  noted  that  the  intercept  of  eq.(ll)  is  a function  of  the 
ratio  which  is  a fictitious  parameter,  however  it  does  serve  to  indicate 
that  the  calibration  constants  in  eq . (11)  are  different  than  those  in  eq.(3) 
and  must  be  evaluated  separately. 

The  skin  friction  coefficient  equation  for  the  boundary  layer  fence  is 


obtained  from  eq.(ll)  as 


(Cf)  = 8(1_co)  • 10D° 


(?) 


£ %*2 


(1-C0) 


The  experimental  measurements  were  compared  with  the  Van  Driest  II  skin 


friction  theory8  written  in  the  form. 
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08  (log  Re  )2  + 25.11  (log  Rp  ) + 6.012 
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where 


A ■ 51)  £ 


B = A2+  =5-  - 1 
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SECTION  V 


TEST  RESULTS 

1.  Balance  Measurements 

In  Fig. 5 the  skin  friction  coefficient  obtained  with  the  floating-element 

balance  in  the  Reynolds  number  range  2 x 101*  - Re - 60  x 104  is  compared  with 

0 

those  calculated  from  the  Van  Driest  theory8.  Over  the  complete  range  of 
momentum  thickness  Reynolds  number  the  measured  skin  friction  coefficients 
are  within  +10%  of  the  Van  Driest  II  theory.  This  agreement  between  the 
measurements  and  theory  is  considered  to  be  reasonably  good.  Having 
established  the  validity  of  these  measurements,  they  now  can  be  used  to 
evaluate  the  skin  friction  coefficients  obtained  with  the  boundary  layer 
fence  technique. 

2.  Preston  tube 

The  Preston  tube  method  was  introduced  as  a second  method  for  obtaining 
the  local  skin  friction  coefficient.  The  intent  was  to  use  the  Preston  tube 
results  as  a separate  check  on  the  measurements  made  with  the  floating-element 
balance.  In  order  to  accomplish  this,  it  was  first  necessary  to  obtain  the 
calibrations  constants  Ao  and  Bo  given  in  eq.(3). 

Figure  6 is  a plot  of  the  logarithm  of  the  Preston  shear  stress  parameter, 
TWg-d2/4p*v*2 , versus  the  logarithm  of  the  Preston  pressure  parameter 
APp -d2/4p*v*2 . The  result  is  a linear  function  similar  to  eq.(3).  The  values  of 
Aq  and  B0  were  obtained  by  the  least  squares  fit  to  the  data  and  were  found  to 
be  0.86773  and  -1.32283  respectively.  Comparison  between  the  measurements  and 
eq.(3)  with  the  proper  constants  is  presented  in  Fig. 6.  The  agreement  between 
the  two  is  excellent.  Shown  for  informational  purposes  are  the  calibrations 
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obtained  by  Keener  and  Hopkins3 4 * * * *  as  well  as  Yanta  et.al.9  For  small  values  of 
the  Preston  pressure  parameter,  both  appear  to  agree  very  well  with  the 
present  measurements  and  the  new  calibration.  As  the  Preston  pressure  para- 
meter is  increased  the  calibration  of  Keener  and  Hopkins  is  in  excellent  agree- 
ment with  the  present  measurements  while  that  of  Yanta  et.al.  is  somewhat  lower 
than  the  new  measurements.  When  the  new  calibration  constants  are  introduced 
into  eq.(9),  the  Preston  skin  friction  coefficient  equation  becomes 

1.73546 


(Cf)p  = 0.06261 


(£) 


0 -1  3227 


(9a) 


Fig. 7 shows  the  skin  friction  coefficient  calculated  from  eq.(9a)  plotted 
versus  that  obtained  with  a floating-element  balance  and  Fig. 8 is  a plot  of 
(Cf)p  versus  the  skin  friction  coefficient  calculated  from  eq.(18).  In  both 
cases  the  Preston  tube  skin  friction  coefficients  are  within  ±10%  of  both 
the  theory  and  those  values  obtained  with  the  balance.  The  Preston  tube  skin 
friction  coefficient  overpredicts  the  theory  at  low  momentum  thickness  Reynolds 
numbers  while  it  underpredicts  the  theory  at  higher  Reynolds  numbers.  In  both 
Figs. 7 and  8 the  agreement  is  considered  to  be  within  acceptable  limits. 


3.  Boundary  Layer  Fence 

In  all  probability  the  boundary  layer  fence  for  measuring  the  wall  shear 

stress  was  first  introduced  by  Konstantinov  and  Dragnysh10  in  1955.  The  same 

technique  was  employed  by  Vagt  and  Fernholz11  to  measure  the  three-dimensional 

surface  shear  stress  in  an  incompressible  flow  field.  The  purpose  of  this 

section  is  to  show  that  the  fence  technique  appears  to  be  useful  in  measuring 

the  surface  shear  stress  in  a compressible  turbulent  boundary  layer  as  well. 
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As  previously  mentioned,  it  is  assumed  that  the  fence  calibrations  should  be 
similar  in  form  to  the  Preston  tube  calibration  provided  the  Preston  tube 
outside  diameter  is  replaced  with  the  fence  height.  This  leads  to  the  fence 
calibration  equation  given  by  eq . (11).  Fig. 9 is  a plot  of  the  logarithm  of 
the  fence  shear  stress  parameter,  TWg- h2/4p*v*2 , versus  the  logarithm  of 
fence  pressure  parameter,  APf -h2/4p*v*2.  Also  shown  in  Fig. 9 is  eq.(ll) 
where  the  calibration  constants  C0  and  D0  are  0.903846  arid  -1.640385  respecti vely . 
The  agreement  between  the  measurements  and  eq . (11)  is  excellent;  indicating  that 
eq.(ll)  with  these  constants  should  result  in  a good  expression  for  the  skin 
friction  coefficient  as  a function  of  the  fence  pressure  differential,  the  edge 
dynamic  pressure,  the  density  ratio  (pe/p*),  and  the  fence  Reynolds  number 
(RejJ|).  This  expression  is  obtained  by  introducing  the  above  values  for  C0 
and  D0  into  eq . ( 17 ) , namely; 


(Cf)f  = 0.027954 

The  skin  friction  coefficient  calculated  from  eq.(17a)  is  compared  with 
those  measured  with  a balance  in  Fig. 10  and  with  the  Van  Driest  II  theory  in 
Fig. 11.  In  both  cases  eq.(17a)  gives  values  which  are  within  +10%  of  both  the 
measurements  made  with  the  balance  and  those  calculated  from  the  theory.  This 
agreement  is  considered  to  be  very  good  since  eq . ( 17a ) is  being  compared  with 
balance  measurements  which  are  no  more  accurate  than  ±10%  when  compared  with 
theory. 

Fig. 12  is  a plot  of  the  skin  friction  coefficient  versus  the  momentum 
thickness  Reynolds  number  and  summarises  the  results  of  this  investigation. 


Apf  \ 0.90  3846 

9e 


/M 
\ p */ 


R 

Keh 

0.096154 

(17a) 
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It  contains  the  skin  friction  coefficient  measurements  made  directly  with  the 
balance,  those  obtained  with  the  Preston  tube,  and  those  taken  with  the 
boundary  layer  fence.  Superimposed  on  Fig. 12  is  the  Van  Driest  II  theory.  The 
agreement  in  the  skin  friction  coefficients  obtained  by  the  various  methods 
as  well  as  the  agreement  with  theory  is  considered  to  be  acceptable. 
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SECTION  VI 


CONCLUSIONS 

An  experiment  was  performed  for  the  purpose  of  developing  the  boundary 
layer  fence  technique  used  to  measure  the  surface  shear  stress  in  a 
compressible  turbulent  boundary  layer.  Measurements  were  made  at  a 
nominal  Mach  number  of  three  for  momentum  thickness  Reynolds  numbers 
extending  from  2 x 104  to  approximately  60  x 104.  The  results  for  a near 
adiabatic  wall  and  zero  pressure  gradient  condition  are  as  follows: 

(1)  The  boundary  layer  fence  is  a valid  technique  for  measuring  the 
wall  shear  stress  in  a compressible  turbulent  boundary  layer. 

(2)  The  fence  calibration  is  a linear  function  similar  in  form  to  the 
Preston  tube  calibration  equation  provided  the  Preston  tube  outside  diameter 
is  replaced  with  the  fence  height. 

(3)  The  skin  friction  coefficients  obtained  with  the  fence  agree 
reasonably  well  with  those  obtained  with  a balance.  For  momentum  thickness 
Reynolds  numbers  less  than  15  x 104  those  obtained  with  the  fence  were  about 
10%  higher  than  the  Preston  tube  values  and  they  were  in  good  agreement  with 
the  Van  Driest  II  theory.  At  momentum  thickness  Reynolds  numbers  greater 
than  15  x 104  the  fence  measurements  were  5%  to  10%  higher  than  either  those 
obtained  with  a balance  or  those  calculated  from  the  theory. 
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FIG.  8 PRESTON  TUBE  SKIN  FRICTION 
COEFFICIENT  VERSUS  THAT 
CALCULATED  FROM  THE 
VAN  DRIEST  TT  THEORY. 


FIG.  9 THE  FENCE  WALL  SHEAR  STRESS  PARAMETER  VERSUS 
THE  WALL  STATIC  PRESSURE  PARAMETER  FOR  Me=2.86 
AND  2 x I04  < Ra  £ 54x|04 
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FIG.  1 1 SKIN  FRICTION  COEFFICIENT  OBTAINED  BY 
THE  FENCE  METHOD  VERSUS  THE 
VAN  DRIEST  II  THEORY. 
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FIG.  12  SKIN  FRICTION  COEFFICIENT  VERSUS 

MOMENTUM  THICKNESS  REYNOLDS  NUMBER 
FOR  Mo  = 2.86,  NEAR  ADIABATIC  WALL 
AND  ZERO  PRESSURE  GRADIENT  CONDITIONS. 
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337.33 

459.40 

10.790 

382.230 

39.51  0 

16.72 

4.7b 

70 

4 

7 1.68 

357.90 

466.79 

11.420 

3b9. 005 

42.095 

20.06 

5.  01 

71 

4 

7 1.63 

163.  13 

434.  38 

5.160 

370.860 

17. 765 

8.66 

2.  41 

72 

4 

7 1.68 

238.73 

474.25 

7.610 

4 81.155 

26.395 

12.73 

3.55 

73 

4 

71.68 

319.50 

467. 85 

10.160 

♦ 48.  030 

36.475 

17.38 

4.  56 

74 

4 

71.68 

381.84 

466.57 

12.120 

423. 140 

44.490 

21.23 

5.  33 

75 

4 

7 1.63 

39o. 48 

462.18 

12.595 

402. 00G 

46.  87  0 

22.22 

5.  51 

76 

p 

8 3.68 

152.45 

455.74 

5.300 

474.535 

16. 145 

8.41 

2.  60 

77 

? 

3 3.53 

159.77 

450.43 

5.545 

446. 595 

17.230 

b.  89 

2.  7 5 

78 

p 

9 3.63 

168.90 

447.64 

5.655 

4 3 3.755 

18.415 

9.44 

2.  86 

79 

5 

8 3.6o 

1 o 0.  16 

447.45 

6.240 

420.760 

19.  81  5 

10.19 

3.  02 

80 

5 

33.68 

139. 05 

445.66 

6.545 

412.405 

20.915 

1 0.69 

3.15 

31 

5 

33.68 

193.41 

4h  1 • 6 3 

6.860 

398.755 

22.110 

11.32 

3.  2b 

82 

b 

8 3.68 

218.45 

439.88 

7.530 

3 86. 265 

24.68  0 

12.52 

3.  55 

83 

5 

33.63 

79.39 

438. 05 

2.  785 

420.  705 

3.14  5 

4.  33 

1. 50 

34 

b 

3 3.68 

125. 45 

441.44 

4.345 

407. 065 

13.420 

7.02 

2.16 

35 

5 

3 3.63 

132.77 

4*+4  • 64 

4.600 

400.700 

14.385 

7.41 

2.  30 

36 

5 

83.68 

143.40 

455.26 

4.975 

483.  060 

15. 08  0 

7.85 

2.  54 

87 

5 

33.68 

153. 54 

44  7.5  3 

5.320 

456. 610 

16.  345 

6.49 

2.67 

38 

b 

83.68 

173.27 

443. 86 

5.990 

431.  96C 

18.  37  0 

9.68 

2.  94 

39 

b 

8 3. 6o 

180.41 

439.20 

6.230 

417.030 

19.765 

1 C.14 

3.  03 

90 

p 

33.68 

191.40 

435.32 

6.620 

403.610 

21.35  0 

10.82 

3.  18 

91 

5 

93.68 

200.52 

432.30 

6.930 

392.730 

22.560 

11.41 

3.  30 

92 

5 

8 3.66 

2C9.81 

429.34 

7.240 

3 82.  960 

23.  30  0 

11.96 

3.  *44 

93 

b 

83.68 

219. 48 

427.07 

7.565 

375.810 

24.92  0 

12.58 

3.  56 

94 

p 

93.68 

228.23 

424.27 

7.870 

366. 750 

2b. 145 

1 3.09 

3.70 

95 

b 

8 3.63 

259.50 

423.02 

8.930 

359.330 

29.95  0 

1 4.94 

4.  16 

96 

6 

95.68 

66.  05 

460,87 

2.265 

433.630 

6.425 

3.38 

1.  28 

97 

6 

95. o3 

73.44 

456. 84 

2.500 

469.790 

7.230 

3.80 

1.  36 

98 

6 

95.68 

82.62 

454.79 

2.795 

459.780 

8.26  5 

4.31 

1.53 

99 

b 

95.63 

96,  27 

454.32 

2.910 

452.140 

8.67  0 

4.52 

1.  58 

100 

6 

95.68 

93.59 

454.50 

3.  145 

445.510 

9.595 

4.96 

1.68 

TAU 

M 

G 

LBS/FT*  •; 

2.0926 
4.1321 
2.6931 
3.4021 
7. 2926 
8.530  3 
7.5192 
8.293  7 
6.4233 
9.3  33  8 

11.2935 

10. 3399 

10. 9544 
3.2349 
4.34 33 

6. 3445 
7.0553 
7.5232 
8, 2d5o 
8.8069 
4.3714 
6.2803 
8.4291 
9.  3o4  0 
9. 3'25 

4.3445 
4.3532 
5.0913 
5.3331 
5.33.0 
5.7333 
6.3329 
2.5552 
3.9242 
4.2739 
4,  4 57  1 
4.3153 
5. 330  4 
5.4353 
5.6455 
5. 9454 
6.0532 
6.4933 
6.7497 
7.7430 
1.9372 
2.1286 
2.6035 
2.5961 
2.9588 


TABLE  I (CONT.) 


RECOROEO  MEASUREMENTS 


TEST 

STA. 

X 

P 

T 

p 

T 

P 

P 

P 

TAU 

NO. 

NO. 

0 

0 

H 

W 

P 

T 

F 

B 

W 

q 

INCHES 

PSIA 

OEG  R 

PSIA 

DEG  R 

PSIA 

PSIA 

PSIA 

LBS/FT** 

101 

6 

95.  b8 

106.55 

452.70 

3.565 

436. 690 

11.005 

5.68 

1.  88 

3. 3575 

102 

7 

10  7.b8 

103.36 

456.80 

4.025 

455.160 

11.80  0 

6.16 

2.  06 

3.2009 

101 

i 

10  7. b8 

122.94 

453.95 

6.545 

436.  520 

13.50  0 

7.  09 

2.  3 0 

3.6 357 

104 

7 

10  7.b8 

135.72 

449.85 

5.025 

427.070 

15.375 

7.77 

2.  51 

3.12*  3 

105 

7 

1 0 7 • b 8 

1h3.04 

‘♦47.20 

5.290 

414. 3o0 

16.23  0 

8.22 

2.  62 

4.2*18 

1 Ob 

7 

107. b8 

151.91 

446.55 

5.605 

4 06. 6C0 

17.39  5 

8.80 

2.73 

4.4 7a  3 

107 

7 

107.  b8 

155.70 

4*3*80 

6.740 

400*570 

17.89  0 

9.03 

2.  dO 

5.  j 323 

105 

7 

10  7.b3 

163.  26 

4*2* 56 

6.  CIO 

396. 270 

18.860 

9.44 

2.  97 

4.6932 

104 

7 

10  7.68 

172.50 

440. 83 

b.335 

383. 750 

19.930 

10.18 

3.  05 

5. 0077 

110 

7 

1U  7. 63 

131.62 

44  9 . 6 0 

6.690 

4 66. 945 

20. 24  0 

10.39 

3.  30 

5.2567 

111 

7 

107.6b 

193.02 

442. 34 

7.085 

435.  615 

22.  02  0 

1 1.  10 

3 • ‘a  6 

5.4H  5 

1 i 2 

7 

107.66 

202.02 

437.67 

7.410 

416. 36C 

23.21  0 

11.74 

3.  6C 

5.7730 

113 

r 

107. 03 

211.03 

433.90 

7.725 

4 06.310 

24.410 

1 2.  38 

3.  71 

5 # 3 jG  * 

114 

7 

10  7.66 

222.30 

429.27 

8.130 

391. 760 

25.935 

1 3.14 

3.  o 7 

6 • 2 o 2 a 

115 

7 

107. b8 

2 31.41 

426.21 

8.460 

331.  630 

27.120 

13.73 

4.  01 

6.321 4 

lib 

7 

107.68 

236.76 

422. 10 

8 . 655 

370.200 

28.04  0 

14.07 

* • G b 

7.3399 

117 

7 

10  7.63 

240. 72 

419.20 

8.800 

362.675 

28.655 

14.35 

4.  12 

6. 9io j 

118 

7 

107.68 

262.91 

417.99 

9.690 

354.725 

31.510 

16.66 

4*  *5 

7.3*22 

119 

7 

1 0 7 . 6 3 

232. 54 

416.52 

10.290 

347.  430 

34.  34  5 

16.96 

4.7a 

7.7212 

120 

7 

10  7.68 

301.26 

442. 04 

10.920 

436.400 

34.985 

17.32 

6.  26 

3.  1*59 

121 

7 

10  7.65 

321.54 

436.03 

11.630 

40b. 340 

3 8. 14  0 

19.23 

57 

9.5 0*  a 

122 

7 

107.63 

341. 7b 

431.29 

12.370 

387.635 

41.08  0 

2 0.60 

5.  bb 

a . 8 **  o 

123 

7 

107.68 

361. 06 

4?4 • 83 

13.100 

367,425 

44.11 0 

21.99 

b.  16 

9.27:7 

124 

7 

1 J 7.6d 

301.8, 

426.21 

13.815 

352.705 

4 8.995 

23.16 

6.  v 1 

9. 377  6 

125 

7 

107.63 

393.45 

420.31 

14.400 

3 39.230 

49.445 

’4.47 

o.  7 7 

11.-013 

12b 

7 

1L  7.68 

422. C9 

469.42 

15.100 

440. 060 

50. 25  0 

2 5.58 

7.  15 

1 1 . * j 0 * 

127 

7 

107.68 

440. 66 

447.01 

15.065 

>♦  04.  505 

54.  2b  0 

2b.  85 

7.3b 

11  . J 41 o 

1 28 

7 

10  7. 05 

458.76 

4*7.  72 

16. 645 

3 86.690 

67.085 

27.86 

7.  6 3 

1 2 • 2 ol 3 

1 29 

7 

107.63 

478.91 

433. 0 1 

17.895 

3 b 7 • 0 3 5 

59. 8b 5 

2 9.20 

7.9  C 

12. H233 

1 30 

7 

10  7.68 

4 9 o , 66 

437. *d 

18.015 

366.425 

63.186 

3 0.59 

a.  16 

12.3*12 

131 

7 

1 07.68 

520.  1 4 

453.88 

16.660 

423.  920 

64.54  0 

31.13 

a.  e b 

1 3 • ■ j 5 

1 32 

* 

10 7.63 

549.90 

443. 80 

19.685 

381. 455 

69.835 

3 3.12 

9.  1 2 

15.3  02 

133 

t 

11 9.08 

62.62 

449.33 

3.100 

452.335 

3.415 

4.64 

1.73 

?. v 47 o 

1 34 

$ 

11  9.6  8 

91.7  3 

453. 00 

3.410 

437. 536 

9,530 

6.16 

1.  6b 

2.3100 

1 35 

tt 

119.66 

10  2.72 

450.91 

3.776 

427.  6bC 

1 0. 67  0 

6.  oO 

2.  G 1 

3. 1 325 

1 3b 

a 

1 1 9.66 

1 13. 7C 

459. b6 

4.150 

417. 330 

11.945 

6.4  1 

?.  lc 

3.  3 32  3 

1 37 

a 

11  9.68 

124.73 

461.50 

4.61  b 

4 09.030 

13.22  0 

7.06 

2.  3 C 

3 • 6 a a 7 

1 38 

a 

114.58 

1 33.59 

462. C3 

4.685 

4 0 1.570 

14.67  0 

7.67 

2.4  b 

4 . 72  3 

1 34 

8 

1 1 9 . 6 (1 

144.1? 

461 . 02 

6.170 

3 95. b 0 5 

1 5. bb  0 

£>.  18 

2.6  a 

* . 2 o?  / 

140 

a 

11  9.  .>8 

155.70 

453.4* 

5.60  0 

4 0 1. 30  5 

17. Ob  0 

8.72 

2.  bl 

4 « i j i 0 

1 4 1 

8 

119.68 

161.34 

463. 37 

5.786 

3 4 0.  3u5 

17.775 

6.06 

2.8  9 

5. 3312 

142 

8 

114.68 

163.26 

*48. b 7 

5.655 

3 34. 0 26 

18. 04 0 

9.17 

2.  Jc 

4 . 7 j 9 

143 

8 

119.60 

172.4, 

*49 • 56 

6.190 

37b.  710 

19. 21 0 

9.75 

3.  C5 

5. j595 

144 

a 

11  9.65 

16  I.  3b 

*40.70 

6.555 

3 72.  6b5 

20. 4?5 

10.41 

3.  1C 

*3 . 32  J 1 

145 

8 

119.66 

192.23 

448.31 

6.660 

368.  005 

21.52  5 

10.93 

3.  29 

5 •-»  So  9 

1 4 b 

8 

11  9. 68 

20  3.52 

454.1  7 

7.26  0 

3 63.  5 3 C 

22.  94  0 

11.54 

3*48 

5,  ,<23  3 

147 

a 

119.53 

212. 7b 

453. 2b 

7.570 

359. 230 

24.  07  0 

12.  12 

3.5  9 

6*1335 

148 

a 

119.68 

2?U. 02 

447.23 

7.820 

336.090 

24.  885 

12.55 

3.  71 

6.3*52 

149 

8 

119.68 

231. 12 

4 * a . * ej 

8.145 

350. bbO 

2 6,425 

1 3.21 

3.  87 

6*5*1 5 

y 


TABLE  II 

CALCULATED  RESULTS 


TEST 

BE 

DELIA. EF 

RUQ.E 

R* ED  » 

R*EH  ♦ 

LOG  F 3 

LOG  F 4 

LOG  F5 

NO. 

ME 

QE 

RHO* 

10  **  -4 

10  **  -4 

1 

.5349 

.1843 

2.1715 

1.6580 

.2674 

5.0007 

7.  3294 

3.4159 

2 

.5419 

. 1904 

2.  1404 

1.7800 

.2871 

5.0  233 

7 • 3 9o  1 

3.4385 

3 

.5524 

.1997 

2.1174 

2.  1349 

• 344  3 

5.1594 

7.5660 

3.  5746 

4 

.5594 

. 2039 

2.0306 

2. 3610 

. 380  8 

5.2543 

7.65o7 

3.  6695 

5 

.5653 

. 2085 

2.0693 

2.6334 

.4247 

5.3531 

7.  7584 

3.7683 

6 

.5712 

.2130 

2.0573 

2.9512 

.4760 

5.4416 

7.3633 

3.  dJ68 

7 

.5713 

.2149 

2.0503 

3.  1225 

.5036 

5 • x 92  0 

7.9115 

3.9072 

6 

.5  738 

.2173 

2.0629 

3.5526 

.5730 

5.6  091 

8.0  30  1 

4.C243 

9 

.5553 

. 2028 

2.0545 

2.1141 

. 341  0 

5.1516 

7.5  49  0 

3.5668 

10 

.5632 

.2139 

2.1473 

2.  8345 

.4572 

5.4 176 

7.8  221 

3.  3326 

11 

.5573 

. 2019 

2.0394 

2.  1401 

. 3452 

5.1665 

7.6603 

3.  53)  7 

12 

.5796 

. 2232 

2.  1)301 

3.8013 

.6132 

5.1*17  3 

7.  8453 

3.6328 

13 

.5193 

.1961 

2. 0020 

4. 4 60  7 

• 7195 

5.7337 

8.1260 

4.1489 

IX 

. 5 354 

. 2097 

1.9301 

6. 8099 

1.0964 

6.0472 

6.5  06  3 

4.4624 

15 

.5  393 

. 2097 

1.9056 

7. 4121 

1.1955 

6.1163 

8.  5 50  5 

4.5335 

16 

. 5 383 

.2110 

1.8943 

7. 7626 

1.2520 

6.2  091 

5 • 6 165 

4.62x3 

17 

.5369 

.2049 

1.9751 

7.0633 

1.1400 

6.1091 

8.5510 

4.5243 

18 

.5419 

.2100 

1.9122 

8.4143 

1.3571 

6.2462 

8.6  95  0 

4.6614 

19 

• 5 454 

.2139 

1.  8649 

9.  7323 

1. 5693 

6.3593 

6.  8 175 

X . 7 7 5 0 

20 

.5490 

.2163 

1.8427 

10.9221 

1.7616 

6 • 4 48  4 

3.9161 

4 . 3o  36 

21 

. 5489 

. 2186 

1.8262 

11.9103 

1.9210 

6.5207 

6.  9894 

4.  3359 

22 

• 5 465 

.2178 

1.9414 

9.  8 7*. 5 

1.5927 

6.390b 

6.  3 494 

4.6058 

23 

.5513 

.2190 

1.8  343 

11.  2670 

1.-.173 

6.4  9-92 

8.  9609 

w. 9144 

24 

• 5 545 

.2213 

1.3699 

1 2. 4 10 x 

2.0017 

6 .5  69  J 

9.  0442 

X . 9 64  2 

25 

.5590 

. 2253 

1.846  3 

14*  3535 

2.3151 

6.7  08  2 

9.1733 

5. 1 2 3 x 

26 

.5  235 

. 2033 

1.8313 

5.7613 

.9292 

5.9  33  3 

8.  3233 

x. 3X90 

27 

. 5 323 

.2107 

1.8x64 

7.6133 

1.2260 

6.  1 ?*♦  0 

6.  5789 

X.3T°2 

28 

. 5 293 

. 205x 

2.0030 

6.2703 

1. 011  3 

5.9993 

8 • 4 H 1 5 

4 . 4 1 6 C 

29 

• 5 3 36 

. 2093 

1.9463 

6.9263 

1.1171 

6.1 233 

6.5216 

4.5390 

30 

.5  332 

.2112 

1.9205 

7.2362 

1.1671 

6.1197 

0.5532 

4.53X9 

31 

.5  381 

.2126 

1.8996 

8 • 1 564 

1.3155 

6.2 186 

3 • 6 6 J 4 

4 • 63  3 6 

82 

.5407 

.2139 

1. 687  0 

9. 1070 

1.4689 

6.3133 

6. 7 57  x 

4 . ! i 9 C 

33 

.5  437 

.2171 

1.6736 

9.9262 

3.6010 

6.3  955 

8.  83x0 

x.  6 0 0 7 

34 

.5453 

. 2203 

1.8553 

10.9  347 

1.7637 

6 • h 64  1 

8.9171 

4.  8793 

35 

.5409 

.2195 

1.9848 

9.1163 

1. x704 

6.  3467 

6.  7933 

4 • 7 o 1 9 

36 

. 5538 

. 2213 

1.9393 

10. 1319 

1 • 3342 

6.4245 

6.3827 

4 . 0 3 9 7 

37 

.5539 

.2249 

1.9097 

11.3143 

1.0249 

6.5 131 

8.9720 

X.  9235 

38 

.4761 

• 1 655 

2.  1145 

1.5e2  3 

.2552 

4.8725 

7. 1 7o  1 

3.2377 

39 

. 4 826 

.1713 

2.0804 

1.8114 

.2922 

4.9973 

7. 2984 

3.X125 

40 

.4  834 

.1781 

2.0428 

2.  1159 

.3413 

5.1405 

7.4358 

3.5557 

41 

.4915 

.1825 

2.02  54 

2.3  331 

.3763 

5.2229 

7.4013 

3.3331 

42 

■ 4 302 

. Ib74 

c . 0 6 J 5 

1 • o47  0 

.2656 

4.6829 

7.2009 

5.2961 

43 

. 4 825 

. 1722 

2.0254 

1.  7 97  3 

.2898 

4.9576 

7.2796 

3.  X 0 2 6 

44 

.4872 

.1774 

2.0164 

2.  0501 

.3307 

5.0  96  7 

7.4  005 

3.5119 

45 

.4  889 

.1791 

2.0110 

2.1088 

.3401 

5.1  383 

7.4269 

3. 55X1 

46 

. 4937 

.1841 

2.0031 

2.4179 

.3900 

5.2  330 

7.5523 

3.6532 

47 

.4735 

.1692 

1.9964 

1.6465 

.2656 

4.9  361 

7.1900 

3.3513 

48 

.4362 

.1765 

1.9982 

1.9391 

. 3123 

5.0525 

7. 34o  1 

3.4677 

49 

.4916 

.1806 

1.9961 

2.1933 

.3538 

5.177  3 

7.4626 

3.5925 

50 

.4  996 

.1899 

1.9866 

2. 8070 

• x52  7 

5.3808 

7.6888 

3.7960 

F 3 = 

(TAJ  W G * 

D * ' 2)  / ( 4 • 

RHO*  • NU* 

*»2) 

F5  = (TAU  H G * rt 

*»2) /<4  ♦ 

RHO*  » 1 

F4  = 

( (DEL  TA  P)  P 

* 0 **2)7 (4 

* RHO*  * 

NU»  *»2) 

391 


TABLE  II  (CONT.) 


CALCULATED  RESULTS 


TEST 

LOG  F6 

LOG  F7 

RE  THETA 

* (CF ) G * 

(CF) P * 

(CF)  F * 

NO. 

-* 

1 

* 

* 

o 

10  *♦  3 

10  **  3 

10  ♦*  3 

1 

5.5535 

5.7446 

2.0038 

1. 34246 

1.4599 

1.2  334 

2 

5.6230 

5.8113 

2.1076 

1.24488 

1.4683 

1.2547 

3 

5.7969 

5.9812 

2.4681 

1.19678 

1.4487 

1.2662 

9 

5.8860 

6.0719 

2.6290 

1.23874 

1 • 44h9 

1.2679 

5 

5.9382 

6.1736 

2.8926 

1.25667 

1.4307 

1.2677 

6 

6.0939 

6.2790 

3.1981 

1.23418 

1.4145 

1.2650 

7 

6.1951 

6.3267 

3.3605 

1.24254 

1.3946 

1.2616 

8 

6. 9453 

6 • 4453 

3.8326 

1.24929 

1.3572 

1.2425 

9 

5.7822 

5*9642 

2.3222 

1.23616 

1.4716 

1.2904 

1 0 

6*  05 65 

6.2373 

3.0581 

1.272C8 

1.4177 

1.2601 

11 

5.7373 

5*9765 

2.3226 

1.26661 

1.4798 

1.2  833 

12 

6. 0834 

6.2610 

3.9965 

1.25336 

1.3593 

1.2562 

1 3 

t.  409  3 

6.6432 

6.6969 

1.08782 

1.0787 

1.3969 

19 

6*7856 

6.9215 

9.4223 

.99624 

1.0221 

1.0663 

15 

6.  8537 

6 • 9957 

9.9971 

1. 00360 

1.C138 

1.0526 

16 

6.0940 

7,0317 

10. 3447 

1.13441 

.9390 

1.0498 

17 

6.8100 

6.9662 

10.1477 

1.04229 

1.0138 

1 • 3 366 

1 8 

6.9659 

7.1102 

11.3185 

1. 041! 2 

. 9362 

1.3  2 30 

1 9 

7. 0894 

7. 2327 

12.4245 

1.03097 

• 9645 

1. 0 189 

2 0 

7.  1391 

7.3333 

13.6269 

1.02214 

. 9h79 

1. ) 077 

21 

7.2652 

7*4046 

14.5678 

1.0  2407 

.9273 

1.001b 

22 

7. 1274 

7.2645 

13.5319 

1.03672 

.9595 

1.0288 

23 

7.2336 

7. 3761 

14.7650 

1 • C 4 CJ  ? b 

. 9436 

1 • j i jZ 

29 

7.3170 

7 * 4594 

15.8291 

1.02970 

. 9306 

1.  0 035 

25 

7*4452 

7.5835 

17.7880 

1. 07405 

.9120 

. 3921 

26 

6.6101 

6.7385 

7.4402 

1.11731 

1.0331 

1.0  601 

27 

6*  8654 

6.9941 

9.6750 

.99428 

.9382 

1.0643 

28 

6.7210 

6.8567 

9.2795 

1.0  15  3.1 

1.0208 

1.0615 

29 

6.8030 

b.9368 

9.6918 

1.13958 

1.0134 

1. 3 621 

30 

6.8394 

6.9634 

9.8675 

1.04793 

.9392 

1.3635 

31 

6.9414 

7. 0756 

10.8506 

1.04728 

.9651 

1*3466 

32 

7. 0409 

7.1726 

11.9242 

1. 05263 

• 96  5 7 

1.  0 39o 

3 3 

7.  1151 

7.2492 

12.7809 

1.05267 

.9539 

1.0235 

39 

7.2012 

7.3323 

13.7353 

1.05004 

.9372 

1.0  236 

35 

7.0710 

7. 2085 

13.1270 

1.07738 

.9841 

1,0499 

36 

7.1563 

7.2979 

13.9528 

1.06770 

. 9743 

1 • 0 b07 

37 

7. 2524 

7.3672 

15.0997 

1. 066L6 

. 9492 

1.3385 

3 8 

5.4557 

5.5913 

3.7020 

1 • 1 2 o 6 8 

1.2117 

1.1 320 

39 

5.5817 

5.7136 

4.0975 

1.16462 

1.1998 

1.1434 

9 0 

5.7242 

5.8510 

4.5989 

1. 20675 

1.1764 

1.1461 

91 

5*6165 

5.0165 

4.9921 

1.21042 

1.1623 

1.1525 

92 

5. 4769 

5.6161 

3.5842 

1. 10909 

1.223o 

1.1395 

9 3 

5.5633 

5.6948 

3.8792 

1.18049 

1.2058 

1.1498 

99 

5.6392 

5. 8157 

4.3719 

1.17944 

1.1351 

1.1520 

95 

5.7167 

5,8421 

4.4733 

1.23159 

1.1838 

1.1560 

96 

5.8459 

5.9675 

5,0616 

1.1 3168 

1.1617 

1.1562 

97 

5.47  38 

5.6052 

3.4775 

1.27593 

1.2108 

1.1524 

98 

6.6347 

5.7613 

4.0824 

1.20153 

1. 1999 

1.  1 1.  G 3 

99 

6.7513 

5.8778 

4.5839 

1.26309 

1 . 1839 

1 . 1 £ a9 

5 0 

6.9354 

6.1048 

5.7603 

1.22828 

1.1414 

1. 1 534 

F6  = 

(DELTA  P F * 

M **2)/<4 

* RHO*  * 

HU*  * *2) 

F 7 = 

l < QLLTA  P)P 

* H »*2> / (4  * RHO* 

* NU*  **2) 

(CF)  VO  * 
10  **  3 

1.3211 
1.3220 
1.2930 
1.2928 
1.2792 
1.2973 
1.2992 
1.2196 
1.3390 
1.2725 
1.3918 
1.2203 
1.1270 
1.0939 
1.0932 
1.0520 
1.0629 

1 .0  691 
1.0729 
1.0  666 
1.06  25 

1.0  261 
1.0212 

1.0  30C 
1.0213 
1.1719 
1.1257 
1.0671 
1.0815 
1 .0  688 
1. 08C7 
1.0700 
1.0639 
1 • C 6 09 
1 . C 0 0 5 
.9533 
• 9 7 j9 
1.2325 
1.2C98 
1.1852 
1.1668 
1.2432 
1.2261 
1 . 2 0 I-** 
1.2039 
1.1816 
1 .2o61 
1 ■ 22c8 
1.2J>4 
1.1626 
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TABLE  II  (CONT.) 


CALCULATED  RESULTS 


TEST 

tie 

DELIfi.EF 

RUQ-E 

R*EO  * 

R»EH  • 

LOG  F 3 

LOG  F4 

LOG  F 5 

NO. 

ME 

QE 

RHO* 

10  **  -4 

10  -4 

51 

.5016 

.1931 

1.9770 

3.0886 

.4982 

5.2141 

7.7732 

3.6293 

52 

.5  054 

.1960 

1.9705 

3.4689 

.5595 

5.5589 

7. 6793 

3.  9741 

53 

.4925 

.1825 

1.9674 

2. 2914 

.3696 

5.1984 

7.4958 

3.6136 

54 

.4993 

. 1908 

1.9621 

2.8611 

.4615 

5.3968 

7.6989 

3.8120 

55 

.5  349 

.2161 

1.9438 

8.4867 

1.3688 

6.1 861 

6, b997 

4.60  33 

5 6 

• 5 384 

• 2 16  8 

1. 9181 

5.2046 

1.4846 

6.3033 

6.7700 

4.7155 

57 

.5  363 

.2193 

1.9071 

9.4538 

1. 5246 

6,2641 

8.  7874 

4.6793 

58 

.5391 

. 2203 

1.8962 

10.  2919 

1.6600 

6.3517 

8.  8632 

4.7669 

r 9 

.5356 

.2162 

1.9891 

9.4  20  3 

1.5194 

6.2809 

8.8013 

4*6961 

60 

.5  333 

.2227 

1.9465 

10.5154 

1.6960 

6.3  980 

8.8918 

4.8132 

61 

• 5 424 

.2258 

1.9275 

11.3877 

1.8367 

6.6173 

6*  9 635 

4.9325 

62 

.5417 

. 2271 

1.9024 

12.0531 

1.9440 

6.5 196 

9. C OoO 

4.9348 

63 

.5409 

.2219 

2.0015 

1 1 . 5 74  3 

1.3668 

6.5051 

8.9916 

4.9203 

64 

.5  043 

.1925 

2.0576 

3.3230 

.5360 

5.4  390 

7.6587 

3.8542 

65 

.5116 

.1939 

2.0526 

4, 2862 

.6913 

5* 6 8l5 

8.0913 

4.  0967 

66 

.5203 

.2110 

1.9847 

6.  8051 

1.0976 

6.0573 

8.6028 

4.4725 

67 

. 5 3 23 

.2179 

1.9352 

8.9912 

1.4502 

6.2  361 

8.7445 

4.651 3 

68 

.5  362 

.2137 

1.8836 

10.0102 

1 *6145 

6.3177 

6.  6 327 

4.7329 

69 

. 5408 

. 2203 

1.8441 

10.9720 

1.7697 

6.4  024 

8.9093 

4.8176 

70 

• 5 4?b 

. 2247 

1.7951 

1 1 • 9 o56 

1.9299 

6.4674 

8.9759 

4. 8826 

71 

.5222 

. 20  74 

1. 6b71 

5.510  3 

. 3888 

5.6  53  7 

6.2661 

4.2689 

72 

.5  232 

.2056 

2.0654 

6. 0189 

.9708 

5.9693 

6 * 4 0 6 3 

4.  3745 

73 

.5  338 

.2145 

2.0021 

8.7144 

1.4055 

6*2695 

8.  7327 

4*  6 6 u 7 

74 

• 6 4 0 6 

. 2231 

1.9376 

11.  0568 

1.7634 

6.4317 

8.9373 

4.3469 

75 

.5  451 

.2257 

1.8925 

12.1540 

1.960  3 

6*6145 

9. 0 164 

4.5297 

76 

. 4931 

.1924 

2. 0653 

4.2311 

.6824 

5 . 6 66  4 

8.0485 

4.1016 

77 

.4990 

.1962 

1.9976 

4.7443 

.7653 

•->  • 7 621 

6.  1 461 

4.1973 

70 

. 5 026 

.1934 

1.9713 

5.1302 

• 8355 

5.8497 

8.2229 

4 , 2 o 4 9 

79 

• 5 0 -5  3 

. 2034 

1.9336 

5.7043 

. 9201 

5.9213 

6.3043 

4.  33  6 6 

SO 

• 3 0 74 

. 2 039 

1.9211 

6,1197 

.9870 

5.9769 

8*3  6**  6 

4,3941 

81 

. 5 099 

.2073 

1.8952 

6 • 6655 

1.0751 

6.0  37  5 

8.4373 

4.  4527 

82 

.5148 

.2104 

1.8726 

7.6376 

1.2157 

6*1403 

8.  5471 

4.5360 

S3 

.4  816 

.1810 

1.9561 

2,5563 

.4123 

5*2  5tt 4 

7.6  69  0 

5 * 6 7 5 6 

84 

.4969 

.1972 

1.5171 

4. : 306 

• o662 

5.65/1 

8 * 0 0‘»  1 

4.  0723 

85 

. 5 003 

.1967 

1.6917 

4.  4 353 

.7154 

5.  7260 

6*  0 66  9 

4,14)2 

36 

.4913 

. 1891 

2.0618 

3.  8894 

.6273 

3 • o 37  4 

7.9779 

4*0526 

87 

.4953 

.1937 

2.0323 

4.4530 

.7182 

5.7467 

8.0  92  0 

4*1639 

88 

. 5 028 

.1990 

1.9760 

5. 3386 

. 861 1 

5,ce9i 

0.250  8 

4,3043 

89 

. 5 031 

.2018 

1.9527 

5.7730 

.9311 

5.9402 

8,2517  2 

4, 3554 

90 

.5101 

. 2042 

1.9236 

6.3798 

1.0290 

6.0109 

8.4  060 

4 * »♦  26 1 

91 

.5  130 

.2070 

1 • Q 0 1 9 

6.8698 

1.111  3 

6.0752 

8.4727 

4.4904 

92 

.5  153 

. 2033 

1.8831 

7.4092 

1.1950 

6.1 229 

8.5364 

4,5361 

93 

.5164 

.2106 

1 • 8o  95 

7.9112 

1.2760 

6.1877 

8.5910 

4.6329 

94 

.5191 

.2103 

1.8511 

3.4587 

1.3643 

6.2411 

6*0494 

4*6563 

95 

.5218 

.2131 

1.6344 

9. 8146 

1. 5830 

6.3706 

8.  7 792 

4.7353 

96 

.4699 

.1634 

2.0714 

1.7  705 

.2356 

4.9403 

7.2534 

3,  3556 

97 

.4749 

. 1 7 C 0 

2.0513 

2.  0245 

. 32o5 

5.  0 377 

7.  3746 

3.4529 

98 

.4310 

. 1742 

2.0328 

2.  3224 

. 3746 

5.1910 

7.5011 

3*  bO  62 

99 

.4  829 

.1767 

2.0154 

2*  4 64  5 

.3975 

5.2195 

7*5525 

3.6347 

100 

.4897 

.1821 

1.9993 

2.7061 

.4368 

5.3203 

7.6430 

3.  7355 

F3  = 

(TAJ  H G * 

0 **2>/(4  • 

RHO*  » NU* 

* * 2) 

F5  = (TAU  H G * H 

**  2) / ( 4 * 

RHO*  * 1 

F4  = 

((DELTA  PIP 

* 0 »*2>/ (4 

* RHO*  * 

NU*  * *2 ) 

393 


TABLE  XI  (CONT.) 


CALCULATED  RESULTS 


TEST 

LOG  F6 

LOG  F7 

RE  THETA 

♦ (CF)G  * 

(CF) P • 

(CF) F * 

(CF)  VO  * 

NO. 

10  **  -4 

10  **  3 

10  **  3 

10  **  3 

10  »•  3 

51 

6.  0734 

6.1384 

6.2556 

1.24399 

1.1214 

1.1517 

1.1503 

52 

6. 1794 

6.2945 

6.9487 

1.22167 

1.1024 

1.1420 

1.1328 

53 

5.7874 

5.9110 

4.6591 

1.22301 

1.1762 

1.1595 

1.2141 

54 

5. 9986 

6.1141 

5.7389 

1.24196 

1.1351 

1.  1573 

1.1735 

55 

6.9930 

7.1149 

18.7831 

.88126 

.9619 

1.0613 

.9744 

56 

6.9590 

7. 1852 

19.8378 

.98969 

.9529 

1.0395 

.9757 

57 

7.G847 

7.2026 

20.1572 

. 8o221 

.9414 

1.0457 

.9776 

58 

7.1581 

7.2784 

21.6555 

.89525 

.9295 

1.0337 

.9712 

59 

7.0973 

7. 2167 

21.5914 

. 36541 

.9349 

1.0375 

.9  377 

6 0 

7.1927 

7. 3070 

23.0965 

.92940 

.9135 

1 • u 567 

.9430 

61 

7 . 2b  3 7 

7.3787 

24.5390 

1.06328 

.9126 

1.0  347 

.9414 

62 

7.3099 

7.4212 

25.3430 

.95766 

. 8985 

1.0304 

.9462 

6 3 

7 • 2 6 6 b 

7. 4065 

26.6989 

.95464 

. 3999 

1.0 118 

.9048 

54 

6. 1529 

6. 2739 

8.5730 

.96753 

1.1042 

1.1260 

1.0618 

65 

6.3374 

6 . 5065 

10.8634 

1.01863 

1 . 0538 

1.1471 

1.3231 

6 6 

6 • 7993 

6.9160 

15.9104 

.99324 

. 93o6 

1.0717 

.9663 

67 

7.  0448 

7. 1597 

19.8354 

.83088 

,9414 

1 , u 4 5 3 

.9  747 

6 3 

7.1291 

7.2479 

21.0143 

.87864 

.9232 

1.3  323 

.9791 

69 

7.2025 

7. 3245 

21.9551 

.91012 

.9221 

1.0  259 

.9893 

7 0 

7. 2737 

7.3911 

2 2. 7 C 56 

.91306 

. 9097 

1.  3 275 

1.0 034 

7 1 

6.5526 

6.7013 

11.7114 

1.  0C754 

1.4395 

1. 1 055 

1.3625 

72 

6.6992 

6.8235 

15.1229 

. 97356 

1.0054 

1.G677 

.9653 

7 3 

7.0246 

7.1479 

20.3574 

.98074 

. 9 4 7 6 

1.  0 362 

.9441 

74 

7.2352 

7. 3625 

24 ,1504 

.91259 

.->138 

1.  0 291 

. 94  05 

75 

7.3122 

7.4316 

25. 3607 

.93556 

• 9 0&9 

1.0  2 36 

.9499 

76 

6.3521 

6.4637 

12.1786 

1.056C1 

# 2904 

1 . 3 7b7 

1.0057 

77 

6.4573 

5.5613 

12.9384 

1. 077C8 

, 990o 

1.0750 

1.0147 

7 8 

6.63  33 

■5.633? 

13.7584 

1.06966 

.9817 

1.  0 691 

1.41 44 

79 

6 • 6 ? J 6 

6.7195 

14.6366 

1.06780 

. To 37 

1 , 0 7 6 0 

1 « j 1 l e 

8 0 

6.6736 

6.7798 

15.4047 

1 . 0 5 9 1 6 

.95  02 

1.  3 6 39 

1.0153 

81 

6.7563 

6.8525 

16.3319 

1.0 3564 

. j 4 0 u 

1 • C 6 \j  1 

1.0161 

« ? 

6.0622 

0.9623 

17.9885 

1. 0 3685 

. 9 3 3 1 

1 , ^ 1 

1,3497 

83 

5.  87 6‘t 

5.9042 

6.9320 

1 . 1 3474 

1.1043 

1. 1 277 

1.1413 

8 4 

6. 3217 

6.4193 

10.5776 

1.1103b 

1 .0257 

1.1 135 

1.4  797 

35 

6. 3766 

6. 4821 

21.0444 

1.14373 

1 .0221 

1.0972 

1.0622 

85 

6. 2871 

6. 393 J 

11.5057 

1.10231 

1 . 0100 

1.0760 

1.  3 0 39 

87 

6.4046 

6.6072 

12.5724 

1.11130 

• 99  2 3 

1.0739 

1.0071 

88 

6.5622 

6.6660 

14.259o 

1.09926 

. 9741 

1.1248 

1.0  4' cb 

39 

6.  6305 

6.7324 

15.0357 

1.07114 

.9656 

1.4443 

1.0 077 

90 

6.7159 

6.8212 

16.1044 

1. 04779 

• 95ob 

1.  0 565 

1.0079 

91 

6.7337 

6.8879 

16.9947 

1.05370 

.9476 

1.0150 

1 . 0078 

9 ? 

6. 3446 

6 1 9 5 5 6 

17.9111 

1,02700 

.9345 

l.C  450 

1.0C6S 

93 

6.9039 

7.0062 

13.8308 

1.05340 

. 926  3 

1.0454 

1.0045 

94 

6.9581 

7,(646 

19.7234 

1.05227 

.9166 

1.  0 336 

l.u  0 47 

9 5 

7 . 0 6 7 9 

7 . 1944 

22.3634 

1 . 0 0 264 

. 6 9 3 3 

1.0 154 

.9921 

96 

5.5373 

5 , 6605 

6.1501 

1.07371 

1 .1527 

1.0  974 

1.1173 

97 

5.6671 

5.7598 

6. 8541 

1,03848 

1.1350 

1,1096 

1.1044 

38 

5.7931 

6 . 9 lb 3 

7.7391 

1.13283 

1.1201 

1.1456 

1.0896 

99 

5.  0472 

5 . 9677 

8.0733 

1.08361 

1.1117 

1.1482 

1.0865 

10  0 

5.9386 

6.0562 

8.7147 

1.14062 

1.1204 

1.1191 

1.0809 

fb  = 

(DELTA  P 7 

* H **21/(4 

» RHO*  » 

UU»  **2> 

F7  = ((DELTA  P)l>  * H »*2)/(4  • P.MO*  * NU»  »*2> 


TABLE  II  (CONT.) 
CALCULATED  RESULTS 


TEST 

ae 

oelia.ef 

RdQ.E 

R*EO  * 

R»EH  * 

LOG  F 3 

LOG  F 4 

LOG  F 5 

NO. 

HE 

QE 

RHO* 

10  ♦*  -4 

10  **  -4 

101 

.4928 

.1857 

1.9831 

3.1416 

.5067 

5.4453 

7.7739 

3.  8605 

102 

.4  338 

.1863 

1.9721 

3. 3187 

.5353 

5.4  381 

7. 8121 

3*  85  3 3 

103 

.4923 

. 1923 

1.9316 

3.9  39  0 
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SUPERSONIC  SEPARATED  TURBULENT  BOUNDARY- 

LAYER  OVER  A WAVY  WALL  A 

by 

A.  Polak  and  M.J.  Werle 
University  of  Cincinnati 

SUMMARY 

This  research  is  concerned  with  the  development  of  a pre- 
diction method  for  calculating  detailed  distributions  of  surface 
heating  rates,  pressure  and  skin  friction  over  a wavy  wall  in 
a two-dimensional  supersonic  flow.  Of  particular  interest  is 
the  flew  of  thick  turbulent  boundary  layers.  The  surface 
geometry  and  the  flow  conditions  considered  are  such  that  there 
exists  a strong  interaction  between  the  viscous  and  inviscid 
flow.  First,  using  the  interacting  turbulent-boundary  layer 
equations,  the  problem  is  formulated  in  physical  coordinates 

and  then  a reformulation  of  the  governing  equations  in  terms  of  j 

Levy-Lees  variables  is  given.  Next,  a numerical  scheme  for 

solving  interacting  boundary  layer  equations  is  adapted.  A 

number  of  modifications  which  led  to  the  improvement  of  the 

numerical  algorithm,  are  discussed.  Finally,  results  are  presented 

for  flew  over  a train  of  up  to  six  waves  at  various  flow 

conditions.  Limited  comparisons  with  indeoendent  experimental 

and  analytical  results  are  also  given. 
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Superscripts 

* Denotes  dimensional  quantities. 
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INTRODUCTION 


This  research  is  concerned  with  the  two-dimensional  supersonic 
flow  of  thick  turbulent  boundary  layers  over  a train  of  relatively 
small  wave-like  protuberances.  Interest  in  this  subject  arises 
from  the  need  to  predict  the  extent  to  which  an  initially  flat 
plate  boundary  layer  has  been  disturbed  by  a regular  corrugation 
in  the  wall  surface.  The  flow  conditions  and  the  geometry 
considered  here  are  such  that  there  exists  a strong  interaction 
between  the  viscous  and  inviscid  flow.  The  problem  cannot  be 
solved  without  including  interaction  effects  because  classical 
boundary  layer  methods  would  terminate  in  a separation  point 
singularity. 

To  handle  the  present  subject  by  boundary-layer  methods,  a 
technique  for  treatment  of  the  interacting  boundary  layer 
■> equations  as  well  as  models  for  turbulence  and  for  the  viscous- 
inviscid  interaction  process  must  be  available.  A numerical 
method  for  addressing  closed  bubble  separation  regions  was 
developed  by  Werle  and  Vatsa  [1] . It  was  applied  to  a number  of 
laminar  separated  flow  problems  including  flow  over  a train  of 
sine-wave  protuberances  [2].  This  method  uses  the  interacting 
boundary  layer  equations  with  a time-like  relaxation  concept  which 
accounts  for  the  boundary-value  nature  of  the  problem.  This 
approach  is  adopted  in  the  present  study  with  the  inclusion  of 
the  eddy  viscosity  model  of  Cebeci  and  Smith  into  the  solution 
scheme.  The  present  form  of  the  numerical  algorithm  includes 
several  modifications  to  that  of  the  earlier  work  [2,  3]  in  order 
to  accommodate  the  turbulent  nature  of  the  flow,  the  thick  boundary 
layer,  and  the  rather  dramatic  geometry  variations  of  ohe  wavy  wall. 


* 

j 


^04 


It  was  found  that  the  method  was  capable  of  handling  the 
interacting  turbulent  flows  of  present  interest.  Solutions 
were  obtained  for  flow  of  thick  turbulent  boundary  layers  over 
a train  of  waves.  The  results  are  presented  in  terras  of  surface 
pressure,  skin  friction  and  heat  transfer  distributions.  The 
predicted  trends  are  compared  with  available  analytical  results 
on  small  disturbance  theory  and  with  experimental  data. 
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GOVERNING  EQUATIONS 


1.  Boundary  Layer  Equations  in  Physical  Coordinates 

The  suitability  of  the  interacting  boundary  layer  equations 
for  describing  the  relatively  strong  streamwise  variations  in 
the  boundary  layer  characteristics  due  to  sudden  changes  in  the 
body  geometry  has  been,  at  least  for  the  laminar  case,  verified 
earlier  [1,  2] . This  approach  is  used  in  the  present  study  in 
which  Prandtl's  classical  boundary  layer  equations  are  adopted 
with  the  only  modification  that  the  pressure  variation  was  not 
prescribed  but  calculated  simultaneously  from  a viscous-inviscid 
interaction  model. 

The  boundary  layer  approximation  in  two-dimensional  viscous 
flow  problems  implies  that  the  pressure  variation  is  assumed  to 
occur  only  along  one  coordinate,  taken  in  the  general  direction 
of  the  wall  shear  layer.  The  degree  of  this  approximation 
depends  on  the  choice  of  the  coordinate  system.  While  for  very' 
thin  boundary  layers  over  a corrugated  wall,  or  thick  boundary 
layers  over  a relatively  flat  wall,  surface  coordinates  were 
suitable,  (see  Ref.  3)  for  thick  boundary  layers  flowing  over 
a small  amplitude  wavy  wall,  Cartesian  coordinates  were  found 
to  be  more  appropriate.  Accordingly,  the  governing  equations 

will  first  be  written  to  apply  to  both  the  usual  surface 

★ ★ ★ ★ 

coordinates  (s  , n ) and  the  Cartesian  coordinates  (x  , y ) 

★ * 

using  the  notation  (x^,  x^)  to  denote  either  of  these.  Non- 
dimensional  variables  of  order  one  are  now  defined  according 
to  the  scheme 
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x1  = x1/L 


u = 


* * 

u /u 


1/2  * * 
x2  = x2/L 


1/9  * * 

V = Re£7  v /Us  , 


(la) 


P = 


* * *2 

p /p»u~ 


★ ★ 

0 = P /p„ 


* * *9 

T = C T /u 

P 00 


it  it  * it  *2  * 

Re  = p u L /u  (u  /C  ) 

2T  oo  30  ao  p 


(lb) 

(lc) 


it  it  it  it  it 

and  u , v , p , p and  T represent  the  mean  velocities,  pressure, 
density  and  temperature  respectively. 


The 

turbulent  i 

are  : 

Contir.uit 

y Equation 

3 

+ TxJ 

3X1 

Momentum 

Equation 

3u  3u 

p ( u 

3x^  3x. 

Energy  Equation 

(pv)  = 0 


(2) 


du  . 

e . 3 , du 

'eue  dx^  3x2  y 3x2 


tT^ 


(3) 


P (U  ~~  + V = - P^u 

<7  A ^ O 


du 

- U + (y 

e e dx^  3x2  3x2 


xt) 


3 f u 3 T . 

3x2  Pr  3x2  qTJ  ' 


(4) 


where  and  are  the  nondimensional  turbulent  stress  and  turbulent 
T 

heat  flux  respectively. 

The  gas  is  assumed  to  be  air  with  constant  specific  heats  and 
constant  Prandtl  number,  Pr  = 0.72  with  the  perfect  gas  law, 
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State  Ecuation 


p = ^ T 

y 


Boundarv  Conditions 


u(x1,  x2 ) = 0 


v (x,  , x0)  = 0 


T (x]_  > x2  ] = Tw(xl> 


u (x1?  x2)  = ug  (x1) 
T (x1,  x2)  = Tg  (x1) 


at  x7  = x?  (x1) 
“w 


at  x2  - 


where  x2  (x^)  describes  the  body  surface  contour  (x2  = 0 in 

w ^w 

surface  coordinates,  x2  = yw  (x)  for  Cartesian  coordinates). 

w 

2 . Turbulence  Model 

To  obtain  closure  of  the  system  of  equations  (2-6) , models  for 
the  turbulent  stress  and  turbulent  heat  flux  terms  are  needed.  The 
eddy  viscosity  concept  used  in  conjunction  with  Prandtl's  mixing 
length  hypothesis  for  the  wall  layer  region  is  the  most  widely 
used  algebraic  model  for  turbulent  stress.  A well  known  repre- 
sentation is  the  two  layer  eddy  viscosity  model  of  Cebeci  and  Smith 
which  has  been  very  successful  in  modeling  turbulence  effects  for 
flat  plate  boundary  layers  and  other  attached  boundary  layers 
with  moderate  pressure  gradients.  Less  favorable  results  are 
obtained  when  using  this  model  for  strongly  interacting  and  separated 
flow  regions  where  it  appears  to  fail  conceptually. 
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In  general  turbulent  quantities  like  the  Reynolds  stress 
are  governed  by  transport  equations,  thus  requiring  that  the 
turbulence  history  be  accounted  for.  The  eddy  viscosity  concept 
relates  the  Reynolds  stress  to  only  the  local  mean  flow  gradient. 
This  corresponds  to  the  physical  idea  that  production  of  turbulence 
at  a point  due  to  interaction  with  the  mean  flow  is  cancelled  by 
the  dissipation  due  to  its  self-interaction  (this  is  referred 
to  as  the  "local  equilibrium"  concept).  In  other  words,  the 
eddy  viscosity  model  is  the  solution  to  a truncated  transport 
equation.  In  an  effort  to  better  align  the  predictions  for 
separated  flows  with  experimental  data,  previous  investigators 
(see  Refs.  4 and  5 for  examples)  have  empirically  modified  the 
equilibrium  eddy  viscosity  model  to  account  for  the  history  effect. 
Thus  'frozen',  'relaxation',  and  other  models  were  devised  and 
successfully  applied  in  several  of  separated  flow  predictions. 

One  of  the  present  authors  [6]  also  used  the  'frozen'  and 
'relaxation'  models  in  the  interacting  boundary  layer  equations 
for  separated  flows  with  no  significant  improvements  in  the 
predicted  results  over  those  obtained  with  the  basic  eddv-viscosity 
model.  An  alternate  way  to  try  to  achieve  more  satisfactory  results 
would  be  to  model  the  turbulence  via  the  turbulent  transport  equa- 
tions, and  then  eventually  introduce  modifications  which  will 
account  for  the  extra  effects  on  turbulence  occurring  in  the 
strongly  interacting  flows.  This  will,  of  course,  further  tax 
the  computing  times  required  for  these  calculations. 

With  the  above  mentioned  limitations  in  mind,  the  basic  form 
of  the  Cebeci-Smith  eddy  viscosity  model  was  adapted  for  the 
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present  study  where  interaction  effects  tend  to  reduce  longitudinal 
gradients  and  only  small  separation  regions  are  encountered. 

Thus  we  take 


= £ 


and  relate  qT  to  tt  by  the  turbulent  Prandtl  number  as 

PrT  = • (7b) 

The  turbulent  Prandtl  number  is  here  taken  constant,  PrT  = 0.90. 
The  two  layer  (outer  and  inner  region)  Cebeci-Smith  model  is  then 
given  as : 

Inner  Region 


* _*  2 . * 

t , \ _ P l 3u  | 

u/u>i — — ! 

Vi  3X2 


where 


— ★ ★ ★ •k 

l = K1  x^Il  - exp  (-x2/A  )] 


with  = 0.40  and 


* * * * 

A - 26 (u  /P  ) — 

W 3x 


* * -1/2 

* /p  ) 


where  the  absolute  value  of  3u  /3x2  has  been  introduced  in 
equation  (8c)  as  a modification  of  the  Cebeci-Smith  model  for 
reverse  flows. 


Outer  Re a ion 


* * 

p ue 

(e/u)  = z — — K-  y 6.  . 

o * 2 kmc 

M 


where  y is  the  transverse  intermittency  function 


y = {1  - erf[5(x2/x2  - 0.78)  ]}/2 


The  variable  x0  is  the  value  of  x2  at  which  u/ug  = 0.9S5,  and 
“e 

6,  . is  the  incompressible  displacement  thickness, 
kinc 

3.  Boundary  Layer  Equations  in  Transformed  Variables 

The  boundary  layer  equations  given  in  Section  1 are  here 
recast  using  the  Levy-Lees  transformation. 

The  new  independent  variables  are  defined  by 


= f p u u dx. 
' e e e 1 


ue  2 

u dx.  , n = — zr  I p dx9 
e 1 /2?  o 


(10a, b) 


The  normalized  dependent  variables  are  now  defined  as: 


velocity  ratio, 

F = u/u 


(11a) 


mean  static  enthalpy  ratio 
e = T/T 


(lib) 


or,  mean  total  enthalpy 
g = H/H 


(11c) 


With  these  definitions,  equations  (2-4)  become: 
Continuity  Equation 


H + 2;  i!  + f 

5n  h 


Momentum  Eauation 


,r  r 5F  , .,  3 F 

F TT  V “ 


B (9-F2)  + 4-(lz  |£) 


(13a) 


: F - F 

F ~ + V ~ 

3 5 jn 


(1  + f)  3 (g-F‘ 


I — ( l £ t— -) 

an  5 n 
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Static  Temperature  Energy  Equation 

2?  F + V = a Ll  (4^-)  2 + 4-  U ~ |f) 

d ^ on  an  on  Pr  9n 

or 

Total  Temperature  Energy  Equation 

2a 


(14a) 


25  F If  + V If 


2+a  UU  - e/Pr)F|Il  +|,  (|f  |^,  , 


(14b) 


where  z is  the  viscosity  parameter  defined  by 


2 = Pu/Peue 


(15) 


with  y given  from  Sutherland's  viscosity  law  and  the  turbulent 
parameters,  e and  e are  defined  as 


e = 1 + (e/y)  r 
Pr 


£ = 1 + ( £ / y ) 


Prn 


(16a) 

(16b) 


where  r is  the  streamwise  intermittency  function:  for  fully  laminar 
flow  r = 0 and  for  fully  turbulent  flow  r = 1,  while  for  the 
transitional  region  its  value  varies  smoothly  from  zero  to  one. 

The  parameters  a and  $ are  obtained  from  the  local  inviscid  flew  as 


a = u‘/T 
e e 

- . du 

a = Ik  _ e 
ue  d5 


State  Equation 


or 


Pe/P  = 0 


o /o  = V (H 
u 

e 


u 


e p2. 


(17a) 

(17b) 

(18a) 

(18b) 
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Boundarv  Conditions 


F (5,  n) 

= 

0 

V(5,n) 

= 

0 

at  n = r, 

w 

(19  a) 

9 U,  n ) 

= 

T /T 
w e 

or 

g(5»n) 

= 

H /H 
w e 

where 

n =0  for 
w 

surface 

coordinates  and  n = n (5) 
w w 

for  Cartesian 

coordin 

ates . Also  we 

have 

that 

F ( i , n ) 

= 

1 

e U,n) 

= 

1 

as  n ■*  °° 

(19b) 

or 

g U , n) 

— 

1 

The  turbulence  relations  given  in  Section  2 can  be  expressed 
in  transformed  variables  as: 

Inner  Recion 


(e/u)± 


*■  Rer 


, 5F 
1 Sn 


(20a) 


where  -t^  = 1 - expf-^) 


(20b) 


2 


X-  s u 
2 e e 

2 6 £ 9 2 v 


(9/Re" 


1/2 

) 


(20c) 


Outer  Region 


Note  that,  as  far  as  the  form  of  the  governing  equations  is  con- 
cerned, the  only  difference  between  the  use  of  surface  coordinates 
and  Cartesian  coordinates  is  in  the  wall  boundary  condition 
equation  (19a).  This  can  be  eliminated  using  Prandtl's  trans- 
position theorem  by  writing  that 


5 = 

5 

(21a) 

n — 

n - n ( 5 ) 

(21b) 

w 

v = 

1 

V - 2 Sn  F 
^ w 

(21c) 

With  these  transformation  equations  (12-14)  and  (19)  yield: 
Continuity  Equation 


1?  + 25 

11  + 

• F = 

0 

(22a) 

3 m 

3 5 

Momentum  Equation 

25  F H 

+ V 

3 F _ 

S (9-F2) 

+ 1^  u 

- 3 F . 
e — ) 

(22b) 

35 

3n 

3n 

3n 

or 

2?  F — 
35 

+ V 

3F  = 

3 n 

(1  + f) 

3 (g-F2) 

+ — (lz 
3n 

3n 

(22c) 

Energy 

Equation 

25  F I® 

+ V 

j 9 _ 

a i e (1^-) 

2 + n 

Ac  33v 

Pr  3n 

(22d) 

35 

3n 

3n 

or 

2 5 F 12. 
35 

+ V 

13.  = 

3n 

-e/Pr) F 

11] + 1- 

3n  3n 

/Ls.  13) 
pr  . “ 
a n 

(22e) 

Boundary  Conditions 

F(5,0)  = VU,0)  = 0 


or  g ( C * 0 ) = gw  ( ; ) (23a) 
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and 


or 


F(C,“)  = 1 

0(5,-)  = 1 

g(5,-)  = 1 


(23b) 


The  interacting  boundary  layer  calculations  require  an  initial 
velocity  and  temperature  profile  at  some  station  ahead  of  the 
e- "active  interaction  region  (see  Figure  1).  This  profile  was 
obtained  here  from  a noninteracting  two  dimensional  laminar- 
transitional-turbulent  boundary  layer  calculation  by  an  ordinary 
marching  technique  using  a prescribed  pressure  distribution. 

4 . Inviscid/Viscous  Interaction  Model 

The  interaction  of  the  boundary  layer  with  the  isentrcpic 
supersonic  inviscid  flow  is  modeled  in  the  pressure  gradient 
parameter  3 by  coupling  it  to  the  inclination  3^.  The  edge 
pressure  is  obtained  from  the  Prandtl-Meyer  relation  approximated 
here  to  second  order  in  terms  of  3^  as 


Pe  = 


yM 


-1 


/m2-i 


2 2 4 

(M.f  ~2)Z  + YM* 

2 2 
4(M  -V, 


,2 

T 


where  9T  = tan  (d5T/dx) 


5T  = yw  + {cos  9S 


9S  = tan  1 (dx2/dx1) 


(24) 

(25a) 

(25b) 

(25c) 
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L M ui  t 
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Once  pg  is  obtained  the  isentropic  relations  and  Euler's  equation 
are  used  to  obtain  6 in  equation  (17b) . Thus,  the  inviscid  and 
viscous  flows  must  be  solved  simultaneously  since  they  are 
directly  connected  through  the  displacement  thickness  given  in 
equation  (25c)  . 
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NUMERICAL  METHOD  OF  SOLUTION 


The  numerical  method  used  is  an  implicit  finite  difference 
scheme  written  for  the  similarity  form  of  the  governing  equations 
that  marches  from  some  initial  station  along  the  surface  to  the 
terminal  point  of  interest.  To  account  for  the  boundary  value 
nature  of  the  problem,  Werle  and  Vatsa  [1]  have  added  the  time 
dependent  concept,  similar  to  the  one  used  for  the  solution  of 
elliptic  partial  differential  equations.  This  results  in 
modification  of  only  the  momentum  equation  (22b)  by  replacing 
the  pressure  parameter  3 with  S defined  as 

36T 

? - 6 + sir  • (26) 

This  method  has  been  successfully  applied  to  laminar  separated 
flow  problems  with  various  flow  configurations  including  one  with 
multiple  interacting  regions  [2,  3].  The  extension  of  this 
approach  to  turbulent  boundary  layers  involves,  aside  from  inclusion 
of  the  eddy  viscosity  model  into  the  solution  scheme,  a number 
of  modifications  (see  also  Ref.  6).  Specifically,  the  following 
steps  were  taken. 

1.  The  numerical  stability  and  convergence  rate  has  been 
enhanced  by  introducing  a new  differencing  in  the  continuity 
equation.  It  has  only  recently  beer,  recognized  [7,  8]  chat  tha 
longitudinal  derivatives  in  the  continuity  equation  provide  a path 
for  interacting  flows  to  propagate  information  upstream.  To 
accommodate  this  numerically  requires  the  use  of  some  sort  of  a 
forward  difference  procedure.  In  the  present  work  we  adopt  in 
the  continuity  equation  the  following  forward  differencing 
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where  the  superscript  (o)  denotes  values  at  the  previous  tine  step 
and  subscript  i refers  to  the  ith  station  along  the  length  of  the 
surface . 

2.  The  reliability  of  the  present  algorithm  was  enhanced 
by  adopting  the  'upwind  differencing'  concept  for  the  longitudinal 
convection  effects.  In  the  reversed  flow  region  upwind  differencing 
was  used  in  the  longitudinal  direction  for  the  convective  terms 
in  order  to  satisfy  the  stability  requirements.  This  eliminates 
the  so-called  'artificial  convection'  concept  used  earlier  [2] 
for  the  laminar  case.  This  modification  is  significant  because 
the  velocities  in  the  reversed  flow  regions  are  larger  in  the 
turbulent  case  than  in  the  laminar.  Thus  the  convection  term  in 
the  momentum  equation  is  differenced  as 


F. 

1 


(II) 


1 

2 


{Ft  + \Fl\  } (Fi  - Fi_l)/A5 
, ~ . (o) 

- - Fi)/15  • 


+ 


(27) 


F^  is  replaced  by  F^_^  for  forward  flow,  and  by-F^°^  for  reversed 
flow.  3y  replacing  the  F^  with  F^°^  the  occurrence  of  a separation 
point  singularity  is  avoided  [1,  6].  Note  that  the  first  term 
on  the  right  hand  side  of  equation  (27)  vanishes  for  reversed 
flow,  and  the  second  term  vanishes  for  the  forward  flow.  The 
same  procedure  was  followed  with  the  term  F3S/3£  in  the  energy 


. 


Furthermore,  the  upwind  differencing  was  found  also  helpful 
in  the  n direction,  in  the  convective  dominated  outer  regions  of 


the  thick  turbulent  boundary  layer.  It  was  brought  to  our 

* 

attention  that  upwind  differencing  of  the  3F/3n  term  in  the 
momentum  equation  might  be  required  to  satisfy  the  convergence 
criteria  of  the  numerical  scheme  (see  also  Ref.  9) . In  the 
boundary  layer  near  the  wall  the  diffusion  term  F dominates  the 

convective-like  term  F and  a central  difference  scheme  for  F 

n n 

is  appropriate.  However,  in  the  outer  reaches  of  the  boundary 
layer  the  diffusion  term  decreases  significantly  and  numerical 
instabilities  occur.  From  a study  of  the  model 

equation  F + aF^  = 0 it  is  found  that  with  central  differencing 

the  criteria  ] a An  | <_  2 must  be  adhered  to,  to  avoid  these 

oscillations.  Hence  the  term  F was  central  differenced  when 

| a An  | <_  1 and  upwind  differenced  when  |a  An  | > 1. 

3.  The  convergence  rate  of  the  time  relaxation  solution 

method  for  the  thick  boundary  layers  has  been  found  much  slower 

than  for  thin  boundary  layers.  The  two  cases  differ  largely  in 

that  for  the  thick  boundary  layer  the  disturbance  of  the  total 

displacement  body  from  the  flat  plate  value  is  very  small.  It 

was  argued  that  the  numerical  truncation  error  can  be  of  the  same 

order  as  this  relative  change  per  one  iteration,  thus  leading  to 

very  small  convergence  rate.  We  introduced  therefore  a new 

variable  DT  in  place  of  the  total  displacement  body  £„.  The  D_ 

is  defined  as  DT  i [iT(-;,t)  - d i ^ ) ] /h  , where  6 ^ ( -; . ) is  the 

displacement  thickness  at  the  initial  station  and  h is  a constant 

s 

* R.T.  Davis,  Personal  Communication. 
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of  the  order  of  the  maximum  protuberance  height.  Calculations 
performed  with  this  modification  show  improvement  in  the 
convergence  rate. 

The  accuracy  of  the  calculated  solutions  depends  cn  the  degree 

of  precision  of  the  finite-difference  approximation  and  the  step 

size.  In  turbulent  boundary  layers,  large  changes  occur  in  the 

velocity  prefile  in  the  inner  layer  very  near  the  surface.  A 

sufficient  number  of  mesh  points  are  needed  near  the  wall  in  order 

to  get  a good  resolution  in  the  predictions  of  wall  shear  and 

surface  heat  transfer.  At  the  outer  edge  of  the  boundary  layer 

where  the  Levy-Lees  variable  n acquires  large  values,  the  changes 

are,  on  the  other  hand,  very  small.  This  is  especially  pertinent 

in  the  case  of  a thick  turbulent  boundary  layer  disturbed  by  a 

relatively  small  protuberance.  Thus,  for  reasons  of  efficiency 

and  accuracy  a variable  mesh  size  in  the  n direction  is  used  in 

solving  most  turbulent  boundary  layers.  A mesh  growing  in  size 

from  the  wall  as  a geometric  progression  is  used  in  the  present 

algorithm.  3lottr.er  [10]  has  shewn  that  in  terns  of  a transformed 

normal  variable  N(n)  replacing  the  stretched  Levy-Lees  variable  - , 

2 

the  truncation  error  is  proportional  to  AN  as  N ■*  0 , or  the 
method  of  calculation  is  second  order  accurate.  At  the  jth  grid 
point  the  physical  coordinate  is  obtained  from 


N./AN  1/ AN 

(K  ] ° - 1)/(K  ° - 1)  (28) 


It  was  found  here  that  if  instead  one  replaced  ANq  by  AN,  where  AM 
is  of  course  varying  with  jmax,  while  holding  K fixed  the  error 
diminishes  with  AN  as  K i.e.  much  faster  than  AN^  . Further 

details  are  given  in  Appendix  A.  Figures  2 show  the  surface  heating 
parameter's  dependence  on  AN  and  thus  provides  an  accurate  error 
estimation  procedure.  Based  on  this  step  size  study  it  was  found 
that  with  values  of  nmax  = 200,  = 55,  and  K = 1.254  , a 7% 

truncation  error  was  incurred  in  the  calculation  of  wall  heat 
transfer.  This  represents  an  acceptable  compromise  between  the 
accuracy  and  the  efficiency  of  calculations. 

The  gove_.._ng  equations  were  linearized  and  the  partial 
derivatives  were  replaced  by  finite  differences.  The  eddy  viscosity 
term  e/u,  appearing  as  a nonlinear  term  in  the  governing  equations, 
is  approximated  by  its  previous  station  value.  Central  differences 
v/ere  used  to  represent  partials  with  respect  to  n (except  as 
noted  above  where  upwind  differencing  for  F^  was  required  in  the 
outer  region  of  the  boundary  layer)  as  well  as  for  the  streamvise 
derivatives  of  the  displacement  body  height,  :n.  Upwind  differencing 
was  used  in  the  convective  terms  in  the  momentum  and  energy 
equations  and  forward  differencing  with  respect  to  C in  the 
continuity  equation. 

The  calculation  commences  with  certain  initial  conditions  and 
then  through  the  time  dependent  approach  [1]  the  steady  state 
solution  for  a given  set  of  boundary  conditions  is  sought.  In 
the  present  calculations  the  initial  conditions  were  set  by  taking 
the  zero  time  displacement  body  to  correspond  to  a fiat  plate 
boundary  layer  and  the  surface  protuberance  to  be  of  zero  height. 
Subsequent  tine  sweeps  are  conducted  with  the  wave  amplitude 
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increasing  gradually  by  a small  amount.  After  the  desired  geometry 
is  reached  (after  the  first  10-15  sweeps)  the  time-like  relaxation 
process  is  continued  until  the  flow  properties  are  relaxed  to 
the  final  value.  This  process  is  shewn  in  Figure  3a  where 
the  skin  friction  coefficient  at  one  location  (s  = 3.58)  is  shown 
as  a function  of  time  iteration  number.  This  location  is  near 
the  junction  of  the  flat  plate  with  a single  sine-wave  protuberance 
where  separation  occurs.  The  resulting  skin  friction  and 
surface  heating  distributions  are  shown  in  Figure  3b.  For  this 
case  with  a thin  boundary  layer,  the  calculation  was  performed 
in  surface  coordinates.  Figure  3a  shows  that  once  the  full 
protuberance  height  is  attained  (11  sweeps)  it  takes  about  50 
more  sweeps  for  the  skin  friction  to  attain  its  'steady  state' 
value.  This  calculation,  with  41  normal  grid  points  and  71 
longitudinal  grid  points  were  performed  in  5 minutes  of 
computer  time  on  the  IBM  370-168. 
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RESULTS  AND  DISCUSSION 


L 


A major  interest  of  the  present  investigation  is  in  the 
numerical  predictions  for  thick  turbulent  boundary  layers  over 
a wavy  wall,  as  those  in  the  experiments  of  reference  [11] . 

The  geometry  and  the  flow  conditions  were  therefore  chosen  to 

coincide  with  those  given  in  reference  [11] . The  amplitude 

★ ★ 

and  wave  length  are  a = 0.29  cm,  w = 3.66  cm  respectively. 

* 

A reference  length  L = 15.25  cm  was  chosen.  The  base  flew 

conditions  are  defined  by  Mx  = 2.53,  Re^  = 10.32  x 10^/m, 

T = 174°K  and  T /T  = 0.81.  Henceforth,  we  refer  to  these 
* wo 

conditions  as  standard  flow  conditions. 

To  obtain  the  present  results  it  is  first  necessary  to 
generate  initial  profiles  at  some  point  ahead  of  the  first 
protuberance-flat  plate  juncture.  For  the  standard  flew  condi- 
tions this  station  was  taken  at  x = 72.90,  where  the  initial 
profiles  were  obtained  from  a noninteracting  calculation  to 
correspond  to  the  boundary  layer  as  it  develops  along  the  wall 
of  the  UPWT  Langley  Wind  Tunnel  [11].  The  details  concerning 
the  calculation  of  the  initial  profiles  are  described  in 
Appendix  3.  The  interacting  algorithm  was  subsequently  employed 
between  this  initial  station  and  a downstream  station  past  the 
last  protuberance.  The  problem  was  first  formulated  and  solved 
in  the  customary  surface  coordinates.  It  turned  out  that  the 
geometry  extremes  make  the  use  of  the  Cartesian  coordinates 
version  of  the  boundary  layer  equations  mere  reasonable.  The 
results  of  the  calculations  shown  here  ’•-•ere  performed  with  a 
longitudinal  stepsize  lx  = 0.02,  and  a 55  point  grid  across  the 
boundary  la^er. 


i 
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Examples  from  the  calculated  results  are  presented  for  flow 


i 

over  a train  of  up  to  six  waves,  for  Mach  numbers  M = 2.5  and 

3.5,  for  Reynolds  numbers  Re^  = 10.82  x 10^/m  and  32.46  x 10^/m 

and  for  wall  to  total  temperature  ratios  T /T  =0.40  and  0.81. 

w o 

i 

Figure  4 shows  the  contour  of  a train  of  six  waves,  the 
displacement  body  and  the  viscous  and  inviscid  pressure  distri- 
butions for  the  standard  flew  conditions.  The  difference  in  rhe 
inviscid  and  viscous  pressures  dramatically  shows  the  effect  and 
need  for  interaction.  The  pressure  is  calculated  from  an 
approximation  to  the  Prandtl-Meyer  relation,  accurate  to  second 
order  in  flow  inclination  angle.  The  inviscid  pressure  is 
calculated  using  the  local  body  slope,  whereas  the  viscous 
pressure  is  obtained  by  using  the  slope  of  the  displacement 
body  (=  ^ = yw  + S).  The  difference  in  the  viscous  and  inviscid 
pressure  is  due  to  the  difference  in  amplitudes  of  the  actual  (yw) 
and  displacement  (S_)  body.  It  is  interesting  to  observe  that  the 
viscous  pressure  is  almost  periodic  even  though  the  average 
displacement  thickness  decreases.  Figure  5 shows  with  the 
distribution  of  pressure  the  corresponding  distribution  of 
surface  heat  transfer  and  skin  friction  at  the  same  base  flow 
conditions.  The  pressure  peaks  and  peaks  in  heating  occur  at 
about  the  same  location  ahead  of  the  body  surface  peak.  The 
peak  in  skin  friction  is  shifted  in  the  opposite  direction. 

While  the  pressure  distribution  is  nearly  periodic,  the  heating 
levels  and  the  skin  friction  peaks  rise  in  the  downstream 


study  [3]  of  thin  laminar  flew  over  a train  of  sine-waves,  where 
the  peaks  in  heating  decreased  rapidly  in  the  streamwise  direction. 
Figure  6 points  out  the  fact  that  the  local  value  of  the  surface 
parameters  is  almost  unaffected  by  the  presence  of  additional 
downstream  disturbance  for  turbulent  boundary  layers  (compare 
also  Figures  5 and  6).  Simply,  downstream  waves  have  little 
upstream  influence  and  the  problem  seems  localized.  Heating 
levels  aft  of  waves  grow  as  the  number  of  waves  increases,  but 
the  downstream  skin  friction  is  unaffected  by  the  number  of  waves. 

To  demonstrate  the  effect  on  surface  properties  due  to  Mach 
number,  wall  temperature,  and  Feynolds  number,  three  additional 
cases  are  shown  in  Figures  7A,3  through  9?,B.  The  increase  of 
Mach  number  (Figures  7A,B)  from  2.5  to  3.5  causes  a decrease 
in  the  ratio  of  h /h-  . As  in  the  standard  flow  case, 

the  location  which  the  first  wave  was  placed  was  chosen  in  such 
a way  that  the  flat  plate  boundary  layer  displacement 
thickness  was  about  the  same  as  in  the  experimental  study  of 
reference  [11] . 

The  lowering  of  wall  temperature  to  Tw/T0  = 0.40  (Figures  8?  ,3) 

shows  a similar  trend  in  li  /h-  as  for  the  increase  in  Mach 

max  r.p. 

number.  But  the  absolute  rate  of  surface  heating  is  much  higher 
than  in  the  previous  case.  Interestingly,  the  h/h-  curve  is 

£ • p • 

smoother  here  than  in  other  cases. 

Lastly,  an  increase  in  Reynolds  number,  shown  in  Figures  9A,3 
is  seen  to  cause  a slight  increase  in  the  ratio  of  peak  heating. 


An  interesting  aspect  of  the  present  results  is  the  location 
of  the  peaks  in  pressure,  heat  transfer  and  shear.  The  present 
predictions  show  the  peaks  in  pressure  and  heating  to  occur  at 
about  the  sane  location.  This  is  in  agreement  with  experimental 
observations  [11]  . The  location  of  the  peak  pressure  in  the 
present  results  is  shifted  to  the  right  of  the  location  of  the 
inviscid  peak  pressure  location  (at  v : 0)  by  a phase  ancle  of 
about  60°.  Theoretical  studies  by  Inger  and  Williams  [12]  and 
by  Lekoudis  et  al.  [13]  predict  such  a shift.  Data  from  these 
studies  given  up  to  M = 2.0  show  a shift  to  the  left  which  drops 
off  quickly  towards  zero  at  Mm  ~ 2 . It  is  therefore  possible 
to  expect  a phase  angle  in  the  opposite  sense  for  M > 2,  as  is 
the  case  in  present  results.  The  maximum  wall  shear  location 
obtained  from  present  calculations  is  shifted  to  the  right  of  the 
peaks  in  pressure  and  surface  heating  by  about  60°.  According 
to  theoretical  predictions  [13]  qualitatively  such  a shift  is 
expected.  Experimental  data  available  at  the  same  flew  conditions 
[11]  show  a periodic  trend  in  surface  pressure  as  well  as  in 
the  surface  heating  distribution.  The  periodic  trend  in  surface 
pressure  is  observed  also  in  the  present  predictions. 

Pressure  and  heating  distributions  between  the  second  and 
third  peak  are  compared  to  the  experimental  data  [11]  for  Mach 
numbers  2.5  and  3.5  in  Figure  7B.  While  the  heating  dis- 
tributions in  the  experiments  of  reference  [11]  are  nearly 
repetitive  ever  consecutive  waves,  the  present  predictions 
show  a continuous  increase  over  the  length  of  the  waves.  More 
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though  that  in  the  experimental  study  there  is  also  indication 

that  separation  occurs,  while  a lack  of  separation  is  observed 

in  the  analytical  results  of  Figure  5.  The  cause  of  this 

disagreement  is  not  certain  but  it  could  v/ell  be  due  to  our 

choice  of  turbulence  model  or  in  the  fact  that  the  present 

calculations  do  not  simulate  well  enough  all  the  test  conditions 

(three-dimensional  effects  or  boundary  layer  development  on  the 

tunnel  wall) . Note  the  calculated  boundary  layer  displacement 

thickness  of  the  initial  profile  at  station  x = 72.90  is 

2.86  cm,  close  to  the  value  given  in  reference  [11].  However 

the  predicted  surface  heating  value  at  this  station  is  too  high 

when  compared  to  experimental  data  of  reference  [11]  (The 

2 2 

predicted  value  is  h^  =96.5  watts/m  °K  vs  62.5  watts/m  °K 
in  experiments).  Other  prediction  methods  also  typically  over 
predict  to  about  the  same  level  the  heat  transfer  rates  for 
boundary  layers  developing  along  the  wind  tunnel  walls  [14] 
thus  indicating  that  some  final  adjustments  may  be  needed  in 
the  turbulence  model  for  these  flows. 

While  the  present  prediction  method  has  in  a certain  way 
accounted  for  the  boundary  layer  displacement  effect  by  using 
the  interacting  boundary  layer  equations,  the  effect  of  surface 
curvature  was  neglected.  The  curvature  effect  in  turbulent 
flews  has  been  summarized  in  a comprehensive  monograph  by 
Bradshaw  [15]  . It  has  been  found  that  even  in  cases  when  the 
longitudinal  surface  curvacure  is  accounted  for  in  the  governing 
equations  the  predicted  surface  aerodynamic  parameters  (surface 
heating,  wall  shear)  still  deviate  considerably  from  the 
experimental  data.  Aoparentlv,  the  stream, line  curvature  has  an 
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effect  on  the  turbulence  structure  not  included  in  the  existing 
turbulence  models.  Bradshaw  therefore  proposed  a simple 
correlation  scheme  applicable  to  turbulent  flows  with  not  too 
large  streamline  curvature.  For  the  simplest  equilibrium  model 
used  in  the  present  work  this  correction  consists  of  multiplying 
the  mixing  length  by  a factor  f = 1 +ae/(3u/3y),  where  e = 3v/3x 
is  the  extra  rate  of  strain  induced  by  the  streamline  curvature 
(and  3u/3y  is  the  mean  rate  of  strain) . This  correction  is 
recommended  for  only  0.5  5 f S 1.5.  The  constant  a is  of 
order  10.  Eecause  of  the  time  lag  between  the  first  appearance 
of  the  curvature  and  its  full  effect  on  turbulence  the  effective 
value  of  ae  is  calculated  from  the  lag  equation 


104  I? 


= a e - 

o er : 


(29) 


where  5 is  the  boundary-layer  thickness,  and  the  constant  ao  is 
taken  to  be  10.  This  idea  has  been  implemented  here  for  the 
standard  test  case  by  evaluating  3v/3x  along  a streamline  at 
each  station  x.  It  was  then  assumed  that  this  is  a representative 
value  for  all  values  of  y at  this  station.  The  6 was  taken  to 
correspond  to  station  x = 73.20.  The  case  with  base  flow 
conditions  was  recalculated.  It  was  found  that  a streamline 
had  to  be  chosen  in  the  lower  part  of  the  inner  layer  (passing 
the  21st  grid  point  at  x = 73.20)  in  order  not  to  violate  the 
condition  0.5  f f f 1.5.  The  results  of  this  calculation  are 
shown  in  Figures  1QA,B.  Observe  that  the  peaks  in  h/h^  „ and 
Cc  are  new  lower  and  slightly  dropping  along  the  wail.  A 
comparison  between  the  detailed  distribution  of  the  surface 
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heatinc  calculated  with  and  without  the  curvature  correction 


and  against  the  experimental  data  is  shown  in  Figure  10b.  The 
comparison  with  experiments  is  now  more  favorable  on  the 
compression  side  of  the  wave.  Recall  however  that  in  the  wine, 
tunnel  tests  the  boundary  layer  was  separated. 

To  examine  the  effect  of  separation  on  the  character  of 
the  heating  distribution  and  also  to  demonstrate  the  capability 
of  the  method  to  solve  multiple  separation  regions,  calculations 
without  curvature  correction  were  performed  with  the  base 
flow  condition  'ut  for  a boundary  layer  developed  along  a flat 
plate  up  to  the  junction  point  x = 24.30  (Figures  11A,3) . 

It  is  noticed  (Fig.  113)  that  when  compared  to  the  unseparated 
case,  the  heating  values  are  lower  on  the  expansion  side  of 
the  wave.  Flow  separation  occurred  in  this  case  due  to  the 
different  history  and  also  because  of  the  larger  pressure 
gradients:  the  ratio  6/a  is  here  smaller  than  for  the  standard 

case  and  therefore  the  slope  of  the  total  displacement  body 
steeper.  This  is  even  more  apparent  for  a relatively  very  thin 
boundary  layer.  Figure  12  shews  the  results  from  a calculation 
performed  at  the  same  flow  condition  as  in  Figure  11,  except 
that  junction  of  the  flat  plate  and  the  first  protuberance 
was  moved  forward  to  x = 3.3  and  the  wave  height  was  reduced  to 
one-half  of  the  previous  value.  Larger  pressure  gradients  and 
separation  regions  now  appear  closer  to  the  center  of  the 
valleys  are  observed.  Again,  the  peak  heating  rates  grew  m 
the  streamwise  direction. 
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In  reference  [11]  it  was  found  that  unlike  for  thin  boundary 
layers,  the  peak  heating  rates  were  insensitive  to  the  wave 
amplitude.  To  examine  this  question  a set  of  calculations 
were  performed  for  different  ratios  of  wave  amplitude  to  wave 
length,  a/w.  According  to  the  present  predictions  the  heating 
rates  change  considerably  with  the  amplitude  even  for  the 
thick  boundary  layers  (Figs.  13A,3).  For  both  thick  and  thin 
boundary  layers  the  peak  heating  values,  (h/hc  _ ) .,  :e 

plotted  in  Figure  14.  The  present  predictions  sho w similar 
behavior  for  both  thin  and  thick  boundary  layers:  a stronger 
than  linear  increase  in  peak  heating  with  the  increase  of 
wave  amplitude . Note  that  the  curvature  effect  on  turbulence 
was  not  accounted  for  in  the  results  shown  in  Figures  13 
and  14.  The  larger  curvatures  corresponding  tc  higher  amplitude 
waves  probably  amplify  the  predicted  trend  observed  in 
Figures  13  and  14. 
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CONCLUSIONS 

A numerical  method  capable  of  handling  multiple  interacting 
flow  regions  was  adapted  to  the  problem  of  thick  turbulent 
boundary  layer  over  a wavy  wall. 

The  results  of  calculations  presented  in  terms  of  surface 
pressure,  skin  friction,  and  heat  transfer  distributions  disclose 
features  distinctly  different  from  the  laminar  case.  The 
present  results  show  a shift  in  the  location  of  the  viscous 
pressure  peaks  relative  to  the  peaks  in  the  inviscid  pressure 
and  to  the  peaks  in  the  wall  shear.  These  phase  shifts  are 
in  qualitative  agreement  with  theoretical  predictions  based 
on  small  disturbance  theory.  The  location  of  peaks  in  viscous 
pressure  and  heat  transfer  coincide,  and  the  longitudinal 
pressure  variation  is  periodic.  This  is  in  agreement  with  the 
experimental  data.  The  experiments  also  shew  periodicity  in 
surface  heating  distribution,  while  the  present  results  predict 
a continuous  increase  in  heating  indicating  a possible  weakness 
in  the  turbulence  model  for  a surface  with  rapidly  varying 
curvature.  A semi-empirical  modification  of  the  eddy  viscosity 
model,  intended  to  account  for  the  longitudinal  curvature 
effect,  aligns  the  predictions  closer  to  the  experimental  data. 

It  is  recommended  that  future  work  be  carried  out  with  a more 
accurate  turbulence  model,  and  that  a more  optimal  coordinate 
system  be  adopted  for  this  problem. 
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APPENDIX  A 


GRID  SIZE  EFFECT  ON  ACCUP-ACY 

The  objective  is  to  assess  the  accuracy  of  the  predicted 
surface  boundary  layer  characteristics  from  the  standpoint  of  the 
normal  mesh  size.  The  very  thick  turbulent  boundary  layer  as 
produced  on  the  wall  of  the  UPWT  Langley  tunnel  is  of  interest 
here.  The  boundary  layer  calculation  is  carried  out  as  an 
non-interacting  2-D  laminar-tr ansitional-turbulent  boundary 
layer.  The  corresponding  pressure  gradient  is  calculated  from 
the  Mach  number  distribution  given  in  Appendix  B. 

The  free  stream  conditions  in  the  test  section  are:  M = 

co 

2.535,  Re  /cm  = 1.08  x 105,  T = 314°R,  T /T  = 0.81  and  p = 

199  psf.  And  ?r  = 0.72,  Prm  = 0.9  were  taken.  The  calculation 
commences  at  s = 0.3  with  a laminar  boundary  layer,  which 
becomes  fully  turbulent  at  s = 2.1  (As  = 0.1).  The  Mach  number 
becomes  constant  at  s = 40.60.  The  implicit  finite-difference 
method  (Flugge-Lotz-Blottner-Davis ) w ith  non-uniform  grid  size, 
varying  according  to  a geometric  progression  lav,  is  employed. 

The  truncation  error  in  this  type  of  calculation  is 
proportional  to  the  quantity  (n.  . - 2 n . + n = An  . - An.,, 

ar.d  therefore  in  general  not  second  order  accurate.  Blottner 
has  shown  [10]  that  in  terms  of  a transformed  variable,  N = N(n), 

where  the  coordinate  N is  obtained  by  coordinate  stretching 

2 

such  that  AM  is  uniform,  the  error  is  of  order  AN  . 3lottner 
substantiates  his  conclusion  by  a set  of  calculations  using  the 
transformation 

N./AN  1/AN 

= ^(K  : - U/CK  ° - 1)  , 
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where  j = 1,  2,  . ..,  J = jIrax  = number  of  grid  points, 

N.  = (j-l)/(J-l),  K = An,  ./An  . , , and  AN  = constant. 

J J J C 

A similar  type  of  transformation,  corresponding  to  the 
geometrical  variation  of  An^  is  also  employed  here: 

N./AN  1/AN 

n.  = r,  T(K  3 - 1)/(K  - 1) 

J J 


where  AN  = 1/(J-1)  and  K = Kq  (=  1.12)  does  not  vary  wi ' 


Since  the  local  truncation  error  is 


ni+l  • 2ni  + ni-l  = ( 


3-1  3N2' 


IN2  + 0(AN4) 


.2  ,„.r2  nJ  ,1  v 2 Ni/AN 

3 n/:lN  “ 1/AN  _ ' AN  lnKo)  K0 

o 


we  get 


E.  - (InK  ) K 
j o o 


2 N./AN 


W(Ko 


1/AN 


- 1)  . 


At  a fixed  grid  location  j (N^/AN  = j-1) , and  for  a large  1/AN 
the  error  should  be  therefore  plotted  versus  K 

A set  of  calculations  was  carried  cut  with  J = 80,  85,  90, 


95,  100,  125  and  150  for  K =1.12  and  two  values  of  i, 

o J 

(nT  = 352  and  200).  For  the  station  s = 54.0  (a  location  on 
the  straight  section  of  the  tunnel  wall)  the  wall  heat 


transfer  parameter  (3cr/3n)  is  shown  in  Figure  2? . 

w s 

As  the  error  term  suggests,  the  error  decreases  with  decreasing 


of  n , and  dIo 
max 


ts  linearlv  with  K 2/ 


as  AN  - 0.  It  is  also 


observed  that  the  two  point  formula  [10]  (used  in  conjunction  with 


the  governing  equations  evaluated  at  the  wall)  for  evaluating 


(5g/3n)w  gives  better  results,  especially  at  the  excessive  value 
of  n 

max 

In  a second  set  of  calculations  the  value  of  K was  varied 
together  with  J in  a specified  way: 

K = KQm  ; (J-l)m  = JQ  - 1 

Here  K * 1.12,  m = positive  integer,  J = 109,  nT  = 200.  We 

O O J 

take  nt  = 1,  2,  3 or  4 , so  that  J = 109,  55  , 37  or  28. 

Then , 

mN  ./AN  m/AN 

"j  - "j<K0  3 ' 1)/(Ko  ' 11  ' 


AN  = 1/(J-1)  = n/(J  -1)  = mANQ 


n 


j 


n,(K, 


(Jo-DNj 


1/  AN 

1)/(K0  ° - 1) 


Thus  the  transformation  is  independent  of  AN  and  the  error 

2 

term,  as  in  reference  [10],  is  now  proportional  to  AN  . This 
is  exhibited  in  Fig.  2B  where  the  variation  of  the  surface  heat 
transfer  parameter  at  station  s = 54.0  is  plotted  for  values 
J = 109,  55,  37  and  28  (compare  with  Figure  2a) . These  calculations 
were  performed  by  first  setting  Kq  = 1.12  and  J = JQ  = 109 
for  0.3  <_  s <_  44.3.  At  s = 44.3,  every  2nd,  3rd  or  4th  grid 
point  value  was  used  (corresponding  to  m = 2 , 3 or  4)  and  the 
calculation  marched  (with  the  new  value  J = 55 , 37  or  28  and 
K = Knffl)  past  station  44.3. 


In  summary,  31ottner's  interpretation  of  the  accuracy  of 
the  variable  grid  size  was  extended  by  showing  that  the  error 


term  of  the  numerical  scheme  varies  linearly  with  the 
inverse  square  of  the  number  of  grid  spacings,  (J-l) , when  K 
and  J are  varying  in  a specified  way,  but  also  plots  linearly 
with  the  inverse  exponential  of  (J-l)  when  K is  fixed. 


APPENDIX  B 


INITIAL  PROFILES  FOR  THICK  BOUNDARY  LAYERS 


A major  aim  of  the  present  research  project  was  to  align 
numerical  predictions  for  flow  of  thick  turbulent  boundary-layers 
over  a wavy  wall  with  the  experimental  program  of  reference  [11] . 
For  this  reason  a set  of  calculations  were  first  performed  for 
the  boundary  layer  as  it  develops  along  the  wall  of  the  UPWT 
Langley  Tunnel.  The  boundary- layer  calculation  was  carried  cut 
as  a non-interacting  two-dimensional  laminar-transiticnal- 
turbulent  boundary-layer  developing  from  ahead  of  the  nozzle 
throat  under  a favorable  pressure  gradient.  In  the  supersonic 
region  downstream  of  the  throat  the  pressure  distribution  was 
calculated  from  the  sidewall  Mach  number  distribution , using 
isentropic  relations.  The  Mach  number  distribution  was  obtained 
from  a characteristics  net.  From  these  data  a cubic 
representation  for  M was  assumed  of  the  form 


M = Mt  - K1  (1 


where  = test  section  Mach  number  at  s = s^.  The  above 
polynomial  representation  satisfies  the  condition  dM/ds  = 0 
at  s = sm.  At  the  location  s 


of  the  first  characteri 

Stic  near 

estimated  to  be  M 

= 1. 

11.  The 

Zl 

.1  from  s to  s_  is 

a 

39 . 6 

('  20  fn } 

nstrean  of  s , the 

number 

CL 

s . = 9.36  and  s„  = 

* r-  c 
nlj  . 0 

. Using 
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these  values,  the  constants  and  can  be  determined.  For 
K^,  > 0 and  1 (which  is  the  case  here)  the  polynomial 

representation  given  above  yields  monotomically  increasing 
Mach  number.  The  subsonic-transonic  section  of  the  tunnel  was 
also  assumed  to  be  represented  by  a cubic  polynomial 


M = M.  + C,  (1  - |-)  (1  - C-  §-) 

i r S;L  z si 


with  the  following  properties: 


At  s = s^  = 0.3,  M = and  dM/ds  = 0 . 


At  s = s , M=M  =1.11  and  ^ 

o a cs  \ds 


Three  different  values  for  M.  were  chosen:  0.01,  0.03  and  0.03. 

It  turned  out  that  the  boundary  layer  development  downstream  of 
the  throat  was  not  sensitive  to  these  initial  values.  Taking 
M.  = 0.03,  a boundarv  layer  calculation  was  oerformed  for 

i - 

0.3  <_  s _<  97.4  with  boundary  layer  profiles  punched  on  IBM  cards. 
(At  s = 40.6  the  Mach  number  becomes  constant  on  the  side  wail; 
at  s 30.6  the  straight  section  begins.)  These  profiles  were 
used  as  initial  data  for  the  interacting  thick  turbulent  boundary 
layers.  The  table  below  gives  the  calculated  boundary  layer 
disolacement  thickness  distribution  alone  the  constant  Mach  number 


section  of  the  UPWT 

Langley  t 

un.nei  wall  at  ten 

stations , 

for 

>!_  5 M = 2.52,  T = 

JO  X 

174. 4°K, 

7 /T  = 0.31,  Re 
w o * 

— IQ . S2 

x 10  /it, 

Pr  * C . 72  and  ?r„  = 

0.90. 
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43.6  52 
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.6  6 3.6 
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Figure  2 A ACCURACY  STUDY  OF  WALL  HEATING  LEVEL 


441 


442 


Fiourp  2R  ACCURACY  STUDY  OF  WAI. 
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ITERATION  NUMBER 

Figure  3A  CONVERGENCE  PROPERTY  OF  SKIN 

FRICTION 
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Figure  3B  SURFACE  PROPERTIES  FOR  ONE 

PROTUBERANCE 


DISPLACEMENT  BODY  AND  SURFACE  PRESSURE  - STANDARD 


Figure  * FURFACF  PRQPFRTIFS  - STANDARD  CASF 


Figure  6 DOWNSTREAM  EFFECT  ON  SURFACE 

PROPERTIES 


Figure  7A  MACH  NUMBER  EFFECT  ON  SURFACE  PROPERTIES 
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Figure  7B  MACH  NUMBER  EFFECT  ON  SURFACE  PROPERTIES 


Reoo/m  = 10  8 * 10 


REYNOLDS  NUMBER  EFFECT  ON  SURFACE  PROPERTIES 


CURVATURE  CORRECTION  EFFECT  ON  SURFACE  PROPERTIES 


CURVATURE  CORRECTION  EFFECT  ON  SURFACE  PROPFRTIE 


SURFACE  PROPERTIES  - SEPARATED  THIN  BOUNDARY  LAYER 


EFFECT  OF  WAVE  HEIGHT  ON  SURFACE  PROPERTIES 


EFFECT  OF  WAVE  HEIGHT  ON  SURFACE  PROPERTIES 


Figure  14  MAXIMUM  SURFACE  HEATING  AT  THIRD  PEAK 


COMMENTS  ON  INTERACTION  BETWEEN  THEORETICAL  AND  EXPERIMENTAL 


WORK  ON  THE  DEA  TOPICS 

Alfred  Walz 

1 . Introductory  Note 

Research  goals  are  in  general  assumed  to  be  reached  if  the 
results  of  theoretical  and  experimental  findings  agree 
within  acceptable  accuracy  limits.  Here,  an  important 
question  arises: 

Which  of  both  results  is  the  most  reliable  one? 

There  are  examples  available,  where  this  question  can  not 
be  answered  clearly.  But  the  following  statement  seems  to 
have  general  validity,  basing  upon  a recently  published 
"Survey  of  Computational  Aerodynamics"  in  the  US  /4/: 

If  all  flow  configurations  would  keep  the  laminar  state, 
experimental  justification  of  theoretical  results  would  no 
more  be  needed  in  the  near  future. 

Since  High- REYNOLDS -Number -Flow  conditions  are  dominating, 
transition  to  turbulent  flow  is  probable.  Hence,  an  appro- 
priate combination  between  theoretical  and  experimental 
research  efforts,  as  outlined  in  the  following  chapter,  will 
be  needed,  at  last  during  the  next  decade. 
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A possible  procedure  of  research  within  the  near  future 


It  is  well  known  that  any  research  on  Technical  Sciences 
Regimes,  like  Thermof luiddynamic , Aerodynamics , was  for- 
merly started  from  experimental  observations  and  their 
evaluation,  with  the  aim  to  find  generalizing  laws.  This 
"prehistorical " period  of  research  is  automatically  advan- 
cing to  a more  or  less  complete  termination,  if  the  inter- 
polating or  generalizing  laws  are  recognized,  formulated 
and  proved  to  be  the  physically  basic  laws  cf  the  Mechanics 
of  Continua  and  Thermodynamics.  In  this  ideal  case,  indeed, 
no  additional  empirical  information  is  needed  to  solve 
practical  problems  with  arbitrary  boundary  and  starting 
conditions . 

The  research  tasks  then  are  shifted  from  the  physical  to 
a pure  mathematical  domain:  a set  of  partial  differential 
equations  in  three-dimensional  and  time-dependent  form, 
mostly  non-linear,  has  to  be  solved  simultaneously.  Hence, 
to  be  successful  in  the  "theoretical"  research  of  this 
kind,  high  skillness  in  numerical  mathematics  and  in  using 
computer  facilities  is  preferably  required. 

It  is,  indeed,  surprising  how  many  complicate  flow  configu- 
rations and  phenomena  could  be  completely  described  without 
any  empirical  input.  See  for  instance  the  paper  presented 
at  this  meeting  by  Mrs.  J.W.  SCHOT. 

Unfortunately,  such  complete  freedom  from  empirical  inputs 
is  reachable  only  in  the  case  of  pure  laminar  flow  with  the 
molecular  viscosity,  heat  conductivity,  density  as  known 
functions  of  temperature  and  pressure. 

Realistic  flows,  however,  are  mostly  characterized  by  high 
REYNOLDS -Numbers  which  means  that  transition  to  Turbulent 
Flow  Pattern  is  very  probable  to  occur,  mainly  in  flow 
regions  with  high  vorticity  production,  i.e.  near  solid 
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surfaces-  Though  this  turbulent  flow  motions  are  also 
governed  by  the  basic  laws  of  the  mechanics  of  continua, 
the  above  mentioned  procedure  of  numerical-mathematics  is 
not  feasible  (up  to  the  present  time)  mainly  by  reasons  of 
restricted  storage  and  processing  time  requirements  of  the 
currently  available  computer  systems. 

In  view  of  urgent  actual  projects,  where  "Viscous  and  Inter- 
acting Flow  Field  Effects"  are  present  and  coupled  with 
turbulent  boundary  layers  and  other  types  of  shear  layers, 
a large  gap  of  empirical  information  about  Turbulent  Flow 
Effects  has  to  be  closed  by  a "Long-Range,  Professional 
Quality  Experimentation"  /I/.  Prediction  methods  for  flow 
simulation  in  the  presence  of  turbulence  have  to  be  deve- 
loped by  "intelligent"  consideration  of  available  empirical 
informations  in  connection  with  numerical  solutions  of 
basic  flow  equations.  Hence,  an  appropriate  balance  between 
theory  and  experiment  must  be  practiced,  which  cannot  be 
denoted  as  a turn-back  to  a prehistorical  period  of  research. 

Fortunately,  the  high  REYNOLDS-Number  conditions  in  modern 
high-speed  Aerodynamics  are  generating  not  only  the  mentio- 
ned complications  for  theoretical  treatments  due  to  the 
occurrence  of  turbulent  phenomena,  but  permit  also  signifi- 
cant simplifications; 

1)  For  attached  flow  regions  PRANDTL 1 s Boundary  Layer  Con- 
cept is  revalidated  against  the  more  general  NAVIER- 
STOKES  Concept  and  all  former  progress  in  prediction 
methods  for  laminar,  turbulent,  compressible,  chemically 
reacting,  three-dimensional,  time-dependent  boundary 
layers  may  be  used.  However,  the  pressure  distribution 
along  the  attached  flow  surface  region  must  be  consi- 
dered  as  known. 


2)  Separated  Flow  Regions  (Dead-Water-Bodies)  may  be  con- 
sidered as  quasi-solid  parts  of  the  flow  configuration 
which  are  strongly  influencing  the  pressure  distribu- 
tion at  the  f ully-solid  portion  of  the  flow  configura- 
tion I'll , / 3/  and,  with  this,  also  the  attached  flow 
boundary  layer  development.  The  dead -water -inside  part, 
however,  may  be  considered  as  quasi-vortex  (Turbulence) - 
free  (see  /2/) . 

3)  PRANDTL's  simplifying  Boundary  Layer  Concept  is  entering 
into  the  prediction  method  scheme  also  in  a second  way: 
the  over-all  flow  field  is  divided  in  a quasi-vortex- 
free  part,  including  dead-water  regions  and  in  the  pure 
and  classical  boundary  layer  part,  as  the  only  flow  re- 
gion where  transition  from  laminar  to  turbulent  flow  may 
occur . Hence,  the  calculation  of  the  solid  surface  pres- 
sure distribution  is  in  principle  reduced  to  a problem 
of  a non-viscous  flow  around  a three-dimensional  body 

of  arbitrary  shape.  Prediction  methods  for  this  problem 
(Panel-Methods)  are  available  and  classical. 

The  body  shape,  as  argued  above,  has  to  include  dead-water- 
parts  and  - last  but  not  least  - for  a lifting  body  also 
vortex  formations  due  to  the  circulation-phenomena.  Hence, 
the  body-shape  is  not  completely  known  in  advance  but  has 
to  be  determined  by  iteration  between  "Quasi-Non-Viscous 
Flow-Theory"  and  boundary  layer  flow  results  including  the 
prediction  of  flow  separation  lines.  This  means  that  this 
iteration  process  must  be  checked  by  an  - at  least  avera- 
ged - solution  of  the  3D-NAVIER-ST0KES  equations. 

From  the  above  rough  description  of  the  present  possibili- 
ties of  predicting  "Viscous  and  Interacting  Flow  Field 
Effects"  by  pure  theoretical  (numerical-mathematics)  means 
we  must  end  up  with  the  following  CONCLUSIONS: 
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1 ) The  occurrence  of  turbulence  at  realistically  high 
REYNOLDS-Numbers  involves  all  well  known  difficulties 
and  uncertainties  in  the  prediction  of  turbulent  flow 
pattern. 

2)  The  occurrence  of  flow  separation  in  the  case  of  lifting 
bodies  forces  to  apply  an  iteration  procedure  between 
PRANDTL’s  Boundary  Layer  Concept,  non-viscous  over-all- 
flow conditions  and  final  check  with  a simplified 

3 D-NAVIER- STOKES -Concept . 

3)  For  the  near  future  an  appropriate  balance  between  theo- 


retical and  experimental  efforts  must  be  practiced. 


3.  Final  Remarks 


The  research  work  in  the  starting  period  of  the  present  DEA 
(about  10  years  ago)  was  substantially  simplified  by  the 
restriction  of  all  theoretical  and  experimental  work  to 
non-separating  flows,  hence,  to  PRANDTL 1 s real  Boundary 
Layer  Concept.  The  success  in  a complete  theoretical  treat- 
ment of  the  two-dimensional  case  including  strong  flow 
separation  and  interaction  with  the  boundary  layer  flow  /3/ 
gave  clear  directions  for  treating  the  three-dimensional 
lifting  body  case.  The  tremendous  increase  of  difficulties 
on  the  computational  field  (numerical  instabilities,  large 
computer  times  and  expenses),  however,  was  underestimated. 

However,  recent  experiences,  supported  by  a Survey  of  Com- 
putational Aerodynamics  in  the  USA  by  A.  GESSOW  and  D.J. 
MORRIS  /4/  sound  very  encouraging  with  regard  to  the  future 
chances  of  progress  in  theoretical  simulations  on  the  aero- 


dynamics field,  including  turbulence  and  separation: 
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Figure  1 . - Trends  of  computer  speed 
(Fig.  46  from  /4/) 
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Figure  2.  - Comparison  of  accuracy  of  wind  tunnel  testing  and 
computer  simulations 
(Fig.  1 from  /4 / ) 

The  realization  of  "LONG-RANGE,  Professional  Quality  Ex- 
perimentation" is  a question  of  man-power  and  financing. 
The  same  is  true  for  flow  simulation  by  computer  proces- 
sing . 

Which  way  will  be  the  most  accurate  and  economic  one? 

From  Fig  1 and  2 we  may  learn  that  this  question  will  per- 
mit an  answer  within  the  next  3 to  5 years. 
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Closing  Remarks 


by  K.-H.  Gronau 

German  Federal  Ministry  of  Defense 


During  these  two  days  of  our  common  work  we  succeeded  in 
pointing  out  the  present  state  of  research  and  its  main 
directions  of  work.  It  has  been  attempted  in  many 
presentations  and  discussions  to  depict  and  sound  the 
information  obtained  in  the  field  of  research  and  the 
various  fields  of  application.  Therefore,  the  meeting 
probably  has  fully  coped  with  its  main  task,  the  exchange 
of  data  and  special  knowledge.  In  particular,  I hope  and 
wish  that  individual  participants  have  been  able  to  receive 
new  suggestions  and  impulses  for  their  future  work. 

According  to  the  proposal  of  Dr.  Stock  from  the  firm 
Dornier-System  our  next  meeting  should  be  take  place  at 
Meersburg  on  the  end  of  April  1978.  Meersburg  is  a 
beautiful  castle  on  the  shore  of  lake  of  Konstanz  in 
southern  Germany. 

We  must,  all  of  us,  thank  the  organizers  for  the  prepa- 
rations and  the  troublesome  spade-work  for  implementing 
the  extensive  program  of  presentation. 

Not  last  our  thanks  are  dure  to  all  lecturers,  chairman 
of  the  discussions  and  the  speakers  who  by  their 
presentations  and  discussions  have  essentially  contributed 
to  the  success  of  this  meeting. 
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Closing  Remarks 


by 

Anthony  W.  Fiore 

Air  Force  Flight  Dynamics  Laboratory 
Wr ight-Patterson  Air  Force  Base,  Ohio 

Gentlemen,  we  have  reached  the  end  of  another  productive  D.E.A. 
meeting.  The  technical  information  produced  in  this  meeting  will  be 
useful  to  both  our  nations.  The  results  will  be  published  in  the 
Proceedings  as  soon  as  possible.  I hope  that  we  can  get  them  out 
sooner  this  year  than  we  did  previously.  Once  again  I want  to  thank 
everyone  for  your  participation  and  I hope  to  see  all  of  you  at  our 
1979  D.E.A.  meeting  which  will  be  in  Fredrichshafen , Germany.  The 
sponsor  will  be  the  Dornier  Aircraft  Corporation.  Thank  you. 


